
Mechanical Study of an Aircraft’s Structural Condition

Tiago Martins
tiago.r.martins@tecnico.ulisboa.pt
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Abstract

The purpose of this paper is the estimation of the Fatigue Lifetime of the Portuguese Air Force’s
Epsilon TB-30 aircraft, by strain analysis on critical components of the aircraft. The experimental
studies and knowledge of aircraft loads was used to reverse engineer a suitable Finite Element Model
of the structure, from which the stress fields in previously identified structural hotspots were retrieved.
Cumulative damage on the structure is calculated for reference loading spectra using the Palgrem-Miner
rule and suitable fatigue criteria. The Stress Intensity Factors at the critical component’s notched
geometry were estimated using two different approaches: the Finite Element and Extended Finite
Element Methods from ABAQUS. Crack propagation was then modelled using several laws (Paris,
Walker, NASGRO, Forman). A comparison between the two numerical methods and the results of
the several propagation laws are presented. Parameters for the various equations for AA 2024-T3 are
obtained through the fitting of prior experimental data. Lastly, it was suggested new scheduling of
maintenance activities to adjust the manufacturer’s spectrum results to the loading conditions of the
aircraft.
Keywords: Fatigue, Crack propagation modelling, XFEM, Structural Health Monitoring

1. Introduction

The Epsilon TB 30 fleet is used by the Portuguese
Air Force (PoAF) for pilot training. These are tan-
dem, two-seater, low wing aircraft with retractable
landing gear and were acquired by PoAF in 1987.

The aircraft was designed with no specific re-
quirements for useful life. For this reason, the man-
ufacturer Socata performed real scale tests on these
planes at the Aeronautics Test Centre of Toulouse
(CEAT) in 1996 using load spectra acquired from in
service monitoring of the load factor from vertical
acceleration data.

These tests resulted in a recommendation of first
inspection of aircraft components to happen for a
operation time of 12400 Flight hours (FH) with oth-
ers to follow at an interval of 4000 FH between in-
spections.

The research project SHM TB-30 (methodology
and tools for assessing the structural health and
life extension of aircraft), supported by P2020 with
partners: Critical Materials, PoAF and Instituto
Superior Técnico consists on the development of a
data analysis system through the implementation
of advanced tools for the evaluation of the struc-
tural condition of a fleet of aircrafts. The monitor-
ing of its operation and structural behaviour will
be used to optimize the plane’s maintenance pro-
gramme and may make possible the extension of

the fleet’s useful life in comparison to manufacturer
recommendations.

The present work is inserted in this project with
the objective of providing tools for fatigue lifetime
estimation suited to the aircraft and loads provided.

2. Background and Methodology

CEAT’s testing of the aircraft in question [1] de-
termined that the critical component whose fatigue
failure caused the end of the plane’s fatigue lifetime,
at 89458 FH, was Frame 2. This component serves
as the main attachment of both wings to the air-
craft’s body, and its location is illustrated in Fig.
1.

Figure 1: Frame 2 location on aircraft structure [1].
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2.1. Manufacturer and PoAF Load Spectra
In CEAT’s report, a reference load spectrum is ob-
tained from in-service data of 1000 FH which was
then used for the real scale tests. In Table 1, all load
factor peaks larger than nz = 2 are listed. Peaks of
lower value were disregarded due to their reduced
importance on the plane’s structural integrity.

Load factor CEAT PrtAF
2 10800 11157

2.5 2700 4729
3 2700 3467

3.5 1980 1765
4 520 1071

4.5 205 315
5 62 147

5.4 23 0
5.75 8 64
6.2 2 42

Table 1: CEAT and PrtAF reference load spectra.
Represented in effective level crossings of different
load factors

In a previous work presented by Serrano [2], data
for vertical acceleration on the aircraft was collected
in-service from PoAF operations for a period of
70.72 FH to which cycle different counting methods
were applied. An equivalent for 1000 FH was made
in order to perform a comparison between manufac-
turer and PoAF loading easier. The resulting load
history is also presented in Table 1.

In order to adjust the maintenance schedules
to PoAF operation, fatigue life was studied using
stress-life and crack propagation methods, and re-
sults obtained from each load spectrum were com-
pared.

2.2. Stress-life Approach
For the stress life approach, the mean stress criteria
of Goodman (eq. 1) and Gerber (eq. 2) were chosen
due to their wide use in these applications.

σa
σar

+
σm
Su

= 1 (1)

σa
σar

+

(
σm
Su

)2

= 1 (2)

Where σar is the stress amplitude for stress ratio
R = 0 that would cause failure for the same number
of cycles as the desired fatigue life.

A correction to the Goodman criterion proposed
by Morrow in the SAE Fatigue Handbook [3] was
also used due to its accuracy when compared to
experimental data. This criterion uses the fatigue
stress coefficient S′f from the S-N curve instead of
the ultimate stress Su to account for the effect of
mean stress:

σa
σar

+
σm
S′f

= 1 (3)

The S-N curve for the AA 2024-T3 used was ob-
tained from [4]. Cumulative damage was calculated
from the Miner rule.

2.3. Crack Propagation Approach
The Paris (eq. 4), Forman (eq. 5), Walker (eq. 6)
and NASGRO (eq. 7) equations for crack propaga-
tion were used after fitted to the experimental data
available [4].
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(5)
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The geometric factor for the specific crack
geometry was obtained using the Finite ele-
ment method (FEM) and Extended finite element
method (XFEM) incorporated in ABAQUS soft-
ware. For the modelling of the crack surface in FEM
quarter point crack tip elements (Fig. 2) were used
to model the stress singularity. These special hexa-
hedral elements collapse the 8 nodes on one of the
faces into a straight line to make a prismatic ge-
ometry element, whose coordinate transformation
allows for the modelling of the r1/2 singularity typ-
ical of LEFM problems.

Figure 2: Hexahedral Quarter point element.

For XFEM, after defining the semi-circular geom-
etry of the crack front, the nodal supports for the
enriched functions necessary near the crack tip are
automatically atributed by ABAQUS within a user
specified radius.

The geometric factors are calculated from the
stress field for both methods using the J-Integral
concept, requiring the definition of several contours
surrounding the crack tip.
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Due to the varying amplitude of the load spec-
tra, direct integration of the propagation laws is
impossible. A cycle-by-cycle integration scheme is
implemented, where the increase in crack growth is
obtained for each cycle while SIF information is up-
dated from the numerical results to fit the current
crack size of the iteration.

The integration of the propagation laws was
performed using the trapezium rule. Below, the
method is shown for a generic crack growth rate
function F of the SIF range:

∆a ≈ F (∆K(Ni)) + F (∆K(Ni+1))

2
(Ni+1 −Ni)

(8)

3. Implementation
A previous study by the PoAF on fatigue of the
components involved in the aircraft was performed
by Milharadas [5]. An important part of this study
was the use of a strain gauge in the structural
hotspot identified for Frame 2 in CEAT’s report [1]
in combination with accelerometer data to extract
a transfer function between vertical load factor and
stress at the hotspot, thus making possible further
analysis.

This transfer function was identified as the linear
relation:

σ = 31.3nz (9)

This knowledge of the location of a structural
hotspot on the component, along with the value of
stress measured at this site allowed for the reverse
engineering of a finite element model representative
of the part’s structural behaviour.

3.1. Construction of a FE model of Frame 2
Since CAD geometry for the component in ques-
tion was unavailable at the start of this work, a
model had to be constructed using direct measure-
ment and observation of the structure. Using a dig-
ital pachometer and tape measure the Frame was
modelled into 3D CAD software

Figure 3: CAD model of Frame 2.

From this geometry a finite element mesh was
constructed using ABAQUS c©,. Initially, the ob-
jective was to use exclusively hexahedral elements,

however certain features of added complexity re-
quired the use of tetrahedrals, making the final
mesh predominantly hexahedral with the exception
of these instances.

The material properties for aluminium alloy
2024-T3 were obtained from available bibliography
and are shown in Table 2.

E ν ρ

73100 MPa 0.33 2.8e-9 tonne/mm3

Table 2: Material properties used on all calculations
involving Al 2024-T3

A mesh convergence study was performed on the
geometry by constructing several meshes of varying
element overall size and performing a modal analy-
sis of the unconstrained structure. The frequency of
the first mode of vibration was chosen as the con-
vergence criterion. This study found that for an
overall mesh size of 6mm a variation smaller than
0.02% existed in regards to solutions from more re-
fined meshes. This mesh was therefore used on the
following analysis.
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Figure 4: Mesh convergence plot for Frame C2

The boundary conditions applied to the model
were varied to obtain the results that most accu-
rately depicted real observations. Pin joints are
used to carry the aerodynamic loads generated in
the wings to the frame, which then cause the accel-
eration of the aircraft. To accurately determine the
load on these joints the lift distribution around the
wing surface should be determined.

With this information unavailable, this distribu-
tion was modelled as elliptical, and formula from
bibliography used to determine it. The elliptical
distribution is the ideal one to minimize drag and
increase efficiency of aircraft, and is used many
times as a design goal.

From Brederode [6], the lift distribution for min-
imum drag was derived for the wings’ geometrical
properties:

d

dy
L(y) = Asin

(
cos-1

(y
s

))
(10)
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Where A is a scaling constant for the distribution,
and is obtained from performing a force balance on
the aircraft’s vertical direction.∫

dL

dy
dy = mTB30nzg (11)

With this, and by constructing a finite element
model of the wing spar (since the presence of two
pinned joints makes the problem hyperstatic), it is
possible to extract the reactions on the pinned joints
between the two components for a given load factor
nz with which the forces vary linearly

Figure 5: Wing spar free body diagram

RzA[N ] RzB [N ] RyA[N ] RyB [N ]

2475.6nz 3894.4nz 46326.4nz −46326.4nz

Table 3: Reactions on wing spar pinned joints for
an elliptical lift distribution as linear functions of
the load factor

These loads were then applied to the structure
using ABAQUS c© multipoint constraints CBEAM
connecting the centre of the lug to the nodes on the
inner surface. These impose equal displacement on
the various nodes connected.

Many iterations for displacement constraints
were performed on the model. In the end, the re-
quired structural behaviour was achieved by using
six springs of equal stiffness to the several bolted
joints which attach the frame to the rest of the air-
craft’s body.

Using ABAQUS c© snap to ground option for
spring elements provided equal stiffness on all dis-
placement components for the nodes positioned on
the centre of these bolted joints. From these, the
same CBEAM MPC were used to connect the cen-
tral nodes to the cylindrical surfaces of the joints.
The stiffness of these spring elements was varied
until the value for stress at the hotspot resem-
bled that measured by Milharadas [5], converging
at 255000N/mm.

3.2. Fatigue Analysis: Stress Life
The fatigue analysis presented in this work aims to
compare the manufacturer of the aircraft’s reference
load spectra described in CEAT’s report [1] with the
one measured in PoAF operation by Serrano, et al
[2].

For this effect, the useful life of the plane was
estimated using stress life methods. The Gerber,
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Figure 6: Spring Stiffness vs. Stress percent error
relative to Milharadas [5]

mod-Goodman and Morrow criteria were used to
consider mean stress and calculate the number of
cycles to failure for each cycle in the spectra. The
Miner rule for linear cumulative damage was then
used to obtain an estimate of fatigue life for the
complete variable amplitude spectra.

Parameters for the SN-curve for Al 2024-T3 in
R = 0 (Fig. 3.2) were obtained from previous stud-
ies [4].

104 105 106 107 108

Number of cycles, N

0

50

100

150

200

250

300

350

400

S
a
 [

M
P

a
]

Regression

Exp. data

Figure 7: SN curve for Al 2024-T3 [4]. Sa =
1583.4N−0.1603

The failure of Frame 2 observed in CEAT is es-
timated from this approach to happen for a dam-
age index D = 0.1329, which is much smaller than
unity. The author considers component geometry
to play a very significant role in this deviation.
Nonetheless, the percent difference in fatigue life
was taken as a valuable factor portraying the sever-
ity of PoAF loading in relation to the manufac-
turer’s. In table 3.2 this differences are shown across
the several criteria used.

3.3. Geometric Factor Estimation using FEM and
XFEM

For this analysis, two different methods were cho-
sen. The Extended Finite Element Method, and the
standard Finite Element Method using collapsed
quarter point elements at the crack front will be em-
ployed to retrieve the stress intensity factors at the
crack front. To do this, however, a detailed model
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Criteria FH CFAP FH CEAT % diff.
Goodman 85958 120676 28.77

Gerber 29950 47733 37.25
Morrow 180744 232016 22.10
Average - - 29.373

Table 4: Comparison of fatigue life estimates for
the CFAP and CEAT load spectra, obtained for a
Damage index D = 0.1329.

for the crack geometry and its location is required.
From CEAT’s report [1], failure was found to

arise from unstable crack growth starting in the root
of the fillet of the structure’s innermost ribs, region
previously identified as a stress hotspot. The initial
crack geometry was also found to be semi-circular
with a minimum detectable radius of 0.5mm.

Figure 8: Crack surface (in red) embedded in Frame
2

For similitude of results obtained, both methods
used a radius of 0.5mm surrounding the crack front
where 5 equally spaced contours for J-integral com-
putation are defined in a plane perpendicular to the
crack tip.

In both methods, crack size was varied from 1 to
6mm in unit increments. This upper limit was cho-
sen so that crack geometry could be always assumed
as semi-circular.

Stress intensity factors KI , KII and KIII were
extracted for the five contours at each node along
the crack front. The average value for the sev-
eral contours was taken and plotted along the crack
front. In fig. 3.3 the relevance of the mode I SIF in
comparison to the rest is visible, which makes it an
acceptable parameter to describe crack growth.

Using XFEM allowed for faster computation of
results, as well as preparation of the models in-
volved, due to the independence between crack ge-
ometry and the element mesh. For FEM, not only
this mesh required updates from one crack length
to the next, the use of quarter point elements to
model the crack tip singularity required the use of
quadratic elements which made the solution much
more time consuming.
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Figure 9: Plot of mode I, II and III Stress Intensity
Factor results along the crack front for XFEM using
a = 3

The results for KI variation in between contours,
however, point to increased accuracy on the FEM
side, where the percent variation between the first
and last contour does not exceed 0.026%, whereas
for XFEM the difference was 1000 times larger. In
Fig. 3.3 the solutions for the 5 contours is plotted
for each method at Θ = 0.
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Figure 10: Comparison between KI data obtained
from the various contours from XFEM and FEM.
The data is for Θ = 0 at a crack length a = 3.

Comparing both solutions for KI for the entire
crack front, XFEM seems to consistently overesti-
mate the result in regards to the FEM (Fig. 3.3).
The Finite Element solution, in addition to show-
ing a smoother variation of the SIF along the crack
front, also displays a sudden decrease when ap-
proaching the surface of the component. The for-
mer behaviour has been demonstrated to happen
for this sort of semi-circular crack in analytical [7]
and numerical [8] calculations.

A function of the geometric factor Y with crack
length was retrieved for both the results of XFEM
and FEM using adequate polynomial fittings.

3.4. Propagation Law Parameters
In a previous work [4], Serrano performed tests
on notched specimens of AA 2024-T3 subjected to
two different constant amplitude loading spectra, of
R = 0.1 named the S1 series, and R = 0.3 named
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Figure 12: Geometric factor Y and polynomial fit-
tings for: a) XFEM and b) FEM results.

S2. In this work, the results of these tests were used
to fit parameters for the several propagation laws:
Paris, Walker, Forman and NASGRO. Multi-linear
regressions were performed for the fittings, after ap-
plying logarithms to the exponential equations.

The resulting material parameters are described
in Table 5. For the special case of the Paris law,
which does not contemplate the effect of the stress
ratio R, three fits are provided, one for each dif-
ferent ratio, and another for the entire set of data
(Fig. ??).

For the Paris and Walker laws, and since these
model only the linear part of the log plot of the
crack growth rate vs. SIF range, the data used for
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Figure 13: Crack growth rate versus SIF range re-
gression for NASGRO equation

regression was limited to ∆K ≤ 10.
For the Forman and NASGRO (Fig. 3.4) equa-

tions the full range of data was used.

CP nP - - R2

Paris S1 3.4x10−11 3.6 - - 0.99

Paris S2 8.4x10−11 3.5 - - 0.99

Paris S1+2 3.1x10−11 3.8 - - 0.99

CF nF - - R2

Forman 3.3x10−9 2.9 - - 0.82

CW nW γ - R2

Walker 2.6x10−11 3.6 0.2083 - 0.99

CN nN p q R2

NASGRO 2.7x10−9 1.8 1 1 0.82

Table 5: Regression parameters for several laws.
Reduced precision was used to be able to list the
entire data.

3.5. Fatigue Analysis: Crack Propagation
With material parameters for crack growth now de-
scribed, and an estimate of the SIF for the crack’s
geometry, it is possible to obtain estimates for fa-
tigue life.

A cycle-by-cycle integration scheme was imple-
mented, where the increase in crack growth is ob-
tained for each individual SIF range using the
trapezium rule on the crack growth rate computed.

Since geometric factor Y data above 6mm is un-
available, and in order to avoid inaccurate extrap-
olation of the existing data, the failure criteria as-
sumed for this analysis was a maximum crack length
of a = 6mm which although small in comparison to
that achieved in experimental testing already de-
scribes a significant part of the propagation time.

For integration of the Paris Law, two different
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methods were used. First, only the parameters
of the regression for both sets of data S1 and S2
were used in the cycle-by-cycle scheme. This set
of parameters will be described as R1. The second
approach was made choosing different parameters
with regards to the stress ratio R specified by each
cycle. In this way cycles with an R ≤ 0.2 would use
the properties extracted from the S1 series of data,
and for R > 0.2 the S2 only parameters would be
used.

The results of using the XFEM or FEM geomet-
ric factor curves were compared. In Fig. 3.5 this
comparison is presented using the Paris law, where
the tendency of the higher geometric factors com-
puted by XFEM to reduce fatigue life is visible, as
expected.
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Figure 14: Comparison of FH until critical crack
length for Paris law regressions R1 and R2 for geo-
metric factors obtained from FEM and XFEM.

This behaviour is observed for all propagation
laws. Due to the increased stability between con-
tours obtain from the FEM method, the XFEM re-
sults were disregarded when comparing the severity
of the two load spectra.
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Figure 15: Comparison of FH until critical crack
length for all propagation laws subjected to load
spectra CEAT 1000 FH and CFAP 70.72 FH.

In Fig. 3.5 it is seen that PoAF loading reduces
fatigue life in comparison to the CEAT load spec-
tra by and average of 32.15% through the several
equations used.

The NASGRO equation provides a too large es-
timate of fatigue lifetime of 64876 FH from a crack

of 1 to 6mm, which when compared to the results
from the CEAT report makes it a non-conservative
estimate. This may happen due to the effect of the
crack opening function delaying propagation for the
occasional cycles of compressive load. The results
from this equation were disregarded in the forward
analysis

4. Results

Both the stress life and crack propagation ap-
proaches to fatigue analysis concluded similarly
that the operation condition of Epsilon aircraft
by the PoAF were more severe than those recom-
mended by the manufacturer and tested in CEAT
[1] by a difference of close to 30% in total useful life.
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Figure 16: Average of the percent differences in fa-
tigue lifetime found across all fatigue analysis meth-
ods.

To describe the structure’s crack propagation be-
haviour along its entire lifetime, the crack size data
from CEAT [1] was adjusted by a factor determined
from the average of the relative differences in fatigue
life obtained by the various methods used, includ-
ing stress life and propagation laws. In Fig. 4 it can
be observed that this value varies little around an
average value of 30.76% across the various methods.
The NASGRO eq. for crack propagation has been
excluded as mentioned in sub-section 3.5

A factor of 0.6924 was thus applied to the CEAT
curves, from which it is possible to define a schedule
for maintenance operations.

4.1. First Inspection

The manufacturer defined the time of first inspec-
tion from the time expected for a crack of 0.5mm
to develop, affected by a safety factor of 3. From
the adjusted curve, a operating time of 25896 FH is
expected to lead to a crack of this size. The factors
chosen by the manufacturer will be kept in these
proposals, making the suggested time for first in-
spection 25896

3 = 8632 FH.
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4.2. Following Inspections
The manufacturer defined a crack of 1.5mm in the
frame to be of critical size, which cannot be ex-
ceeded in the aircraft’s operating life. For a crack
size of 30mm, the part is in the imminence of fail-
ure. The manufacturer suggests the use of a safety
factor of 6 to the time a crack of 1.5mm would take
to grow to these 30mm. From the adjusted curve,
we find that a crack size of 1.5mm is reached for
45525 FH and after 61901 FH a crack of 30mm is
expected to be found.

From these, the suggested time between subse-
quent inspections is:

61901 − 45525

6
= 2729 FH (12)

5. Conclusions
This study proposes that first inspection for crack
detection in the frame is performed after 8500 FH,
with the following inspections executed in intervals
of 2700 FH each, until a crack size of 1.5mm is
detected, signalling the end of the aircraft’s useful
life.

These are a significant reduction from the man-
ufacturer’s proposed 12400 FH for first inspection
and 4000 for the period between following inspec-
tions, but should prevent premature failure due to
the more severe PoAF load spectra.

From the methods used, it can be concluded that:

• The use of XFEM with a reduced mesh over-
estimates the SIF results obtained by FEM. A
more stable solution for the extended method
would require a finer mesh than the 0.5mm el-
ement size used around the crack tip (1 ≤ a ≤
6mm)

• For the propagation laws, NASGRO tends to
estimate the longest life due to the effect of
the crack opening function and Paris law esti-
mates the shortest lifetime. Test specimens for

negative stress ratios may be necessary for re-
sults from the cycle-by-cycle integration closer
to those obtained in the CEAT tests [1].
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