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Abstract

The following text shows the requirements for LEO satellite’s EPS design, namely the initial
mission assessment, the available power budget, the filtering components sizing, the finalized circuit
design and the expected efficiency for optimal operation point. One early assessment was the
reliability of the photovoltaic array system in terms of how the cells should be laid out: whether
in parallel, series, or hybrid assembly. Once the source voltage at maximum solar exposure was
determined, voltage converters were chosen considering each desired rail voltage. Care was taken
for the implementation of Li-ion batteries, choosing to place a buck regulator at their input, to
guarantee that they were never exposed to disruptive voltages. Afterwards, each of the system’s
components was chosen from existing online catalogues, taking into account efficiency, cost and size,
in that order. Lastly, efficiency assessment of the system was done, not only to have a good idea of
how the system will perform, but mostly because one of the initial design steps in switched regu-
lators is setting a target minimum efficiency, and one must make sure this initial value was not overshot.

Keywords: nano, satellite, electrical power system, low earth orbit, switched-mode power
supply

1 Introduction

This thesis aims to identify critical elements in the
design of small satellite Electrical Power Systems
(EPS(s)) and find Integrated Circuits (IC(s)) that
fit the mission requirements. However small in size,
nano-satellites require all the critical systems of
larger satellites, such as power distribution, atti-
tude determination and control, communications,
and operations[1].

1.1 Nano-Satellites

In 1996, an article by Ward et al[2] on ready to im-
plement small satellite systems, although thought
for bigger satellites, already implements solar ar-
rays, and outputs a fully regulated 2V bus, despite
still relying on NiCd batteries. The same year,
an article by Müncheberg et al[3] presents Micro
Systems Technology alternatively to conventional
bigger systems, paving the way for nano and pico
satellites, and thus a whole new way of exploring
space. A partial available power prediction on such
small satellites is shown, which coincides with the
budget for ECOSat.

In 2002, Orii[1] et al introduce a small satellite

system architecture, designed for bigger satellites,
even taking into account the possibility of propul-
sion, proposing an EPS similar to the one described
ahead, with the inclusion of a shunt circuit.

In 2005 and 2006, Foisy and Beattie[4], and
Sarda et al[5], publish a couple of papers re-
garding the CanX-2 project: Canadian Advanced
Nanospace Experiment 2. The articles describe
the CanX-2 satellite, mentioning previous as well
as future CanX satellites, describe a power system
consisting of a 3.6Ah Li-ion battery, 22 solar cells,
2W to 7W of power to a 3.6V − 4V unregulated
BUS, mentioning still the benefits of nano-satellites
in formation flying and the hands-on experience
gained by participating students.

In 2009, at the University of Toronto, Bonin[6]
publishes a thesis that focuses on a problem similar
to the one faced in this work. Some project deci-
sions are the same as the ones that have been made
here. Sandau[7] publishes a review concluding a
trend in using small satellite swarms for Earth ob-
servation. Also, Ashida et al[8] describe the CUTE-
1.7 nano satellite, following other CUTE satellites,
and its modifications, explaining each system to
some extent. The power system used was 4 Li-ion
batteries parallel to 33 GaAs solar cells, providing
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4W of power, and regulating 4 buses of 3.3V , 5V ,
6V and 7V .

In 2010, Bouwmeester and Guo[9] publish a
global survey on existing nano and pico satellites,
including their functionality and success rates. The
same year, Scholz et al[10] publish a review of the
COMPASS-1 German mission, its influence among
the student body involved, alongside recommenda-
tions for further space missions.

In 2011, a summary of some cube-sat missions is
published by Selva and Krejci[11], showing a rough
power estimation for cube-sat that’s in line with
the literature and ECOSat’s assessment.

In 2014, the Pajusalu et al[12], of the Estonian
Academy of Sciences, publish an article describing
the systems in ESTCube-1, a single unit cube-sat,
focusing on high-efficiency implementation of typ-
ical converters. It reached 88% in design point.
Pande et al[13] publish an article that defends the
benefits of nano-satellites in swarm against the big-
ger single satellite regarding reliability and cost.

1.2 Low Earth Orbit Environment

The space environment is a harsh one, making it
a topic for research. The following was taken into
account when developing this system.

In 1995, a report on space environment by
Silverman[14] details the space environment up to
GEO orbits, mentioning LEO specifically.

In 2003, Petkov[15] issues a report built on ex-
perimental data. In it are summarized most known
space environment effects, and LEO is mentioned
first-hand.

In 2003, Grossman and Gouzman[16], and in
2004, Han and Kim[17], publish articles referring
the effects of the space environment on polymers
and graphite/epoxy composites. Both papers de-
scribe the space environment in a broad, yet com-
pact, fashion.

In 2004, Barrie[18] writes a report describing in
minute detail the LEO environment.

1.3 The ECOSat Project

Geocentrix first proposed the Canadian Satellite
Design Competition (CSDC), back in September
2010, calling out to universities across Canada chal-
lenging students to design and manufacture an op-
erational nano-satellite in a national competition
unprecedented worldwide[19].

To answer this competition, the University of
Victoria created the ECOSat team. ECOSat’s mis-
sion is thoroughly detailed in its website, http:

//www.csdc.uvic.ca/[20].

2 Mission analysis

2.1 ECOSat’s orbital dynamics as-
sessment

The first step in every satellite’s subsystem design
is understanding the desired mission, particularly
its lifetime. As stated in the CSDC’s Request for
Proposal, this satellite’s mission is to operate in
a 10AM sun-synchronous LEO, for the minimum
duration of one-year, while completing some form
of scientific mission provided by a third-party[19].

The satellite’s orbital period can be calculated
from the relation to the altitude. The satellite is to
be positioned at around 700km of altitude[19], as
in (1).

T = 2π

√
a3

µ⊕
= 98.8min (1)

From the period of the satellite, for a sun-
synchronous orbit, we can determine the time at
which it will be directly above the ground station.
In this case, the ground station will be likely po-
sitioned in Victoria, CA, positioned at 48◦25’43”N
latitude. Thus, the satellite will be positioned di-
rectly above at around

48◦25′43′′

360◦
= 0.134524 (2)

after 10AM, or, upon multiplying by the orbital
period,

98.8min× 0.134524 = 13.3min (3)

around 10:13AM.

2.1.1 Sun-synchronous orbit

Generally within the field of astrodynamics and
mission analysis, the sun-synchronous orbit is un-
derstood to be a near polar orbit where the nodal
precession rate is matched to the Earth’s mean or-
bital rate around the sun[21].

A sun-synchronous orbit in any one that remains
the same every cycle in a sun centred referential
always aiming at the Earth. The orbit can be seen
in Figure 1. In the figure, the side of the Earth
represented is that which is fully facing the sun at
that particular moment[22].

Figure 1: Sun Synchronous Orbit Diagram
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The orbital elements used throughout this docu-
ment are those found in Wiesel[23], introduced by
Kepler before him, earning them the name Keple-
rian Elements. These are the length of the semi-
major axis a, the eccentricity e, the true anomaly
ν, the longitude of the ascending node Ω, the incli-
nation i and the argument of the periapsis ω. This
notation is depicted in Figure 2.

Figure 2: Diagram showing the various anomalies
in a celestial body

The satellite nodal precession Ω̇, from which the
orbit’s desired inclination will be obtained, is repre-
sented in (4). By definition, for a sun-synchronous
orbit, the node line makes one revolution per aver-
age year.

Ω̇ = −3

2

R2
⊕ · J2

a2(1− e2)2
n cos(i) ≈ 1◦/day (4)

Replacing the values in (4) we obtain the orbit’s
inclination, i ≈ 98◦.

Since in this case the orbit is very close to circu-
lar, the argument of periapsis will be set to ω = 0◦,
aiming at the ascending node.

2.1.2 Solar Irradiation

At the Earth, the power irradiated by the sun is
approximately 1353W/m2 [24]. For this mission, at
an altitude of about 700km[19], the angles in orbit
between which the satellite is irradiated by the Sun
are calculated in inequality (5) and demonstrated
in Figure 3[25].

|ν| ≤ π
2 + arccos

(
R⊕

R⊕+α

)
|ν| ≤ π

2 + 0.448
(5)

Because the radius is higher at the equator,
6378km[26], than at the poles, 6356km[27], the
equatorial radius was used in (5), despite the
shadow beginning at the poles, thus providing
a lower angle than should actually be observed,

Figure 3: The Earth’s shadow on ECOSat’s mission

adding to the error margin. The period’s ratio dur-
ing which the satellite is under the sun is shown in
(6).

tsunlight
T

=
π + 2 arccos

(
6378km
7078km

)
2π

= 0.6428 (6)

2.2 Power Budget

2.2.1 Array area

First, the total area of each solar array wall is cal-
culated in (7). The number of cells ncells = 16.

A0 =
ncells

2
·Acell ≈ 0.0213m2 (7)

2.2.2 Sunlight exposure

The exposed area for any single plate is ruled by
(8), where ν is the satellite’s true anomaly and β is
the satellite’s angle around itself starting from the
position at which the cell’s exposure is null.

Ai = A0 · sin(ν) sin(β) (8)

The area of incidence for each array, considering
β = ν ± 45◦, is ruled by (9) and (10).

A1 = A0 · sin(ν) sin(ν + 45◦) (9)

A2 = A0 · sin(ν) sin(ν − 45◦) (10)

Trimming the negative values, adding the two
up and removing the time spent under the Earth’s
shadow, we obtain Figure 5. A peak power of
11.53W is obtained. Performing numerical integra-
tion of the new equation yields the average power
value of 4.62W .

2.2.3 Flat-plate simplification

For this assessment, the satellite can be considered
a flat plate covered in solar cells on one side. The
array is considered as two flat walls of the satellite
at a 90◦ angle. Figure 4 represents this simplifica-
tion.
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Figure 4: Graphic representation of the flat plate
simplification

Because the satellite’s ADCS system is designed
for one revolution per orbit, β = ν at all times,
which simplifies (8).

A = 2 ·A0 · cos(45◦) · sin2(ν) (11)

Considering the power per square meter received
from the sun P� at LEO and the solar cells effi-
ciency ηSC at BOL, (12) gives the power available
at the solar array at any given time in the satellite’s
orbit.

P = P� · ηSC ·A (12)

A graphical representation of that power can be
seen in Figure 5. A peak power of 11.53W is ob-
tained. This is important for the sizing of compo-
nents in the power system.

Figure 5: Comparison of the available power during
one orbit

(13) shows the average available power P̃ during
each orbit.

P̃ = 1
2π

π
2 +0.448∫
−π2−0.448

P∂ν

= P�·A0·
√
2·ηSC

2π

[
ν
2 −

sin(2ν)
4

]π
2 +0.448

−π2−0.448

(13)

Replacing the values in (13) gives us (14), con-
firmed through numerical integration.

P̃ ≈ 4.42W (14)

This value is not much lower than the exact
value, as can be seen by the red margin in Fig-
ure 5, and will further add to the safety margin.

4.42W

4.62W
≈ 96% (15)

2.2.4 EPS efficiency

The average generated power must now take into
account inefficiencies in the power supply system.
For now, the efficiency of the power supply system
is

ηEPS = 85% (16)

In the end of the design we will reassess this value.
The effective power available for the satellite is then
3.76W , as per (17).

P̃av = 4.42W × 85% ≈ 3.76W (17)

2.2.5 Power and energy distribution

The available average power should now be cor-
rectly distributed among all the systems of the
satellite, resulting in Table 1.

88%

Table 1: Satellite’s Power Budget
Component OAP (W)

Communications 2.57
Operations 1.04

Total: 3.61
OAP Total Margin: 104.14%

As seen in Table 1 the orbital average power
stands 4% above the power budget.

Once the power budget is fixed and each system’s
voltage and power determined, the first step in de-
signing the power system is determining the volt-
ages and corresponding powers required for each
rail, as shown in Table 2.

Table 2: Output Rails
3 Output Rails

Voltage 3.3V 5V 7V
Peak Power 0.35W 3.80W 11.80W

2.3 Mission Battery Requirement

From (1) and (5), we derive (18).

tsunlight = 98.8min · 0.6426 = 63.5min (18)

Since the satellite only spends 63.5min under
sunlight, and nearly half of that is not under enough
exposure to actually charge batteries, it can only
charge little over 40% of the total charge in a cy-
cle. Thus, it stands to reason that the power sup-
ply must only discharge 40% of it’s total charge
while in the shadow. This is equivalent to just over

4



400mAh. Since the satellite’s power budget esti-
mated an average 3.7W , at a nominal battery volt-
age of 3.7V , during the 40 minutes of shadow the
satellite must expend 2500mAh, as per (19).

C =
P
V ∆t

40%
=

3.7W
3.7V

40min·1h
60min

40%
= 2500mAh (19)

2.3.1 Battery chosen

The Li-ion batteries characteristics can be found in
Table 3[28].

Table 3: Li-ion Battery Specifications
Capacity 940mAh± 10%

Charging Voltage 4.2V
Charging Current 940mA

Full Charging Time 2.5h
Discharged Voltage 2V

2.3.2 Battery Pack Dimensioning

Having chosen the battery, we must calculate how
many will be necessary to perform up to the re-
quirements.

ncellsmin
>
Crequired

Ccell
=

2500mAh

940mAh
≈ 2.7 (20)

Per (20), 3 cells would suffice. Altogether, 8 cells
will provide 7680mAh of energy. Since the battery
will be charged at lift-off, the spare energy will help
stabilize the satellite upon deployment.

2.4 Low Earth Orbit Environment

The LEO space environment affects the space-
craft by influence of the Earth’s atmosphere,
its magnetic field, radiation from the Sun and
the galaxy, thermal cycling, spacecraft charg-
ing, even orbiting debris, both man-made and
otherwise[14][15][16][17][18].

2.5 Thermal Analysis

A thermal assessment of the satellite’s components
while in orbit was performed by the ECOSat team.
The only element that stands out is the batteries,
as the temperature in hot case scenario surpasses
the operational temperature by 1◦C[28]. A portrait
of ECOSat’s internal components in hotcase can be
seen in Figure 6.

Figure 6: Satellite components CAD in hotcase,
with heat bar for reference

3 Electrical Power System

Voltage converters are simple switch-mode power
converters capable of reducing, increasing, or both,
the output voltage of a power bus. This sections
provides the reader an idea of what voltage con-
verters are, how they work, and the elements to
take into consideration. The relations found next
exist in [29], [30] and [31].

3.1 Buck Converter

Figure 7: Buck Converter

3.1.1 Characteristics

Conversion ratio:

V0
U

= δ (21)

Inductor size:

LBuck =
V 2
0 · (1− δ)

∆%iL · fPWM · P0
(22)

Capacitor size:

CBuck =
1− δ

8 · LBuck · fPWM ·∆%V0
(23)

Efficiency:

1−η
η =

∑ PLosses

P0

= rL
R0

+ rCR0(1−δ)2T 2

12L2
i

+ δVCES

V0
+ VD(1−δ)

V0
+

tr+tf
δT

(24)
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3.1.2 Buck Converter Semi-conductors

The switching elements of the Buck converter must
have their rise and fall times lower than the switch-
ing period of the designed circuit. They must
be able to withstand the voltages and currents to
which they’ll be exposed, respectively, during off
and on moments[29].

3.2 Boost Converter

Figure 8: Boost Converter

3.2.1 Characteristics

Conversion ratio:

Vo
U

=
1

1− δ
(25)

Inductor size:

LBoost =
V 2
0 · δ · (1− δ)

P0 ·∆%iL · fPWM
(26)

Capacitor size:

CBoost =
P0 · δ

V 2
0 ·∆%V0 · fPWM

(27)

Efficiency:

1−η
η =

∑ PL
P0

= rL
R0(1−δ)2 + rC ·δ

R0(1−δ)
+ VCES ·δ
V0(1−δ) + VD

V0
+

tr+tf
(1−δ)·T

(28)

3.2.2 Boost converter Semi-conductors

The switching elements of the Boost converter must
meet the same requirements as those in the Buck
converter[29].

3.3 Buck-Boost Converter

3.3.1 Characteristics

Conversion ratio:

V0
U

=
δ

1− δ
(29)

Inductor size:

LBB =
V 2
0 · (1− δ)

P0 · fPWM ·∆%iL
(30)

Figure 9: Buck-Boost Converter

Capacitor size:

CBB =
P0 · δ

V 2
0 ·∆%V0 · fPWM

(31)

Efficiency:

1−η
η =

∑ PL
P0

= rL
R0(1−δ)2 + rCδ

R0(1−δ)
+RDSowδ
R0(1−δ) + VD

V0
+

tr+tf
δ(1−δ)T

(32)

3.3.2 Semi-conductors

The switching elements of the Buck-Boost con-
verter follow similar rules to the ones from the two
previous converters[29].

3.3.3 Altering Buck-Boost layout to
ground parallel outputs

One of the requirements of the interaction of sys-
tems in a satellite is the existence of common out-
put ground. In order to solve this issue, the normal
layout was slightly changed. The traditional Buck-
Boost converter, alongside the proposed alteration,
can be seen in Figure 10.

Figure 10: Proposed alteration to the previous
Buck-Boost converter

3.4 SEPIC

SEPIC, single ended primary inductor converter,
is a type of DC-DC converter that’s capable of an
output voltage either lower or higher than the input
voltage. Figure 11 represent this type of converter.

3.4.1 SEPIC conversion ratio

The conversion ratio for the ideal SEPIC converter
is determined in (33), from [32], where δ is the duty
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Figure 11: SEPIC converter layout, uncoupled in-
ductors

cycle, Vout is the output voltage, Vin is the input
voltage and the diode’s forward voltage Vfwd = 0.

V0
U

=
δ

1− δ
(33)

3.5 Topology

3.5.1 Direct Energy Transfer (DET) layout

The system’s layout will be DET, taking into con-
sideration the charging requirements of Li-ion bat-
teries. Research shows that roughly half the ex-
isting pico and nano satellites use this topology.
The same survey also shows of 68% successfully
launched missions, roughly 50% were a complete
success[9]. This layout provides higher efficiency
and lower mass budget than its counterparts[33],
and is portrayed in Figure 12. A Buck converter
will be used to protect the battery from disruptive
voltages, assure that the voltage at the poles of the
batteries remains lower than 4.2V [28].

Figure 12: Final layout for our implementation

3.6 Solar Array

The solar cells chosen for by ECOSat’s team were
Spectrolab’s 28.3% Ultra Triple Junction (UTJ) So-
lar Cells[34]. The array will be 8x2, providing a
maximum 18.4V .

4 Results

4.1 Battery Charging Circuit

4.1.1 Converter Dimensioning

From (21), and knowing that the input voltage U
varies between 0V and 18.4V and that δ ∈ [0, 1] we

determine the operational duty cycle ranges shown
in (34)

0.23 < δ < 1 (34)

From (22) and (23), Table 4 shows the minimum
values for the Buck converter’s inductance and ca-
pacitance.

Table 4: Batteries charging Buck converter ele-
ments

Element Value
Inductor 85.7µH

Capacitor 8.5µF

4.1.2 Testing using an ideal capacitor and
a DC source

The battery was simulated with an ideal capacitor
of Csim = 0.1F , in series with a DC source. The
output can be seen in Figure 13, over the course of
two orbits.

It’s clearly possible to determine two regions
where the batteries will be put to use. The first,
and most obvious, the time the satellite spends in
umbra. The second, when the satellite is directly
above Earth’s equator, where due to its position
sunlight hits the satellite’s top wall, where no solar
cells exist.

Figure 13: Battery charger performance simulating
the battery with a DC source in series with an ideal
capacitor

4.1.3 Efficiency

Upon choosing elements from a catalogue, the
charger’s efficiency was estimated from (24).

Table 5: Charging converter’s efficiency
Characteristic Value

Efficiency 90%

4.2 Converter Implementations

We’ll consider three possible topologies:

• A Boost converter in series with three parallel
Buck converters;
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• Three parallel Buck-Boost converters;

• Three parallel SEPIC.

4.2.1 Serial Boost and Parallel Bucks Im-
plementation

This was the implementation proposed by the team
that first tackled ECOSat’s EPS design. A Boost
converter is placed before parallel Buck converters.
Thus, a guaranteed minimum voltage is offered at
the input of each of the Buck converters, which then
lower it to the necessary value of each output rail.

4.2.2 Elements Dimensioning

We start by determining the duty cycles δBuck
and δBoost ranges, shown in Table 6. Note that
these values are within acceptable operational val-
ues, and that the functionality of the Boost con-
verter is safe.

Table 6: Boost and Buck implementation duty cy-
cle ranges

Rail δmin δmax
Boost8 0 0.63
Buck3.3 0.18 0.41
Buck5 0.27 0.63
Buck7 0.38 0.88

4.2.3 Converters’ Filtering Elements

For the Buck converters, (22) shows how to cal-
culate the inductance, whereas (23) shows how to
calculate the capacitance.

For the Boost converters, (26) shows how to cal-
culate the inductance, whereas (27) shows how to
calculate the capacitance.

For the current tremor allowed in the inductance,
a maximum value of 35% is set initially. For the
capacitor parallel to the load, a maximum voltage
tremor of 1% was chosen.

Table 7: Boost and Buck converters filtering ele-
ments

Rail L(µH) C(µF )
Boost8 25.0 135.3
Buck3.3 631.2 1.2
Buck5 119.2 5.8
Buck7 64.0 9.2

4.2.4 Parallel Buck-Boost Implementation

4.2.5 Elements Dimensioning

Again, we begin by determining the duty cycle op-
erational values for each of the parallel Buck-Boost

converters, as shown in Table 8.

Table 8: Parallel Buck-Boost implementation duty
cycle ranges

Rail δmin δmax
BB3.3 0.15 0.53
BB5 0.21 0.63
BB7 0.27 0.70

(30) shows how to calculate the induc-
tance, whereas (31) shows how to calculate the
capacitance[29].

Again, for the current tremor a maximum value
of 35% is used, and for the capacitor parallel to the
load a maximum tension tremor of 1%.

Table 9: Buck-Boost filtering elements
Rail L(µH) C(µF )

BB3.3 652.2 14.7
BB5 128.7 82.5
BB7 74.8 146.5

4.2.6 Testing

For the simulation, a 6V source was used. Two
systems were dimensioned for Outputs 3.3V and
7V , and were fed square-waves of δ = 0.35 and
δ = 0.75, which should output theoretical values of
3.23V and 18V . The results shown in Figure 14
show a small output ripple, both outputs around
the design voltage values, even for such a high de-
viance for one of them, and that the ground be-
tween the outputs has levelled after the circuit al-
teration.

Figure 14: Ground comparison between the previ-
ous and altered circuits

4.2.7 SEPIC implementation

4.2.8 SEPIC efficiency

A SEPIC circuit example for a 12V and 300mA
supply, which is in the same order of magnitude
of the 5V and 12V outputs, reaches a maximum
efficiency of around 91% at the design point[32].
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4.3 Efficiency Comparison

The efficiency for two elements in series is the prod-
uct of those efficiencies. To compare the efficiency
of parallel elements, we follow (35).

η =

∑
ηiPi∑
Pi

(35)

Table 10 represents the efficiencies of the three
topologies. The high value of the SEPIC topol-
ogy was assumed for the design point, whereas the
other topologies were assumed for their worst case
conditions.

Table 10: Implementations efficiencies comparisons
Serial B&B Parallel BB SEPIC

η 82.6% 76.3% 91%

5 Conclusions and Final Re-
marks

5.1 Conclusions

Every time a choice was required, a conservative
approach was chosen. It’s expected that even the
conservative values reached will still be within a
larger margin for error than assumed.

Lithium based cells require more careful imple-
mentation as they are more sensitive to random
voltages. This requires a highly accurate voltage
converter at the input. Furthermore, to allow for
DET, parallel rectification was used. Advances in
diode manufacturing present very good options in
rectifiers, diodes capable of enduring high reverse
voltages and low forward currents.

The battery and solar cells provide power in a
parallel fashion when charging, and in an isolated
fashion when discharging. This aims to maximise
the available power from the cells through DET,
as is recurring practice in recent space missions by
ESA.

A basic comparison in efficiency for different
types of converters revealed few differences in the
different layouts. Thus, it’s this author’s honest
opinion, and solely an opinion, that the satellite’s
EPS designer should choose whichever implementa-
tion he or she is most comfortable with, as a higher
degree of trust and experience will almost always
lead to a more reliable, thus desirable, implemen-
tation.

As of the elaboration of this paper, the results
of the CSDC came out, and the ECOSat team
won[35]. Thus, advancing into final production
and testing, this system will be launched into space
along with the satellite for which it was designed.
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