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Abstract

In this thesis, different control strategies for an Unmanned Aerial Vehicle with a joined-wing
configuration - Joined-Wing SensorCraft - are developed and analyzed. Both longitudinal and
lateral motions are considered, but more attention will be given to the lateral motion due to the
aircraft particularity of not having a rudder.

The control strategies explored several combinations of the control surfaces to investigate
mixed-control and speed-brake control techniques.

The aircraft geometry was modeled into lifting surfaces and analyzed through the Lattice Vortex
Method using the Athena Vortex Lattice (AVL) program, allowing the calculation of the stability
coefficients.

In order to generate more accurate results, the profile drag was calculated using the XFOIL
program, and later merged with the AVL results.

The static stability was confirmed through the evaluation of the stability derivatives, while the
dynamic stability resulted in an aircraft longitudinally unstable and with a lateral of level 2.

From the analysis of the stability derivatives and the aircraft stability results were developed
several configurations to investigate the control strategies. The efficiency of each configuration
was calculated through the development of conventional and modern Automatic Flight Control
Systems, used as methods of comparison method.

Finally, analyzing and comparing the results, a solution was achieved for the two most efficient
configurations controlling the lateral motion, which belong to the speed-brake control technique.
Meanwhile, the flight tests results from an already built SensorCraft model were qualitatively

compared with the theoretical results.

Keywords: Joined-Wing, SensorCraft, Unmanned Aerial Vehicle, Mixed-control, Speed-brake

control, Automatic Flight Control System



Resumo

Na presente tese foram desenvolvidas e analisadas diferentes estratégias de controlo para um
Veiculo Aéreo Nao Tripulado com uma configuracdo asa-junta — Joined-Wing SensorCraft.
Tanto o movimento longitudinal como o lateral foram considerados, mas ira ser dada maior
relevancia ao movimento lateral devido a particularidade da aeronave ndo possuir um leme de
direccéo.

As estratégias de controlo exploraram as diversas combinacfes entre superficies de controlo
de modo a investigar as técnicas de controlo misto e de travagem.

A geometria da aeronave foi modelada em painéis sustentadores e analisada através do
método da Malha de Vértices usando programa Athena Vortex Lattice (AVL), permitindo o
célculo dos coeficientes de estabilidade.

De modo a gerar resultados mais precisos, o arrasto de forma foi calculado usando o programa
XFOIL, e mais tarde os resultados foram combinados com os do AVL.

A estabilidade estética foi confirmada através da avaliacdo das derivadas de estabilidade,
enquanto a estabilidade dindmica resultou em uma aeronave longitudinalmente instavel e com
um lateral de nivel 2.

Da analise das derivadas de estabilidade e dos resultados da estabilidade da aeronave foram
desenvolvidas véarias configuracdes para investigar as estratégias de controlo. A eficiéncia de
cada configuracao foi calculada através do desenvolvimento de Sistemas de Controlo de Voo
Automatico convencionais e modernos, usados como métodos de comparagao.

Finalmente, analisando e comparando os resultados, chegou-se a uma solu¢édo para as duas
configuragbes mais eficientes a controlar 0 movimento lateral, referentes a técnica controlo de
travagem.

Entretanto, os resultados dos testes de voo de um modelo do SensorCraft previamente

construido foram comparados qualitativamente com os resultados tedricos.

Palavras-chave: Asa-Junta, SensorCraft, Veiculo Aéreo Nao Tripulado, Controlo misto,
Controlo de travagem, Sistema de Controlo de Voo Automatico



Contents

List of Figures vii
List of Tables ix
Nomenclature X
1 Introduction 1
1.1 Development of the Joined-Wing CONCEPL.....ccovcviiiiieciiei i 2
1.2 Thesis MOIVAtION .iovuiiiciiiiiiee ittt see e s be e sae e e ate e sbeeesabeesnees 2
IS T I o T=T [ o] o Y=Yt YT USRI 3
1.4 Properties definitioNs ........ccueii i et e e raa e e e eans 3
B ST I o T T [ 1Yo YU USRS 4
2 Joined-Wing SensorCraft 5
2.1 Configuration and aircraft Properties ......cccceeeieciieecciiiee e 5
2.2 Control strategies in rudderless aircraft configurations ..........cccoceveeeeiiieeecccieee e, 7
2.3 DYNAMICS OF THENT...eeeiieeiiii e e e e e e aaeee s 9
2.4 State space representation of the equations of motion........cccceeeeeiiiiei e, 15
3 Stability Coefficients of SensorCraft 17
3.1 Determination of stability coefficients using AVL .......ccoceeoeciiieciee e, 17
3.2 Stability coefficient @Stimation..........cooieiei i e 20
3.3 Drag CONLIIDULIONS ....iiiiiiie ettt e e e e et e e e e be e e e e eabae e e eeabeeeeeennees 21
3.4 Determination of the Parasitic Drag using XFOIL .........cccocviiviieeeiiiiee e 22
3.5 Determination of the Induced Drag using AVL.......cccceeviuieieiiciiee et 26
3.6 XFOIL and AVL result implications.......cceeeieiiieiiciiee e 30
3.7 Yaw COEFfiCIENT FESUIS.....uviiiiie ettt et e e raee e e eenee s 31
4 Aircraft Stability Analysis 33
4.1 Static stability @aNalysiS.....ccueeiiiiiiei e e 33
4.2 Dynamic stability @analysis......ccuciiiiiiiiiie e 35
4.3 Flying qualities evaluation ... e 39
4.4 Configuration analysis of different control surface deflections...........cccccouveerecineenns 40
5 Control System Methods 49
5.1 Equivalent control surface transformation ........cccccceeiiiei e, 49



5.2 Aircraft open l00p SYyStem .....cccveeeeciieeeeciieee e

5.3 Control system design ........eeeecviieeeiiiieeecieee e

6 Results Analysis

6.1 Configurations results analysis........cccccevriieeieriiieeiniieee e,

6.2 Qualitative validation with the SensorCraft heuristic model

7 Conclusions and Future Work

Vi



List of Figures

FIGURE 1.1 — JOINED-WING SENSORCRAFT SCHEMATIC, WITH AXIS SYSTEM FOR CG AND AVL DATA DEFINITION .....c..cenne... 4
FIGURE 2.1 - SCHEMATIC VIEWS OF THE SENSORCRAFT .ciiieiuttitteeteeeseiiitteeeeeesesisbtteeeeesesanbeneeeeesesanbneeeeeesesasanssneeeas 5
FIGURE 2.2 - CONTROL SURFACES DISTRIBUTION ....cutiueiteereenreeresressresieesseesseenseenssaneesseesseesessnessnessnesmeesmeenseensennes 6
FIGURE 2.4 - FRONT AND TOP VIEWS OF MIXED-CONTROL FORCES EXEMPLIFICATION [9] ..cuviruiiiieiieienie et 7
FIGURE 2.3 - LONGITUDINAL SECTION OF THE SENSORCRAFT SHOWING THE ENGINE POSITION AND THE AIR INLET (YELLOW)
OUTLET (RED) CONFIGURATION [O] 1.uvtieuieitiieitie ettt esiteesiteestaeesteeestaeesseeessseessaeessseessseessseasssessasessssessnsessseenns 7
FIGURE 2.5 - AIRCRAFT B-2 SPIRIT USING SPEED-BRAKE CONTROL [10] ...eeeeveiieiieiieiieiiesieesieere e e 8
FIGURE 2.6 — EXEMPLIFICATION OF DIFFERENTIAL THRUST CONTROL METHOD [11].cuviiiiiiiiniieniieieeieeie et 8
FIGURE 2.7 - AIRCRAFT EARTH AXIS SYSTEM [12] c.cuiiiiiieiiesieeteereete sttt ettt s s st 9
FIGURE 2.8 - AIRCRAFT BODY-FIXED AXIS SYSTEM [12] 1eiiuitiieieiiiteiitieeeiiieeseitee e sittesesbeeesseeee e saaeeesnbeeessnnneessnsaeeens 9
FIGURE 2.9 - STATE SPACE BLOCK DIAGRAM [13] ..eeuiiiiiiiieiiieiiesieet ettt st sttt ettt st 15
FIGURE 3.1 - AV'L SECTIONS LOCALIZATION ..uuvveeeeeurreeesureeeasuseeessnssesesasseessssseessssseesssseesssssessssssesssssseessssseeesssens
FIGURE 3.2 - AV L SENSORCRAFT IMIODEL....eeuveerurieertenrieenieesreeesstesreeeseesneseseesaresesseesnesesnaesnesesnnesnesessneenenes
FIGURE 3.3 - XFOIL WINDOW RESULTS ENVIRONMENT
FIGURE 3.4 - CDP VS G f CURVE.c..tiiutiiiieiiieitte sttt ettt ettt sttt ettt st st saeesbe e bt e st eae e eaeesbe e beenbeenbeeasesanesnees
FIGURE 3.5 - CDp vs §f CURVE SLOPES GIVEN BY LINEAR EQUATIONS .....cuveueeurerrinreriensenseeseesensensessesresseeneensensensenne 24
FIGURE 3.6 = CDP 1S GQL CURVE ..veviuveeiiieeieesteeesitesieessttesteessstesabeesssaesnbesenssesnsesssssesnsssenssesnsessssseensssesseesnseees 24
FIGURE 3.7 - CDp vs @i CURVE SLOPES GIVEN BY LINEAR EQUATIONS ....c.uveuverertiarerieesenieeneesensesresseeresseeneensensensenne 24
FIGURE 3.8 - CDP 1S G0 CURVE...cccueeiiieeiiesitteesitesiteessitestesssssesbesssssessbesenssesssesssssesnsessnssesnsessssesnsssesssesnsees 25
FIGURE 3.9 - CDp vs §a0 CURVE SLOPES GIVEN BY LINEAR EQUATIONS ......ceuverereiareriensenireneesensensessesresseeneensensensenne 25
FIGURE 3.10 = CDP US ST CURVE...ccuueieteeiiteestieesitesiteessteessteessseesbeessssesbesssssesssesssssesssssssssessessnsseensesesssesnsens 25
FIGURE 3.11 - CDp vs §ei CURVE SLOPES GIVEN BY LINEAR EQUATIONS .....ceuverervinreriensenieeneesensenresseeresseeneennensensenne 25
FIGURE 3.12 - CDP US G0 CURVE....uueiiiiieiieiiieesiteeieessttesteessseesteesssaesabesssssessseessssesssssnssesnsessnsssensenesssesnsees 26
FIGURE 3.13 - CDp vs §e0 CURVE SLOPES GIVEN BY LINEAR EQUATIONS ....veeuverueerueerueerseenseensesneesseesseensesnsesnsesseesnes 26
FIGURE 3.14 = CDT US §f CURVE....tiutiiuieiuieiteeritestee ettt ettt ste et e bt st st s atesbeesbeenbe e bt eateeatesbeenbeenbe e beenbesanesaees

FIGURE 3.15 - CDi vs §f CURVE SLOPES GIVEN BY LINEAR EQUATIONS
FIGURE 3.16 = CDi 1S QL CURVE ..eeiuvieeiieeiieetieesteesieessaeesteessseesbessssaesssesenssesssesssssesssesenssssnsessnssesssssesssesssees
FIGURE 3.17 - CDi vs §ai CURVE SLOPES GIVEN BY LINEAR EQUATIONS .....c.vveestreerureerreessresssseessseesseeesssesssseesseessseens 27
FIGURE 3.18 - CDi 1S GO0 CURVE ..ceuveieteeiiieeiieeiitesieessaeesteessssessessssaessesenssesssesssssessssssnssssssessssseessssesssesnsees
FIGURE 3.19 - CDi vS §a0 CURVE SLOPES GIVEN BY LINEAR EQUATIONS ....veeuverueerueereeereeeseeneesneesseesseensessessessesnes
FIGURE 3.20 = CDi 1S G€1 CURVE ..eieueeitereiueesteeesieesteessueesssesesseessesssssesssesenssesssesesssssssssssssesnsesssssesnsssesssesssees
FIGURE 3.21 - CDi vs §ei CURVE SLOPES GIVEN BY LINEAR EQUATIONS ...c.uveeuverueerueereeereeeseeeesneesseesseessessessesssesnes
FIGURE 3.22 = CDi 1S €0 CURVE.....uueiiteiiiiestieeiitesteessatessteessseesbessssaessessnssessesesssessssssnssssnsesssssesssssesssesnsees
FIGURE 3.23 - CDi vs §€0 CURVE SLOPES GIVEN BY LINEAR EQUATIONS .....veeuverurerueereeereeeneeeneesneesseesseesessessessesnes
FIGURE 3.24 - RESOLVED FORCE COMPONENTS FOR A C'S DEFLECTION ..eeuuvveeeeureeesnureeeesurteeesnureeessuseeessseeesssnseeessnnees
FIGURE 4.1 - (A) STATICALLY STABLE (B) STATICALLY UNSTABLE (C) NEUTRALLY STABLE [18]
FIGURE 4.2 - LONGITUDINAL EIGENVALUES IN ARGAND PLAN ....ceeitttetteeteeesseessteeesseeessesesssesssssesssesssesesssesssssesssesssses
FIGURE 4.3 - LATERAL EIGENVALUES IN ARGAND PLAN....c.utttetteereeeueesteesnseessseeesseesssesesssesssesesssesssesesssesssesesseessseses
FIGURE 4.4 - FRONT AND TOP VIEWS OF FORCES PRODUCED BY ELEVATORS DEFLECTED IN (A) OPPOSITE AND (B) SAME
DIRECTIONS «.vtteuvteeuteenueeeueeesueeesueeesuseessseesuseessseesssesssseesssesssseessseessseesssesssseessseessseesnsessnseessessnseesnsessnseesns 42
FIGURE 4.5 - FRONT AND TOP VIEWS OF FORCES AND MOMENTS PRODUCED BY THE OUTBOARDS ELEVATOR AND AILERON...43
FIGURE 4.6 - MIXED-CONTROL CONFIGURATION 1 AND 2 (LEFT AND RIGHT RESPECTIVELY) ..uvverviieiierneeenieesieeeseeeenneees 45
FIGURE 4.7 - MIXED-CONTROL CONFIGURATION 3...iiiutieiutetesieeeitesesseesseeessseensesessesesesesssssssssesssssnsesesssssnsesessesensenes 45
FIGURE 4.8 - MIXED-CONTROL CONFIGURATION 4 AND 5 (LEFT AND RIGHT RESPECTIVELY) v.vvveevveerireereeesineennneessneenenens 45
FIGURE 4.9 - MIXED-CONTROL CONFIGURATION 6 AND 7 (LEFT AND RIGHT RESPECTIVELY) ...uvvervireiiesieeenieesieeesieesnneees 45
FIGURE 4.10 - ANALOGY BETWEEN CONVENTIONAL SPLIT FLAPS AND SENSORCRAFT SPLIT FLAPS....ccceterauirreeeeesesanereeees 46

vii


file:///C:/Users/Raquel/Desktop/Final%20Thesis%20Bernardo.docx%23_Toc296049533
file:///C:/Users/Raquel/Desktop/Final%20Thesis%20Bernardo.docx%23_Toc296049535
file:///C:/Users/Raquel/Desktop/Final%20Thesis%20Bernardo.docx%23_Toc296049537
file:///C:/Users/Raquel/Desktop/Final%20Thesis%20Bernardo.docx%23_Toc296049537
file:///C:/Users/Raquel/Desktop/Final%20Thesis%20Bernardo.docx%23_Toc296049542
file:///C:/Users/Raquel/Desktop/Final%20Thesis%20Bernardo.docx%23_Toc296049558
file:///C:/Users/Raquel/Desktop/Final%20Thesis%20Bernardo.docx%23_Toc296049559
file:///C:/Users/Raquel/Desktop/Final%20Thesis%20Bernardo.docx%23_Toc296049566

FIGURE 4.11 - FX AND FY COMPONENTS FOR (A) FRONT WING DOWN DEFLECTION AND AFT WING UP DEFLECTION AND (B)
FRONT WING UP DEFLECTION AND AFT WING DOWN DEFLECTION ....vvevevereetesereeresseseesessesessessessesessessssessesessensens
FIGURE 4.12 - SPEED-BRAKE CONTROL CONFIGURATION 1 AND 2 (LEFT AND RIGHT RESPECTIVELY)
FIGURE 4.13 - SPEED-BRAKE CONTROL CONFIGURATION 3 ....viuveuivirereereteseesisseseesessessesessessesessessesessessessssessensesessens
FIGURE 4.14 - SPEED-BRAKE CONTROL CONFIGURATION 4 AND 5 (LEFT AND RIGHT RESPECTIVELY)
FIGURE 4.15 - SPEED-BRAKE CONTROL CONFIGURATION 6 AND 7 (LEFT AND RIGHT RESPECTIVELY)

FIGURE 5.1 - COMPARISON OF THE STABILITY COEFFICIENT C1.87 FOR EACH CONFIGURATION ...uvvieuvveeereeseneeereeseneeeneas
FIGURE 5.2 - OPEN LOOP REPRESENTATIVE SYSTEMS FOR (A) LONGITUDINAL AND (B) LATERAL MOTIONS ...eevvervreenerennnnees
FIGURE 5.3 - RECTANGULAR SIGNAL INPUT OF CONTROL SURFACES ....uvveeuvreeteeeteeesseeesesesssesssseesssesssssesssesssssssssesssses
FIGURE 5.4 - LONGITUDINAL RESPONSE TO A 3 DEGREE RECTANGULAR SIGNAL IN ELEVATORS ...ceuvvteirerrreeniressreeenseesnaeees
FIGURE 5.5 - LATERAL RESPONSE TO A 3 DEGREE RECTANGULAR SIGNAL IN AILERONS ....ccuvvterureentreesireenseeesseessseesssesssnens
FIGURE 5.6 - LATERAL RESPONSE TO A 3 DEGREE RECTANGULAR SIGNAL IN RUDDER.....ceevvterurernrreennressreeesneesseeesseesnseees
FIGURE 5.7 - TYPICAL FEEDBACK CONTROL SYSTEM ...uuvveeuteeeueessesesseessssesssesssssessessssesesssssssssesssssnsssesssesssssesssesnsees
FIGURE 5.8 - ROOT LOCUS OF LONGITUDINAL SYSTEM AND RESPECTIVE LEGEND ....vveevteereeesuressueeensnessseeensnessseeenseessseees
FIGURE 5.9 - ROOT LOCUS OF LATERAL SYSTEM ..euuvteeuveeeuteeesueessesenssessssenssesssssesssesnsssesssesssssesssssssssssssesnsesesssssnsses
FIGURE 5.10 - CLOSE LOOP SYSTEMS FOR (A) LONGITUDINAL AND (B) LATERAL MOTIONS ..veeuvvernureeniresreeeninesnseeesseessanees
FIGURE 5.11 - LONGITUDINAL RESPONSE OF FEEDBACK SYSTEM TO A 3 DEGREE RECTANGULAR SIGNAL IN ELEVATORS
FIGURE 5.12 - LATERAL RESPONSE OF THE FEEDBACK SYSTEM TO A 3 DEGREE RECTANGULAR SIGNAL IN AILERONS ..............
FIGURE 5.13 - LATERAL RESPONSE OF THE FEEDBACK SYSTEM TO A 3 DEGREE RECTANGULAR SIGNAL IN RUDDER ................
FIGURE 5.14 - FLIGHT PATH CONTROL SYSTEM OF ) AND ¢) USING THE LQR FEEDBACK GAIN MATRIX veuvvveruvernvreersvesnunees
FIGURE 5.15 - RESPONSE OF LQR FEEDBACK SYSTEM — SATURATION CASE L....cccuviiiuieeiiieiireenireesieeeieeeseneennneeseaeenne s
FIGURE 5.16 - RESPONSE OF LQR FEEDBACK SYSTEM — SATURATION CASE 2....ccvvieiureeireesireenureessneesseeessnesnsseesssesssnens 72
FIGURE 5.17 - 1) RESPONSE FOR MIXED-CONTROL CONFIGURATIONS (LEFT) AND RESPECTIVE ZOOM (RIGHT) .vevvvrerevernnnenn 73
FIGURE 5.18 - 1)) RESPONSE FOR SPEED-BRAKE CONTROL CONFIGURATIONS (LEFT) AND RESPECTIVE ZOOM (RIGHT) ............ 73
FIGURE 5.19 - 1) RESPONSE COMPARISON BETWEEN MIXED-CONTROL AND SPEED-BRAKE CONTROL

FIGURE 5.20 - 1)) RESPONSE FOR MIXED-CONTROL CONFIGURATIONS .....ceuveeuteruterueesueesseesseenseeneesnsesseesseesesnsessesssesnes
FIGURE 5.21 - 1) RESPONSE FOR SPEED-BRAKE CONTROL CONFIGURATIONS ...vvveeuvrteurerreeesuresssesenssesssesessnesssesenseesnsenes
FIGURE 5.22 - 1)) RESPONSE COMPARISON BETWEEN MIXED-CONTROL AND SPEED-BRAKE CONTROL

FIGURE 5.23 - EQUIVALENT RUDDER USE DURING THE REQUESTED HEADING ANGLE CHANGE +.vevvvvteruvernveeenvessueeenseeesenees
FIGURE 6.1 - COMPARISON OF THE CLOSE LOOP GAINS FOR EACH CONFIGURATION .....eevveeeeenreeneeneesseenseesseessesssessennnes
FIGURE 6.2 - HEURISTIC MODEL AIRFRAME CONTOUR [20] .uvvvtiiiiieiiiiiiiieiieeeeeiitieeeeseeesssrereeeseeesensnaseeeseessessnsesess
FIGURE 6.3 - JOINED WING SENSORCRAFT 3 [20]..uuvveeieeiieiiiieeeieeeeeiitireeeeeeeeeentneeeeeeeesesssseeeseeesesssssseseeessenssnsesees
FIGURE A.1 - SWEEP ANGLE DEFINITION ...etttteteiaiuunrteeeessaaauunreteeesssaaueseeeeeessasnnseneeesesesanmnsseeesesesannseseeesesssasnnseneees
FIGURE A.2 - DIHEDRAL ANGLE DEFINITION [21] ..euuuriiiieeiieiiiiieeeeeeeeeiireeeeeeeeesenrneeeeeeeesensnseeeseeesennnssseseeessennnrenees
FIGURE A.3 - TWIST ANGLE DEFINITION [22] 1oeiiieittiiiiieeiiiiiireeeieeeeeiiiteeeeeeeeeseaabaeeeesesesssssaseeeseeesessssseseseessessssseseses
FIGURE E.1 - DRAG-POLAR POINTS SELECTION FROM JAVAF OLL PROGRAM .....ccuvevuieiierieeiieieeieeiienieenieeieesesneesnees
FIGURE F.1 - AV L STABILITY COEFFICIENTS RESULTS ..teeeutteeeeureeesaurreeenreeesanuseeesauseeessuseeessnsseeessuseeessnsseesssnseeesansees
FIGURE G.1 - LONGITUDINAL NATURAL FREQUENCY, DAMPING RATIO AND EIGENVALUES

FIGURE G.2 - LATERAL NATURAL FREQUENCY, DAMPING RATIO AND EIGENVALUES ....cvvvvvrvrrerereeererererereseserereseserememeseren
FIGURE |.1 - STABLE SHORT PERIOD MODE [19] ...uutvriiiieiiieiiiireeeeeeeeeiiitteeeeeeeesnraeeeeeeeesenrsseeeseeesenssnseeseeessenssnrenees
FIGURE 1.2 - STABLE PHUGOID MODE [19] ..ittttiiititereiererereeeeeeeeereeeeeeeeeeeseessesssssessssssssssssssssssssssssssssssssssssssssssssssssee
FIGURE 1.3 = SPIRAL MODE [19] 1eiiiiieiiititiiee e e e ettt e ettt e e e e e aabae e e e e e eesaataaeeeeesesenstssaeeeeeesestaraeeeeessennnnraeeeas
FIGURE 1.4 - DUTCH ROLL MODE EXPLANATION [19] .evvvviiiiiiiiiiieieeeereeeeeeeeeeeeeeseeeeeressssessssssesssssssssssssssssssssssssssssssseee
FIGURE 1.5 = ROLL IMODE [19] 1evveeiiieieiiitieee e e e ittt et e e e eeettee e e e e e eesaabaeeeeeeeesenstaseeeeeeesestssaeeeeeesensssrseeeeessansnraneeas

viii


file:///C:/Users/Raquel/Desktop/Final%20Thesis%20Bernardo.docx%23_Toc296049595
file:///C:/Users/Raquel/Desktop/Final%20Thesis%20Bernardo.docx%23_Toc296049596
file:///C:/Users/Raquel/Desktop/Final%20Thesis%20Bernardo.docx%23_Toc296049597
file:///C:/Users/Raquel/Desktop/Final%20Thesis%20Bernardo.docx%23_Toc296049597
file:///C:/Users/Raquel/Desktop/Final%20Thesis%20Bernardo.docx%23_Toc296049597
file:///C:/Users/Raquel/Desktop/Final%20Thesis%20Bernardo.docx%23_Toc296049597
file:///C:/Users/Raquel/Desktop/Final%20Thesis%20Bernardo.docx%23_Toc296049597

List of Tables

TABLE 2.1 - SENSORCRAFT FLIGHT CONDITION PARAMETERS. ...eeeuvtesureeeueessreessseesseeesseesssessnsessssessnsesssssssnsessssesssseesses 6
TABLE 2.2 — LEGEND OF FIGURE 2.2 ....ttttteteeeiiiettteeeeeseiittteeeeeeseuuattteeeeesaaaustateeeeesesanbaaaeeessesanbebaeeeeeesaansnsaeaeesesan 6
TABLE 3.1 - LONGITUDINAL STABILITY DERIVATIVES ... .uveeeuveesureesuseesureesseessseessseessessssessssessssessssesssseessessssesssessssessns
TABLE 3.2 - LATERAL STABILITY DERIVATIVES....teeeuteesureeaueessseessessnsesssessssessssesssessssessssessssessssessssessnsessssesssessssessns
TABLE 3.3 — AVL AND XFOIL DRAG COEFFICIENTS...ceeeeuttteraurteeesrteeeanureresasseessanreeessnreresannseeesanseessssesessssseeesannees
TABLE 3.4 - INPUT AIRFOIL PROPERTIES FOR X FOIL .ccccuuviiiiiiieieiiee ettt st e ettt s ivee e s svae e st e s s
TABLE 3.5 - DRAG COEFFICIENTS OF THE CONTROL SURFACES ...eeuveerureesureessreesseesseessseessseessseesseessseessessssesssseesssessns
TABLE 3.6 - YAW MOMENT COEFFICIENTS OF THE CONTROL SURFACES ....vvveuteeeuteesreesseesnseessessnseesssesssessssesssessssensns
TABLE 4.1 - STATIC STABILITY OF THE SENSORCRAFT ...veteuveerureesireesireesseesreesseesseessessssessseesssesssseessesssseessessssessns
TABLE 4.2 - LONGITUDINAL EIGENVALUES «.veeuuveeeuteessteeeseessseessessssesssessssesssessssessssessnsessssessssessssessssessssessnsessssessns
TABLE 4.3 = LATERAL EIGENVALUES ..cvuvtteuveesureesteesereesseesaseessseessseessseesssessseessesssessssessssessssesssessseesssessssessssessns
TABLE 4.4 - SHORT PERIOD AND PHUGOID FLIGHT QUALITY RESULTS ..veeeuveesureesveesreesseessseesseesseesssesssessssesssssesssensns
TABLE 4.5 - LATERAL MODES FLIGHT QUALITY RESULTS euuveerureesreerureesueessseessseesssesssseessessssessssessssesssessssesssessssessns
TABLE 4.6 - STABILITY COEFFICIENTS OF RIGHT OUTBOARD AILERON AND ELEVATOR
TABLE 4.7 - DRAG-LESS YAWING COEFFICIENT C710'S OF CONTROL SURFACES ..ceuvveerureesnreesireesreesreesseesseesssessseessseenns
TABLE 5.1 - MIXED-CONTROL EQUIVALENT RUDDER STABILITY COEFFICIENTS .vveeuveesuveeeveesreesseesseesssessssessssessseesssenses
TABLE 5.2 - SPEED-BRAKE CONTROL EQUIVALENT RUDDER STABILITY COEFFICIENTS
TABLE 5.3 - LONGITUDINAL FEEDBACK SYSTEM PROPERTIES ..vvveeuveesereessseessreesseessesassesssesssesssessssesssessssessnsessssessns
TABLE 5.4 - LATERAL FEEDBACK SYSTEM PROPERTIES ...veeeuveesureesureesereessseessseessseessesssseesssesssessssessssesssessssesssessssessns
TABLE 5.5 - GAINS AND EIGENVALUES OF THE LONGITUDINAL CONFIGURATIONS ...vvveiuvveeeesrreessnreesssnneesesnneeessssneessnnnees
TABLE 5.6 - GAINS AND EIGENVALUES OF THE LATERAL CONFIGURATIONS ..c..vveeeuveesureeereesreesseesseessseesseesssessseesssessns
TABLE 5.7 - LATERAL LQR FEEDBACK SYSTEM PROPERTIES..c..uveeeuveesureeeseessreesseesseesssesssseessessseessessssessssessnsessssessns
TABLE 6.1 - EQUIVALENT RUDDER CLASSIFICATIONS ..vveeeuveerureesseessreessseessseessseessesssseesssessssessssessssesssessssesssessssessns
TABLE B.1 - SENSORCRAFT CHARACTERISTICS AND GEOMETRY PARAMETERS ...ccuuveeureeanreerureenteesreesuseesseessneesseesnseesns
TABLE B.2 - CG POSITION ....ttttteeeeeeaiittteeeeeeeaieteteeeeeseasbebeeeeeeesaansebe e e eeeesaannbeeeeeeeseaannbabeeeeeeesannbebeeeeeeesannnnreneeas
TABLE H.1 - ESTIMATED VALUES
TABLE J.1 - AIRCRAFT CLASSIFICATION ...vteteeeeesauutereeeeesesaaunereeeeesssaanssenesesssaansseneeeeesasansseseeesesssannnsesesesssasnnnsenenes
TABLE J.2 = AIRCRAFT FLIGHT PHASES «..teeuttesuteesuteesureesueeesuseesueeesuseesuseesssesssesessseessesesnsesssssesssesssesessesssseessessnees
TABLE J.3 - AIRCRAFT QUALITY FLIGHT LEVELS ....uuttttteeeseaauuereteeeeesasnnreteteeesesnnreneeeeesesannseseeesesssannnnseeesesssannnssenens
TABLE J.4 - SHORT PERIOD MODE DAMPING RATIO SPECIFICATION ...uuveeruteeureesueeesureenseeesueeesseeesssesssesessesssesessessneees
TABLE J.5 - PHUGOID MODE FLYING QUALITIES. 1eeuuvtesureesuveessreesueessseesseesssessssesssesssssesseessssessssessssesssssnsesssssssssenes
TABLE J.6 - SPIRAL MODE LEVELS SPECIFICATION c...teuveeureesureesueeesureesuseesuseesseeesuseessseesssesssssesssesssesesmsesssesesseessnenes
TABLE J.7 - DUTCH ROLL MODE LEVELS SPECIFICATION ..euvvteuveesuseesureesueeesseeessseesssesssnessseessssesssssssssessssnssseseesnsees
TABLE J.8 - ROLL MODE TIME CONSTANT SPECIFICATION ...veeuuveeeuteesureenuseesseeesseeesuseesseeesssesssesesssesssesessesssesessesssees




Nomenclature

Latin Letters

A State coefficient matrix
a, Side slip acceleration
a, Acceleration in Z-axis
b Wing Span

B Driving matrix

C Output matrix

c Mean aerodynamic chord line

CGy Distance of the center of gravity from the X-axis

cgy Distance of the center of gravity from the Y-axis

CGxy Distance of the center of gravity from the XY-plane

Cp Drag coefficient

Cp, Drag curve slope

Cp, Induced drag coefficient

Cp, Parasitic drag coefficient

Cp, Change in the drag coefficient due to the u-direction velocity
Cpyg Change in the drag coefficient due to the deflection of control surfaces
C, Lift Coefficient

Cy, Lift curve slope

Cr, Change in the lift coefficient due to the u-direction velocity

Cuy Change in the lift coefficient due to the deflection of control surfaces
G Rolling moment coefficient

Clﬁ Change in C; due to a change in the side slip angle

Cz,, Change in C; due to a change in the rolling rate

G, Change in C; due to a change in the yawing rate

G, Change in C; due to a change in the v-direction velocity

Cis Change in C; due to the deflection of control surfaces

Cm Pitching moment coefficient

Crn Pitching moment coefficient of the wing

Crng Slope of C,, versus a

Crm, Change in C,, caused by the change in the u-direction velocity
Crmgs Change in C,, due to the deflection of the control surfaces

Cy, Yawing moment coefficient



:Q
=

:ﬁ
<

N

Change in C,, due to a change in the side slip angle

Change in C,, due to a change in the rolling rate

Change in C,, due to a change in the yawing rate

Change in C,, due to a change in the v-direction velocity
Change in C,, due deflection of the control surfaces

X-axis force coefficient

Slope of Cy versus a

Change in Cyx due to the change in pitching rate

Change in Cyx caused by the change in the u-direction velocity
Change in Cyx caused by the change in the w-direction velocity
Change in Cy due to the deflection of the control surfaces
Y-axis force coefficient

Change in Cy due to a change in the side slip angle

Change in Cy due to a change in the rolling rate

Change in Cy due to a change in the yawing rate

Change in Cy due to a change in the v-direction velocity
Change in Cy due to the deflection of the control surfaces
Z-axis force coefficient

Slope of C, versus «a

Change in C; due to the change in pitching rate

Change in C, caused by the change in the u-direction velocity
Change in C; caused by the change in the w-direction velocity
Change in C, due deflection of the control surfaces

Feed forward matrix

Parasitic drag force

Induced drag force

Oswald efficiency number

Acceleration due to gravity

Reference altitude

Complex number

Identity matrix

Moment of inertia in roll direction

Moment of inertia in pitch direction

Moment of inertia in yaw direction

Cost function

Roll, pitch and yaw moments

Lagrangian

Xi



S XXX =3

Dihedral effect

Roll damping

Rolling moment due to the yaw rate

Rolling moment due to the deflection of the control surfaces
Mass

Mach number

Change in the pitching moment due to the angle of attack
Change in the pitching moment due to the u-direction velocity
Change in the pitching moment due to the w-direction velocity
Change in the pitching moment due to the pitch rate

Pitching moment due to the deflection of the control surfaces
Damping stability derivative

Static directional stability or weathercock stability

Yawing moment due to the roll rate

Yaw rate damping

Yawing moment due to the deflection of the control surfaces
Period of an oscillatory function

Roll, pitch and yaw rates

Dynamic pressure

Reynolds number

Variable of control transfer functions

Wing reference area

Time constant

Time to double

Velocity components

Forward velocity

Upstream air speed

Normal component of the air speed on wing due to the sweep angle

Control input variables

Side velocity

Velocity vector

Vertical velocity

Position of the aerodynamic center

Position of the center of gravity

Axial force

Stability derivative of X in u-direction velocity
Stability derivative of X in w-direction velocity

Stability derivative of X due to the pitch rate

Stability derivative of X due to the deflection of the control surfaces

xii



N N N R
s =

N
=~

State vector

State vector derivatives

Side force

Stability derivative of Y due to a change in side slip angle
Stability derivative of Y due to a change in the roll rate
Stability derivative of Y due to a change in the yaw rate
Stability derivative of Y due to the deflection of the control surfaces
Output vector

Normal force

Stability derivative of Z in u-direction velocity

Stability derivative of Z in w-direction velocity

Stability derivative of Z due to pitch rate

Stability derivative of Z due to the deflection of the control surfaces

xiii



Greek Letters

NN R D D R ™ R

g
S

Angle of attack

Sideslip angle

Flight path angle

Pitch attitude angle

Bank angle

Heading angle

Eigenvalue

Damping ratio

Natural frequency

Real part of a pole

Imaginary part of a pole
Wing sweep angle at ¢/4 line
Forward wing sweep angle at ¢/4 line
Aft wing sweep angle at ¢/4 line
Dihedral forward wing
Dihedral aft wing

Twist forward wing

Twist aft wing

Taper ratio forward wing
Taper ratio aft wing

Density

Kinematic viscosity

Dynamic viscosity

Control surface deflection
Flaps deflection

Inboard aileron deflection
Outboard aileron deflection
Inboard elevator deflection

Outboard elevator deflection

Xiv



Abbreviations

2-D
3-D
AFCS
AFRL
AR
AVL
AFA
CAD
CNC
CS
CFD
cg
EDF
HALE
ISR
JWsS
LQR
ph

SI

sp
UAV
Uus
USAF
VLM

Two-dimensional
Three-dimensional

Automatic Flight Control System
Air Force Research Laboratory
Aspect Ratio

Athena Vortex Lattice

Academia Forca Aérea Portuguesa
Computer-Aided Design
Computer Numerically Controlled
Control Surface

Computational Fluid Dynamics
Center of Gravity

Electric Ducted Fan
High-Altitude Long-Endurance
Intelligence, Surveillance and Reconnaissance
Joined-Wing Sensorcraft

Linear Quadratic Regulator
Phugoid mode

International System of Units
Short period mode

Unmanned Aerial Vehicle

United States

United States Air Force

Vortex Lattice Method

XV



Chapter 1

Introduction

The Joined-Wing SensorCraft inserts itself in a United States Air Force (USAF) project of a new
generation of High-Altitude Long-Endurance (HALE) aircrafts. At this very moment, only small
and scaled models have been constructed and experimented in flight tests. This Unmanned
Aerial Vehicle (UAV) is a merging between stealth, endurance and a low-band array, able to
provide 360° coverage. HALE UAVs have become an important part of the aeronautic field with
great future perspectives. These vehicles have civilian as well as military applications,
distinguished for remote sensing, telecommunications, atmospheric studies, along surveillance
and reconnaissance, accomplished at relatively low operating costs [1].

The Joined-Wing aircraft is an unusual configuration that incorporates two wings in which the
forward wing is swept back positive dihedral to join the aft wing, which is swept forward
anhedral, usually from the top and front view forming a diamond arrangement [2].

The limitation to UAVs data collection was a lack in continuous area coverage and so low ability
to penetrate dense foliage. A conformal radar antenna array embedded in such a diamond
shape could afford 360° radar coverage thus improving the ability to see through thick forest
canopies. This configuration is commonly referred to as a Sensorcraft.

The problem with the actual radars is that they have to be installed after the aircraft design,
introducing a weight penalty and sometimes creating drag. Nowadays the aircrafts use in ever-
more precise missions, increase the need of higher resolution from the sensor. Increasing the
radar resolution means increasing the size of the sensor, which leads to even more weight and
possibly more drag.

The Joined-Wing SensorCraft design was created for a new type of radar array that could work
as part of the airframe. The main goal was having an aircraft with continuous area coverage, so
it was designed around the antennas, and all the performance requirements obey firstly to the
antenna requirements [1].

It can be said, that the genesis of the SensorCraft was the desire to integrate the sensing
functionality into the airframe of an UAV, solving the problem of the actual radars.

The conformal antennas integrated in the aircraft improve the aerodynamic performance, thus

maximize the endurance performance of the aircraft.



1.1 Development of the Joined-Wing concept

The Joined-Wing design is not a new concept at all. Although with some different names, like
Close-Wing or Box-Wing, the concept emerged a century ago. It started with the Blériot IlI
aircraft, built in 1906 by Louis Blériot and Gabriel Voisin [3]. Nevertheless, the huge advance in
the Joined-Wing concept only took place in 1980’s by Dr. Julian Wolkovitch, who suggested that
this new design would lead to possible weight savings and aeroelastic benefits [4] [5].
The general aims of this design are to provide a Joined-Wing aircraft with;

* An improved strength to weight ratio

* A greater stiffness

* Less aerodynamic drag

* An improvement in wing structure for resistant out-of-plane lifting loads

* An improvement in terms of the buckling resistance
After Dr. J. Wolkovitch proposed this concept, several studies have been conducted to
investigate structural and aerodynamic characteristics of the Joined-Wing. The benefits
provided by the Joined-Wing depend on its application and design goals. For the same
applications, weight saving may be of prime importance [6].
Some of the advantages stated for the Joined-Wing are:

* Light weight

* High stiffness

* Low induced drag

» Good transonic area distribution

* High trimmed maximum lift coefficient

* Reduced Wetted area and parasitic drag

* Direct lift control capability

* Direct side force control capability
Between these advantages, the weight saving, less drag and high trimmed, along with the
improvement in surveillance and reconnaissance capability, make the Joined-Wing SensorCraft
a promising advance in HALE UAVSs.
Because of the great attention given to the surveillance and endurance abilities, the stability and
control of the aircraft was not a primary concern. Thus this thesis will focus and treat this later

subject, exploring the high number of control surfaces in the wings.

1.2 Thesis motivation

The Joined-Wing SensorCraft gave its firsts steps in the Air Force Research Laboratory. The
development of this project aimed for a completely innovate design that could carry all the
sensing capability that USAF currently have. The SensorCraft configurations are motivated by
the capability they can provide in terms of altitude, range, endurance, payload capacity,

surveillance, reconnaissance, and antenna systems with 360° coverage [7].
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In order to explore different configurations for the Sensorcraft, many contracts were conducted
between USAF and the United States’ largest airframers, Northrop Grumman, Lockheed Martin
and Boeing. An ambitious plan was proposed to the airframers that demanded them new
challenges: high endurance capability, outstanding aerodynamic performance, great payload
capacity, power and cooling to support a next-generation intelligence, surveillance and
reconnaissance (ISR) sensor. From the airframers competition came three different designs, a
conventional high aspect ratio wing, a Flying-Wing and the Joined-Wing [8].

The Joined-Wing Sensorcraft configuration belongs to the airframer Boeing and some work has
been done by USAF partners, building and flight testing smaller SensorCraft models [9].
SensorCraft is a 5 meters wingspan UAV, with an overall mass of 93 Kg and 2 engines
mounted inside the fuselage like shown in figure 1.1. It represents a challenge for stability and
control not only because of the unusual configuration, but also because of a particular
nonexistence of a vertical stabilizer and thus of the yaw control surface (rudder). Usual joined-
wing configurations always preserve the vertical stabilizer; however the strict requisites of long
endurance, and high aerodynamic performance led to this configuration.

The numerous control surfaces that was possible to install in both front and aft wings,

contributed to the feasibility of mixed-control techniques on the SensorCraft.

1.3  Thesis objectives

The objectives of this thesis are the development of the static and dynamic stability analysis of
the Joined-Wing SensorCraft, following the control of its unstable modes in order to achieve
good handling flight properties, and finally exploring which best non rudder techniques can
make the SensorCraft control feasible.

In order to accomplish such objectives, and due to the lack of wind tunnel tests, the aircraft
performance will be analyzed with a Computational Fluid Dynamics (CFD) code program. After
the calculation of the aircraft’s stability derivatives, the static and dynamic stability analysis of
the aircraft motion will take place. Conventional and modern control techniques will be applied
as an effort to stabilize both longitudinal and lateral motions, but it will be placed more emphasis

in the lateral motion control due to the nonexistence of a rudder.

1.4 Properties definitions

Axis System

The definition of the axis system is important since it is from it that the center of gravity (cg) will
be represented, as well as the aerodynamic parameters used in the AVL program.
The axis system was built with the X-axis starting at aircraft nose and pointing to the tail aligned

along the vehicle body. The Z-axis is perpendicular to X-axis and pointing up, with aircraft wings



leveled. Finally the Y-axis points out through the right wing, and creates a right-handed

trinedron along with the two other axis.

Figure 1.1 - Joined-Wing SensorCraft schematic, with axis system for cg and AVL data definition

Direction of control surfaces

As notation for positive and negative direction of the deflection of control surfaces, it is defined a
downwards deflection as a positive deflection (+), and an upwards deflection as a negative
deflection ().

Other definitions, like swept, dihedral, twist and tapper ratio follow the conventional definitions.

Further insight on these definitions can be seen in Appendix A.

1.6 Thesis layout

In Chapter 1, the theme of this thesis is approached through a history briefing about the joined-
wing configuration aircrafts and the objectives of the thesis are lined out.

In Chapter 2 is presented the configuration of the Joined-Wing aircraft, as well as strategies to
control rudderless aircrafts. The equations of motion for the aircraft are deduced.

In Chapter 3, the aerodynamic characteristics are calculated and estimated using various
technigues.

In Chapter 4, the aircraft stability is investigated, a study about the stability derivatives impact
on the control strategies is performed and ways to approach an equivalent rudder using the
existent control surfaces are explored.

In Chapter 5 control systems are designed to stabilize and control the dynamic of aircraft, and
the control systems are used to evaluate the different control strategies.

In Chapter 6, the results achieved in the previous chapter are analyzed and discussed in order
to come up with the best solutions. It is presented an already built Joined-Wing SensorCraft
heuristic model and the qualitative flight test results are compared with the theoretical results.
Finally, in Chapter 7 the conclusion about the several control systems studied are presented

and recommendations are made for the aircraft control.
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Chapter 2

Joined-Wing SensorCraft

As stated before, the Joined-Wing SensorCraft has a configuration that incorporates two wings
in which the forward wing is swept back positive dihedral to join the aft wing, which is swept
forward anhedral, creating a diamond shape that can be seen from top and front views (figure
2.1). The fuselage is linked to the end of the aft wing by a tail boom, granting better structural

and aeroelasticity responses from the wings during the SensorCraft flight.

21 Configuration and aircraft properties

A peculiar characteristic of Joined-Wing SensorCraft, when compared with other Joined-Wing
configurations is the nonexistence of vertical stabilizer, and therefore of a rudder to control the

yaw. The schematic views of the Joined-Wing SensorCraft are presented below in figure 2.1.

—

5m | 3.2m

<& L

Figure 2.1 - Schematic views of the SensorCraft




The main characteristics and geometry parameters of SensorCraft can be seen in Appendix B
as well as their definitions.

All the analysis will be ran for a trimmed, straight and symmetric flight, with wings leveled. As a
consequence, lift equals weight. The flight condition parameters are given in table 2.1, where,
U, is the aircraft forward velocity, p is the air density for the given reference altitude h,. The
parameter 8, represents the aircraft pitch angle for the stated conditions and was calculated

using the AVL program. The last parameter C, represents the lift coefficient and is given in

equation 2.1.
Flight Conditions Value Unit
U, 25,9 m/s
p 1,225 Kg/m3
0, 4,5 degrees
ho 0 m
C, 1,13 -

Table 2.1 - SensorCraft flight condition parameters

The lift coefficient was calculated for the lift equal to weight condition as represented in following
equations: L=W < %pU& S C, = mg, resulting in the expression:

2mg

= m ) (2.1)

L

where, L is the lift force, W is the weight force and the other parameters were defined before or
in Appendix B.

The SensorCraft has ten control surfaces along the forward and aft wings. Six control surfaces
are located in the forward wing and the other four in the aft wing. The distribution of the control
surfaces is shown in figure 2.2, and the table 2.3 makes the matching between the designation
used for each control surface and the code assigned to it, which will be followed through this

thesis. Symmetrical right and left control surfaces are defined by the same code.

Control surface Code
Flaps C1
/9 - §§ Inboard Ailerons c2
c2 Outboard Ailerons C3
\ Outboard Elevators  C4

c3 A Inboard Elevators C5

c4
k / Table 2.2 - Legend of figure 2.2

Figure 2.2 - Control surfaces distribution

The SensorCraft will use two turbine engines mounted inside the fuselage, having an inlet and

outlet configuration shown in figure 2.3.



Figure 2.3 - Longitudinal section of the SensorCraft showing the engine position
and the air inlet (yellow) outlet (red) configuration [9]

2.2 Control strategies in rudderless aircraft configurations

Due to the lack of vertical stabilizer and consequently of the yaw control surface (rudder), there
was a need to explore modern techniques of controlling yaw motion. Three methods of yaw

stability control were found and are described below.

221 Mixed-control method

The mixed-control purpose is to combine different control surfaces in order to produce a certain
motion that would be impossible to achieve by the deflection of one single control surface.
Mixed-control is also a method to make one control surface actuate over different motions, for
example the elevon working as elevator (longitudinal motion) and aileron (roll motion)

depending on the pilot’s request.

Resolved Component of force, F,

V Lift Increment due to CS deflection

Figure 2.4 - Front and top views of mixed-control forces exemplification [9]

In figure 2.4, it is easily seen that a positive deflection on the right outboard aileron causes the
appearance of an increment lift force (normal to the control surface) which has a lateral force
contribution to the inboard of the aircraft. On the other hand, the negative deflection of the right
outboard elevator has the same contribution of a force into the inboard of the aircraft. Given
these contributions of lateral force and its distance to the cg, it is possible to create a yawing

moment on the aircraft.



2.2.2 Speed-brake control method

Speed-brake control works on deflecting a control surface of one wing in order to produce a
differential drag force between the wings. This differential force will create a yaw moment and
will be used to lateral control. It is commonly used through split control surfaces, where it
deflects up and downwards to create drag.

Figure 2.5 - Aircraft B-2 Spirit using speed-brake control [10]

2.2.3 Differential thrust control method

Differential thrust is acquired by creating a differential thrust force between the engines, giving
more power to one and less to the other, for example. The yaw control results from these
differential forces which create a yaw moment.

"Spinning
Faster

Figure 2.6 - Exemplification of differential thrust control method [11]

224 Resume

Two control strategies will be explored in the control of the SensorCraft, since the engines are
mounted very close to the aircraft X-axis, the yawing moment produced would be very small.
Therefore, this third method will not be considered and only the first two methods will be

analyzed.



2.3 Dynamics of flight

23.1 Axis referring

First of all it is essential to analyze the physical characteristics of the system and to
mathematically describe it, allowing the development of the required control algorithms. For this
particular flight control application the physical characteristics of the system are based around
the flight dynamics of the aircraft.

The first step in the analysis of the flight dynamics of any aircraft is to develop an initial
reference axis system to describe the position and attitude of the aircraft in relation to the Earth.
The most convenient inertial reference frame to use is known as the tropocentric coordinate
system or Earth axis system; where the origin of this axis is regarded as being fixed at the

centre of the Earth. Figure 2.7 represents this system [12].

Zg

Figure 2.7 - Aircraft Earth axis system [12]

To complement the Earth axis system and to characterize the aircraft in relation to this initial
Earth reference frame, the aircraft itself must also be referenced by a suitable axis system. The
system chosen for this project is the body-fixed axis system. This system and it components are

presented in figure 2.8 [12].

Lift (positive upwards)

Drag

(positive rearwards) All directions shown are positive

U, V, R are the forward, side and yawing velocities
L, M, N are roll, pitch and yaw moments
P, Q, R are the angular velocities,
roll, pitch and yaw
®, @, ¥ are roll, pitch and yaw angles

Y, : L.P.®

Vi Thrust
(positive forwards)

Figure 2.8 - Aircraft body-fixed axis system [12]
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From the body-fixed axis system, it can be deduced a commonly used axis hamed Stability axis
system. In the Stability axis system, the axis X is chosen to coincide with the velocity vector at
the start of the motion, thus steady symmetric flight. Therefore, between the X-axis of stability
axis system and the X-axis of the body axis system, there is a difference of a trimmed angle of
attack, a, and the sideslip angle () is considered to be zero at start of motion.

The definition of both axis systems is essential to determine the equations of motion that will
describe the attitude of the aircraft at any point in time. As shown in figure 2.8, there are six
degrees of freedom in any aircraft system, consisting of longitudinal (X), lateral (Y) and vertical
(Z) translational motions, roll (L), pitch (M) and yaw (N) rotational motions about the aircraft’s

center of gravity.

2.3.2 Euler’s Equations of Motion

To describe the six degrees of freedom the following equations, known as Euler’s Equations of
Motion, have been derived from Newton’s Second Law and are essential for the development of
any flight control system. These equations are described in the body-fixed axis system, which is

in motion with respect to the Earth axis system, considered to be an inertial system.

AX = m(U + QW —VR), (2.2)
AY =m(V + UR — PW), (2.3)
AZ =m(W + VP — UQ), (2.4)
L =1LP—L,(R+PQ)+ (I, — L,,)QR, (2.5)
M =1,,Q + L;(P? = R*) + (Lyx — I,,)PR, (2.6)
N =1,,R—1,P+PQ(L,, — I;) + L,QR, (2.7)

where, these variables are defined in figure 2.8, W is the vertical velocity and other parameters
are defined in Appendix B.

The equations (2.2 — 2.7) represent the inertial forces and moments acting on the aircraft. For
completeness it becomes necessary to characterize the contribution of the forces due to gravity.

Gravity forces will affect only the translational dynamics of the aircraft and are described in

below:
6X = —mg sin O, (2.8)
6Y = mg cos © sin @, (2.9)
6Z = mg cos O cos D, (2.10)

where, X, 6Y and 6Z are the incremental forces due to the gravity, and the angles are defined
in figure 2.8.

Now that both the inertial forces of the aircraft and the contributions made by gravity have been
quantified, the equations can be combined to produce the complete equations of motion of the

aircraft for its six degrees of freedom.
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AX =m(U + QW — VR + g sin©), (2.11)

AY =m(V + UR — PW — g cos © sin®), (2.12)
AZ =m(W + VP —UQ — g cos© cos D), (2.13)
L =1LP—L,(R+PQ)+ (I, — L,)QR, (2.14)
M =1,,0 + L,;(P?> = R?) + (Ix — I.,)PR, (2.15)
N =1,,R—1,P+PQ(L, — L) + L,QR. (2.16)

To complement the equations (2.11 — 2.16), it is also important to account with the equations
which relate the Euler angles (®, © and W) to the angular velocities (P, Q and R). These

equations are defined as follows.

P=®—-V¥sinoG, (2.17)
Q=0 cos®+ W cosO sin®, (2.18)
R=-0sin®+ ¥ cosO cos . (2.19)

2.3.3 Small disturbance theory - linearization

From the previous nine equations (2.11 — 2.19), the aircraft motion can be described using the
small disturbance theory. This theory essentially describes all of the motion variables in the
equations of motion as having two components, a reference (or equilibrium) component and a

dynamic (or perturbation) component as shown in the follow expressions.

U:Uo‘l'u, P=P0+p, X=X0+X, L=L0+l,
V=Vy+v, Q=Qy+q Y=Yo+y, M=M+m, (2.20)
W=W0+W, R=R0+T, Z=Zo+Z, N=N0+Tl.

In equations (2.20), the reference values are denoted by the subscript 0, while the perturbation
values about the equilibrium condition are denoted by the lower case letter.

In order to apply the small disturbance theory it is required to define both equilibrium and
perturbation equations. In equilibrium conditions there can be no translational or rotational

acceleration, thus the equilibrium equations are expressed as shown below [12]:

Xo = m(QuWy — VoRy + g sin©y), (2.21)
Yo = m(UyRy — PyWy — g cos O, sin @), (2.22)
Zy =mVoPy — UyQy — g cos©, cos D), (2.23)
Ly = =1,PyQo + (Izz - Iyy)QR: (2.24)
Mo = I;(P¢ — R3) + (Lx — I;2)PoRy, (2.25)
Ny = POQO(Iyy - Ixx) + 1, Qo Ry, (2.26)
Py = ®, — W, sin O, (2.27)
Qo = ©, cos D, + W, cos O, sin D, (2.28)
Ry = —0, sin®, + ¥, cos©, cosP,. (2.29)
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To find the expressions of the perturbed motion, it was applied the small perturbation theory

following the equation:

The term (X, + x) is obtained by replacing equations (2.20) into the equations (2.11 — 2.19).
The perturbation equations describing the small disturbances from the equilibrium condition are
represented below:

dX =m[u+ Wyq + Quw — Vor — Ryv + (gcosO,) 0], (2.31)
dY =m[v+ Uyr + Ryu — Wyp — Pow — (g cos ©, cos D) ¢ +
+(gsin O, sin @) 9], (2.32)
dZ =m[w + Vyp + Pyv — Uyq — Qou + (g cos Oy sin®y) ¢ +
+(gsin©, cos ) 6, (2.33)
dL = Lup = Lyt + (I = Iyy ) (Qo7 + Ro@) — Ly, (Poq + Qop), (2.34)
dM =1,,q + (Lex — L) (Por + Ryp) — L, (2Ryr — 2Pyp), (2.35)
AN = L7 = Legp + (Lyy = L) (Pogq + Qop) + Lz (Qor + Ro), (2.36)
p =¢—(Wocos0,) 6 —PsinO,, (2.37)
q =6cosd, — 9(4’0 sin @, sin ®, ) + ¥ cos O sin D, +
+¢ (W, cos Oy cos Dy — Oy sin D), (2.38)
r =1 cosOycos D, — ¢(‘P0 cos O, sin @, + O, cos ) —
—6 sin®, — G(LPO sin ©, cos CDO). (2.39)

After applying the small disturbance theory, simplification is needed to adapt the equations into
a form that will be easier to analyze and implement an automated control system. It becomes
necessary to analyze the motion variables for a given flight condition. What is commonly done
in Automatic Flight Control System (AFCS) studies is to consider flight cases with simpler trim

conditions, like stated before in subsection 2.1. These conditions and respective simplifications

are:
e Straight flight implies: ¥, = ©, = 0; (2.40)
e Symmetric flight implies: W, =V, = 0; (2.41)
e Flying with wings leveled implies: ®, = 0; (2.42)
e Trimmed flight implies: P, = Q, = R, = 0. (2.43)

Another simplification that can be made is that the product of inertia I,,, = 0, that comes from
the table (2.1).
It becomes possible to rewrite the equations in this new form with reference to the above flight

conditions. Note that in equations (2.31 — 2.39), the notation dX was replaced by x only.
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x =m[u+ Wyq+ (gcosOy) 6], (2.44)

y =m[v+ Uyr — Wyp — (gcos©y) ¢ ], (2.45)
z =m[w —Uyq + (gsinB®y) 6], (2.46)
I =1,p, (2.47)
m = I,,,q, (2.48)
n = 1,7, (2.49)
¢ =p+7rtanO,, (2.50)
6=q, (2.51)
Y = rsec@,. (2.52)

The equations (2.50) and (2.52) were combined to rewrite the equations in order of ¢ and .
The equations for x, z and m are referred to as equations of longitudinal motion as they deal
with all motion in the XZ-plane. Equations for y, [ and n are referred to as equations of
lateral/directional motion as they deal with all motion in the XY-plane. It is notable the separation

of lateral and longitudinal equations, which result from the trim conditions applied.

2.3.4 Equations of longitudinal motion

The final step to complete the linearized equations of motion is to expand the left-hand side of
these equations. To do this, an expansion in Taylor series of the aerodynamic forces and
moment terms is used about the trimmed flight condition.

0X 0X  o0X aX . 0X aXx . 0X X . (2.53)

o+ + e B B s =
Tt aw" Taw " T a1 g1 T 95, % T 55, %

=m[i + Wyq + (gcos ©,) 6],

0z o0z 0z oz 0z 0z 0 0L (2.54)
au' T ou" Tow” Tow  TaqT aq? T a5,% 85, T

=m[w — Uyq + (gsin @) 6],

oM +6M'+6M +6M.+6M +6M_+6M6+6M8_I ) (2.55)
au' T ou Tow" Tow" T ag 1T aq 1 T a5, % " 4,00 T T
Note, &, is the change in deflection of a control surface defined by S.

To simplify the notation, it was made the following usual substitutions:

10X 10Z 1 oM
X_ —

i — 3. i — —_F: i — 7 A-
m di m 0i L, 00

where, the coefficients X; , Z; and M; are referred as stability derivatives.
Without loss of generality it can be assumed that the following stability derivatives are often

negligible, and so they may be ignored [12]:

Xu,Xw,Xq,Xq,X('gs,Zu,Zw,Zq,ZSS,Mu,Mq andMsS.
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It was decided to pass to the stability axis system to make equations even simpler, in which
W,=0and Q, =y,.

Therefore, considering for completeness the equation 2.51, ignoring the above negligible
stability derivatives, applying the change to the stability axis system and rearranging the

expression of longitudinal motion it takes the following form.

= Xu+X,w—(gcosy,) 6 + X565, (2.56)
w=Zu+27Z,w+ (Zq + Uo)q — (gsinyy) 6 + Zs 0, (2.57)
G = Myu+ Myw + MW + M,q + Ms 5, (2.58)
6 =q. (2.59)

To simplify the equation (2.58), the W equation was replaced in the g equation, resulting in the

following system:

u = Xu+ X,w— (gcosy,) 6 + X565, (2.60)
W= Zyu+Zyw + (Z, + Up)q — (gsiny,) 6 + Zs 55, (2.61)
q = Mu+ M,w + Myq + Mp6 + Ms 5, (2.62)
6=gq. (2.63)

Note, for more details on the definitions of the tilde stability derivatives and the substitution see

Appendix C.

2.3.5 Equations of lateral motion

For the lateral motion equations we will proceed in the same way as the longitudinal equations.

So expanding in Taylor series the left-hand of the lateral equations, it takes the following form:

oy L Ov_ 0v oy 9v  9Y. oY . 0V (2.64)
v’ Tov Tar Tar " opf TapP Tos, 0 95,

=m[v+ Uyr — Wyp — (gcos®y) ¢ ],

oL oL 9L oL oL oL oL oL . (2.65)
v’ "o’ Tor Tor Top? TopP Tos, a5, 0 T P

ON N N ON_ ON ON  ON . ON . (2.66)
w90 T ar Tar TapP TapP Tas, % T8, T

Adopting the above convenient notation for stability derivatives:

v 19Y L 1 N
T o maj T L 1,05

L 1 N

the following lateral stability derivatives may be neglected:
Yi,,Yp,Yf«,Yés,Li,,Lﬁ,L‘,z,L('ss ,Nf, ,Np ,N,; and Né‘s .

As in the longitudinal motion case, the stability axis system will also be used for the lateral

motion, in which W, = 0 and ©, =y, .
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Considering the above assumptions and the equations ¢ and v to complete the equations (2.64

— 2.66), the equations of lateral motion are finally given by:

v=Y,v+Y,p+ (Y, —Upr+ (gcosyy) ¢ + Y50, (2.67)
p=Lv+Lyp+L1r+Lsds, (2.68)
7= Nyv + Npp + N7 + N5 65, (2.69)
(]5 =p+rtany,, (2.70)
Y =rsecy, . (2.71)

The sideslip angle g is preferred as a state variable, instead of the sideslip velocity v, due to the
easily comprehension of the aircraft attitude. The relation between these variables, for small
angles,is: v=U,B8 = v="U,p.

Finally the equations (2.67 — 2.71) can be rewritten into the following expressions:

B=yﬁ3+£p+<£—1)r+<£cosyo)¢+&65, (2.72)
Uy Uy Uy Uo '

p=1LgB+Lyp+Lr+Ls0, (2.73)
F = Ng B+ Npp + N7 + Ny, 55, (2.74)
¢ =p+rtany,, (2.75)
Y =rsecy,. (2.76)

See Appendix D for more details about the transformation of sideslip velocity into sideslip angle.

2.4  State space representation of the equations of motion

The longitudinal and lateral systems described in equations (2.60 — 2.63) and (2.72 — 2.76), can
be represented in a state space form for control system design and simulation purposes. This

system is represented by the following scheme.

D

u(t) x(t) x(t) y(t)

A

Figure 2.9 - State space block diagram [13]

Mathematically the block diagram in figure 2.9 can be represented as the following state space

equations shown in equations (2.77) and (2.78).

X = Ax + Bu, (2.77)
y =Cx+Du, (2.78)
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where:

y is the output vector;

241 Longitudinal system

D represents the direct matrix.

A represents the state coefficient matrix;
B represents the driving matrix;

C represents the output matrix;

x is the state vector which represents the state variables;

u is the control vector which represents the control input variables;

The longitudinal equations shown in equations (2.60 — 2.63) can be represented in state space

matrix form as shown in equations (2.77) and (2.78) in the following manner.

ul [Xu Xw 0
V'!/zlzu Zw Zq+
a \m, M, M
0 0 0 1
1 0

_]o 1
Y=1lo o

0 0

oSO rRrO O

—gCOSYo]
—gsiny,
Mg

|

Qs

_, oo o
coco o

u
w
q
0

S OO O

(2.79)

Note, §,, represents the n control surfaces possible to incorporate into the system.

2.4.2 Lateral system

The lateral equations (2.72 — 2.76) are represented in state space matrix in the same way as

the longitudinal equations. The state space matrix of lateral motion is in equation (2.80).

[y, % (ﬁ_l
g | 15 U, Up
T. _|LB L, L,
¢ [N; N, N,
M [0 1 tany,
0 0  secy,
10
[0 1
y=10 0
lo o
lo o

SO RO O

)

U—Ocos yo)

oSO RrRr OO0 O

0

o o O

(=N NN

1 v, 7,
| L L 551
+ 651 552 . 5
N N s2 |
8s1 852 :
0 0
0 0

(2.80)

e
e}

|

Note, §,, represents the n control surfaces possible to incorporate into the system.

To analyze the stability of the SensorCratft it is then necessary to find the stability derivatives in

the longitudinal and lateral systems, which is presented in Chapter 3.
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Chapter 3

Stability Coefficients of SensorCraft

To determine the stability coefficients of the aircraft, it is necessary to run either wind tunnel
tests with the aircraft model or a CFD code program to simulate the air flow over the computed
surface of the aircraft.

Since wind tunnel aerodynamic data was not available and there was no model to perform the

tests, an CFD analysis was conducted.

3.1 Determination of stability coefficients using AVL

3.1.1 Introduction to AVL - Vortex Lattice Method

The program chosen to proceed with the CFD analysis was the Athena Vortex Lattice (AVL).
AVL is a numerical CFD code that uses the vortex lattice method (VLM). VLM models the lifting
surfaces of an aircraft as an infinitely thin sheet of discrete vortices to compute lift and induced
drag in an inviscid flow. Therefore there are some parameters neglected such as the influence
of the thickness and the viscosity [14] [15].

This program was chosen because of the simple and fast analysis that can be performed,
assuring convergence for few iterations. However, the results would be more reliable with a

more complex CFD code or with wind tunnel tests.

3.1.2 Modeling and AVL analysis

The creation of the AVL SensorCraft surfaces started assuming the AVL axes, which are the
same as described in figure 1.1.

To create the surfaces it is required to define the various longitudinal sections of the aircraft
(wing and fuselage airfoils). The lifting surfaces, which represent the mean surfaces between
the various sections, as well as their geometry and aerodynamic parameters defined next, are

computed by a linear interpolation between the points of the different sections.
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For each section it is defined the respective geometry and aerodynamic parameters, given by:

e Leading edge position relative to AVL axis

e  Airfoil chord

o Airfoil angle of attack

e Airfoil shape

e Lift curve slope of the airfoil dC,/da

e 3 points of the Drag-Polar curve: C; vs Cy4

e  Hinge position
where, C; and C, represent the lift and drag coefficients of the airfoil sections, respectively.
In order to improve the results, and since AVL does not consider viscosity and thickness effects,
it was calculated and introduced in the AVL file the profile-drag from the Drag-Polar curve, the
airfoil shape and its lift curve slope dC;/da of each section (airfoil). However, the drag-polar will
not affect the control surfaces derivatives, since it is just related to the airfoil. For further insight
on AVL data see Appendix E.
The division into sections of the SensorCraft was performed attending the control surfaces
distribution and the shape of the aircraft, as can be seen in figure 3.1. Each number represents

a different airfoil, which respective airfoil coordinate data can be seen in Appendix L.

11 11
11

Figure 3.1 - AVL sections localization

For the numerical calculation proceed, the number of chordwise and spanwise horseshoe
vortices and its spacing distribution must be defined as well. These values were chosen
carefully to assure convergence of the results. The AVL SensorCraft model for analysis is

represented in figure 3.2 in two different views.

Figure 3.2 - AVL SensorCraft model
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3.1.3 AVL results

After the aircraft surface modeling and the surface meshing the AVL analysis was performed,
assuming the trimmed conditions given by the equations (2.40) - (2.43) and by Table 2.2.

After a few iterations the convergence was achieved and the aerodynamic data was
determined. The results of the stability derivatives for the SensorCraft are presented in
Appendix F.

3.1.4 Results interpretation

All the stability coefficients computed are dimensionless, except the stability coefficients in order
to a and B that are usually given in rad~1. However, the control related stability coefficients in
AVL are given in degree™!. Therefore, all control related stability coefficients must be

transformed into rad 1. The transformation applied is in equation (3.1).

1 1 180 1

degree féfomd 7w rad (3.1)

The stability coefficients are dimensionless quantities of the stability derivatives, corresponding
to the variation of forces and moments with the linear velocities, angular velocities or angles. In
order to make these quantities dimensionless they are divided by the aircraft properties, e.qg.
aircraft forward velocity, density, reference chord and area, aircraft mass, wingspan and
moments of inertia.

The equations used to relate the stability coefficients and stability derivatives are shown in
tables 3.1 and 3.2.

Longitudinal

Derivative Unit (SI) Derivative Unit (SI)

Xy = Cx, 17?50 s~ Zs, = Zs, % m/s*
Xw = CXW 7350 o My, = Cmu goiyi o S)_l
S 2 Sc .s)!

Xss = Cxs, % m/s M, = Cp, 50 Iyi, Gm.)

Zy = CZu 7350 s Mq = Cmq zil_]oQIiE =

Zu= Gy QS 51 Mw=CmdL2QSE m-1

mU, 2(Uy) L,
Zq = (g, ZCTO% e Ms; = Cme, % a

Table 3.1 - Longitudinal stability derivatives
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Lateral

erivative nit erivative nit
Derivati Unit (SI) Derivati Unit (S
QS st b2 QS st
Yo =Cy, —— L. =C ———
P mu, LT/
b QS m/s QSb 572
T koo = o, T
b QS m/s QSh 572
Y, = %20, m Ng = Cny L
Ve = Qs m/s? b2 QS st
s = Vs m Np - Cnp Z—Uo IzZ
QSbh s72 b2 QS st
Lg =Gy =~ Ne=Cn o001,
b2 S -1 Sb -2
L,=C b es ’ Ns; = Gy 232 ’
P P 2UO Ixx * % Izz

Table 3.2 - Lateral stability derivatives

In all relations, Q is the dynamic pressure given by the equation:

1

3.2 Stability coefficient estimation

From AVL it was possible to attain almost all stability coefficients with the exception of the Cy,,,.

The dot stability coefficients are not computed by the program, and since the only one important

to aircraft motion is Cy,, , this is the only one to be estimated. The expression used to estimate

Cpm,, is shown is equation (3.3).

_ _ L de
Cmd = _ZCLahnth(xach - xcg) a' (3.3)

The equation (3.3) was used accordingly to reference [16], and further details or definitions are
specified in Appendix G.

The term “h” in equation (3.3) is related to the horizontal tail of the aircraft. Therefore to
proceed with the stability coefficient estimation, the aft wing of SensorCraft was approximated to
a horizontal tail. Since stability coefficient estimation formulas are mostly available for
conventional aircraft, different configurations have to be adjusted to be used in such formulas.
In conclusion there will be always an intrinsic error. The result obtained for the stability
coefficient C,,, is: Gy, = —2,4.

The value of C,, obtained for SensorCraft, was compared with C,  values of conventional
aircrafts in reference [16], and confirmed to be inside their range of variation which was
[-9,1;—0,95]. Although it does not prove that the value estimated is exact, it proves that the

value obtained is not absurd.
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3.3 Drag contributions

3.3.1 Theory

There are various drag force contributions of different nature in a three-dimensional (3-D) wing.
Some of these contributions appear due to 3-D properties, while others are simply explained by
two-dimensional (2-D) theory.
The entire analysis is conducted for subsonic flight, the wave drag and interference drag effects
will be neglected, because their contributions are small and difficult to calculate. The wave drag
is the result of shock-waves so can be neglected for subsonic speeds. The interference drag
effects are too complex, but small comparing with other drag contributions at subsonic speeds.
In short, the drag force contributions are:

¢ Induced drag

e Parasitic Drag

o Pressure drag
o  Skin friction drag

Induced drag or lift-induced drag is purely three-dimensional effect. It occurs mainly on the
wings, caused by the difference of air pressure between the top surface (lower pressure) and
the bottom surface (higher pressure) of the wing. The swirling movement of the air around the
wing creates vortices that will induce a downwash angle in the airflow. For a given increase in
the downwash angle, so the angle of attack will increase, creating an additional drag component
(induced drag).
The parasitic drag has two components: the pressure drag and the skin friction drag. Pressure
drag results from the pressure distribution over the wing, so it depends on the form of the object
that is facing the airflow. Skin friction drag depends on the friction (wall shear stress) between

the airflow and the wing, and it is caused by viscous drag in the boundary layer.

3.3.2 Application of the different drag effects

Since AVL only accounts for the induced drag in the calculation of the stability coefficients of the
control surfaces, it is necessary to calculate the parasitic drag using another method. This is
important to explore the many control strategies based on drag force, like the speed-brake
control.

It was decided to calculate the parasitic drag with a 2-D viscous flow simulator program. Since,
the induced drag is a 3-D effect, a 2-D analysis allows to detach it from parasitic drag. The
program chosen was the XFOIL.

Using AVL to determine the influence of control surfaces deflection in induced drag, is quite
different than using XFOIL. While the AVL can determine the change in the induced drag

coefficient (Cp,) of the entire aircraft for a deflection in the control surfaces, the XFOIL only

computes the change in the parasitic drag coefficient (CDp) of an airfoil.
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Since XFOIL makes the calculations for an airfoil and AVL for a wing surface, the drag

coefficients are adimensionalized by the different parameters.

AVL XFOIL

D; D
Coo=p—— =T —
ipUZS 7pUzc

Table 3.3 - AVL and XFOIL drag coefficients

To solve this problem, the general equation of the total drag of the aircraft was used, as

described in equation (3.4).
D=D;+D,, (3.4)

where, D represents the total drag force, D; is the induced drag force and D, is the parasitic
drag force.

Deriving the equation (3.4) in order to a control surface deflection &, , (3.4) takes the form:
Ds, = Dis + Dps . (3.5)

Expanding the drag equation:
1 1 1
EPUO S CD55 = EpUO S CDié's + EPUOn S CDpﬁs ) (3.6)

where U, represents the normal velocity to the airfoil due to the wing swept. Finally, the

stability coefficients are given by:
2

CD55 = CDiSS + (U—O) CDPSS . (3.7)

3.4 Determination of the Parasitic Drag using XFOIL

XFOIL is an interactive program for the design and analysis of subsonic isolated airfoils. This
program uses a viscous analysis of airfoils, allowing for the calculation of transition and
separation cases as well. Through this analysis it will be possible to determine the parasitic drag
over an airfoil [17].

341 Method

The methodology used to calculate the parasitic drag stability coefficient of a control surface

due to its deflection, was to represent graphically the curve Cp, vs 6, . For several deflection

angles of the control surface, in an interval of [-30°,30°], the corresponding value of parasitic

drag coefficient was calculated.
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After the curve has been obtained, the stability coefficient of the parasitic drag versus the angle

of deflection of control surface (CDps ) is simply determined by the curve slope.

For each sector of the wing containing a specific control surface, the middle airfoil was chosen
as representative section for that control surface. In this way, it was analyzed one airfoil for
each control surface; assuming symmetry in the XZ-plane only 5 total airfoils were tested: the
flaps, the inboard aileron, the outboard aileron, the outboard elevator and the inboard elevator.
Since each airfoil had its own properties, such as chord, pitch angle, position of the control
surface hinge or the perpendicular velocity in the airfoil (due to the swept wing characteristic),
the analysis will be different from airfoil to airfoil.

The properties studied and introduced in the XFOIL program are presented in table 3.4.

Properties Formula
Uo,, Uo,, = UpcosA
Re Re = ot
v
gtotal gtotal = eaircraft + gairfoil
xhinge (1)

Table 3.4 - Input airfoil properties for XFOIL

(1)The position of the control surface hinge x4 , is the ratio of the chord where the control
hinge is located. For the forward wing controls x4, = 0.8 and for the after wing x4, = 0.6.
Re is the Reynolds number, 6,,..; represents the total pitch angle of the section given by the
sum of the airfoil pitch and aircraft pitch angle. v is the kinematic viscosity and is defined as
v[m?/s] = % , Where u is the dynamic viscosity of air for the given air density in table 2.2. Other
parameters were defined before, or can be seen in Appendix A and B.

The figure 3.3 exemplifies a typical result for Cp, in XFOIL environment due to the positive

deflection of control surface by 10 degrees.

Figure 3.3 - XFOIL window results environment
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3.4.2 XFOIL Results

The results from XFOIL will be presented next, to the different control surfaces.

» Flaps

The variation of the flaps (C1 in figure 2.2) parasitic drag coefficient is given in figure 3.4. The

stability coefficient CDaf is given by the curve slope, but since it has a parabolic shape, two

different values of C, 5 were calculated, the positive and negative values of deflection starting

from the point of minimum drag coefficient (figure 3.5).

8 y=-0,0013x-0,012
(@)

-30-20-10 0 10 20 30

&f [°]

[e»]

-20 -10

&[]

0

[y=0,0014x + 0,029
»

Figure 3.4 - Cp, vs §¢ curve

> Inboard Aileron

Figure 3.5 - Cp, vs &7 curve slopes given by linear equations

The variation of the inboard aileron (C2) parasitic drag coefficient is given in figure 3.6. To

calculate Cp the procedure was the same as for the flaps (figure 3.7).
aj

~

O P PP
O O O O
w H g D

~

~

CDp

-30-20-10 0 10 20 30
6ai [°]

Cbp

y =-0,0005x + 0,001

0O-09-
\\‘ -

i L 1 L 1 0
I T T (v}

-30 -20 -10
6ai [°]

0

y=0,001x + 0,016

10
6ai[°]

20 30

Figure 3.6 - C p, VS 8,4, curve

Figure 3.7 - Cp, vs 8,, curve slopes given by linear equations
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> Outboard Aileron

The variation of the outboard aileron (C3) parasitic drag coefficient is given in figure 3.8. To

calculate Cp N the procedure was the same as for the flaps (figure 3.9).

| y=0,001x +0,0057
»

6,04 0,04
y =-0,0005x + 0,0057 g
o

N 0,02

0 +——+4——+——
-30-20-10 0 10 20 30 -30 -20 -10 0 0 10 20 30
6ao [°] 6ao [°] 6ao [°]
Figure 3.8 - Cp, vs §,, curve Figure 3.9 - Cp, vs §,, curve slopes given by linear equations

» Inboard Elevator

The variation of the inboard elevator (C5) parasitic drag coefficient is given in figure 3.10. To

calculate Cp, , the curve presents an interval of [-15°10°] where Cp, practically has no
€i

variation, therefore only the curve slopes for deflections lower and higher than the given interval

were taken into account. In conclusion, the coefficient is given by:

Cp. =0 for &, €[—15°10°].
e; i

8

0,12 0,12
’ y =0,0043x - 0,0276
y =-0,0042x - 0,05
0,08 0,08
a
o
[a)] (@]
Q \ 0,04 0,04
Pt ——-0 0 Yt
30-20-10 0 1020 30 11 30 20 10 0 0 10 20 30
bei [] Sei [ 6ei [°]
Figure 3.10 - Cp, vs &, curve Figure 3.11 - Cp, vs &, curve slopes given by linear equations

25



» Outboard Elevator
The variation of the outboard elevator (C4) parasitic drag coefficient is given in figure 3.12. In
the same manner than for the previous case, the coefficient was considered to be zero for the

interval [-10°,5°]. For the two remaining intervals two stability coefficients Cp,, Were obtained.
o

6,12 6,12 0,12
y = -0,0037x - 0,025 L ¥ =0,0036x -
0,0082

6,08 0,08
8
[a] o

© 7 0,04

A 0 0 —
-30-20-10 0 10 20 30 || -30 -20 -10 0 0 10 20 30
Seo [°] eo [°] Seo [°]
Figure 3.12 - Cp vs &, curve Figure 3.13 - Cp  vs &, curve slopes given by linear equations

3.5 Determination of the Induced Drag using AVL

3.5.1 AVL induced drag calculation
The changes in the induced drag coefficient (CDL.) due to the deflection of control surfaces were

calculated by AVL in the same way as the parasitic drag coefficients (CDp) were calculated with
XFOIL. The values of Cp,, were obtain for each value of the control surface deflection in a range
of [-30°,30°], thus obtaining the variation of Cp, with the deflection of the control surface (),

ie. CDias'

3.5.2 Results

The curve slopes will be taken for positives and negatives deflections of the control surfaces, for
the main reason of keeping further calculations simpler. This approximation can be justified by
the much smaller range of variation of Cp, [0,03; 0,04], when comparing to the range of
CDp [0,01; 0,1], which is nine times higher. Furthermore, the parabola minimum was never at a
higher distance than 5° from zero. Nevertheless, an error analysis will be taken at the end of
this subsection.
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» Flaps
The variation of the flaps (C1) induced drag coefficient is given in figure 3.14. Negative and
positive values of CDi5 are given by the curve slopes of linear equations in figure 3.16 (left and

right, respectively).
6,042 y =-0,0002x + 0,0338
0,04 0,04 4
y =0,0002x +
0,0338
= a a
[a)] 7
Q o O 0,036 /
g ‘ i 6,032 0,032 —— :
-30-20-10 0 10 20 30 -30 -20 -10 10 20 30
8¢ [°] 8¢ [°] 8¢ [°]
Figure 3.15 - Cp, vs 85 curve slopes given by linear equations

Figure 3.14 - Cp, vs &y curve

» Inboard Aileron

The variation of the inboard aileron (C2) induced drag coefficient is given in figure 3.16.

Negative and positive values of C,,  are given by the curve slopes of linear equations in figure
g p isy, p q
3

3.17 (left and right, respectively).

y =-0,0001x + 0,0338

y = 1E-04x +

)

Cpi

0,0338

5
o
-30-20-10 0 10 20 30 -30 0 10 . 20 30
8ai [°] 6ai [’]
Figure 3.17 - Cp, vs 8,4, curve slopes given by linear equations

Figure 3.16 - Cp, vs §,, curve
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> Outboard Aileron

The variation of the outboard aileron (C3) induced drag coefficient is given in figure 3.18.

Negative and positive values of CDi5 are given by the curve slopes of linear equations in figure
ao

3.19 (left and right, respectively).
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Figure 3.18 - Cp, vs §,, curve

» Inboard Elevator

Figure 3.19 - Cp, vs §,, curve slopes given by linear equations

The variation of the inboard elevator (C5) induced drag coefficient is given in figure 3.20.

Negative and positive values of CDl.s are given by the curve slopes of linear equations in figure
€j

3.21 (left and right, respectively).
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Figure 3.20 - Cp, vs §,, curve

Figure 3.21 - Cp, vs §,, curve slopes given by linear equations
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» Outboard Elevator
The variation of the outboard elevator (C4) induced drag coefficient is given in figure 3.22.

Negative and positive values of CDi(g are given by the curve slopes of linear equations in figure
€o

3.23 (left and right, respectively).
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Figure 3.22 - Cp, vs §,, curve Figure 3.23 - Cp, vs §., curve slopes given by linear equations

The error of considering the curve slope starting from zero degrees, was conducted by
comparing the divergence from the correct induced drag curve slope (taken at parabola

minimum) with the parasitic drag curve slope presented before. The conclusion is the following:

e Inboard aileron has a maximum error of 2%
e Outboard aileron has a maximum error of 4,9%
¢ Inboard elevator has a maximum error of 1,2%

e All other control surfaces have maximum errors below 1%

For the sake of example, in the worst case (outboard aileron maximum deflection), the
difference between the values of Cp, for the correct curve slope (taken at parabola minimum)
and for the used curve slope are 1,5 x 1073. Comparing with the value of CDp for the same
deflection, which is 30,6 x 1073, the variation is very small.

Therefore, the errors admitted are small and the analysis can proceed with the approximation
made for the curve slopes. Besides, the admitted curve slopes are upper bounded by the

correct curve slope values, so the solutions will never exceed the real limits.
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3.6 XFOIL and AVL result implications

The deflection of any control surface (CS) will result in a drag increase, i.e., in an increment of
the X-axis force component. On the other hand, due to the wings dihedral and anhedral angles,
the lift increment produced by the same control surface deflection will result in an additive
contribution in the Y direction.

In figure 3.24 it is shown an example of the resolved components for a negative deflection of the

right outboard elevator.

Figure 3.24 - Resolved force components for a CS deflection

For the yawing moment (N) we have the following contribution of forces described in equation
(3.8).

N=Xl,+Y.1, (3.8)

where, [, and L, represent the distance of the mean section of control surface to the Y-axis and

X-axis of the stability system, respectively. Forces and moment in equation (3.8) are defined for:

1

N =5pUSShCy, (3.9)
1

X =2pUsSbCy, (3.10)
1

Y =SpUSShey. (3.11)
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Thus the equation (3.8) takes the form:

l l l l
angyCX'l'Eny:_EyCD‘I'ExCY, (312)
Lastly the variation of C,, with the control surface deflection () is obtained by differentiating the
equation (3.12) in order to §; .

l l

y x
__CDas + =

Cné,s = b b Cyss. (313)

3.7 Yaw coefficient results

The parasitic and induced drag control coefficients obtained by the curve slopes of XFOIL and
AVL graphics are summarized in the next table. The calculation of the total drag control

coefficient was performed as in equation (3.7).

Control Surface CDPss [1/°] CDiss [1/°1  Cp,, [1/°]
Flap < —15° —0,0013 —0,0002 —0,0010
Flap > —15° 0,0014 0,0002 0,0011
Inboard Aileron < —10° —0,0005 —0,0001 —0,0004
Inboard Aileron > —10° 0,001 0,0001 0,0007
Outboard Aileron < 0° —0,0005 —0,0003 —0,0006
Outboard Aileron > 0° 0,001 0,0001 0,0007
Inboard Elevator < —15° —0,0042 —0,0002 —0,0028
Inboard Elevator > 10° 0,0043 0,0001 0,0028
Outboard Elevator < —10° —0,0036 —0,0001 —0,0023
Outboard Elevator > 5° 0,0036 0,0002 0,0024

Table 3.5 - Drag coefficients of the control surfaces

For all values not considered above, the given stability coefficients are assumed to be zero.
The yawing moment coefficient related to control surfaces will be given by the previous equation

(3.13), and the results for each control surface are summarized in table 3.6.
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Control Surface Crs, [1/°]

Flap < —15° —0,00021
Flap > —15° 0,00023
Inboard Aileron < —10° —0,00008
Inboard Aileron > —10° 0,00028
Outboard Aileron < 0° —0,00021
Outboard Aileron > 0° 0,00037
Inboard Elevator < —15° —0,00051
Inboard Elevator > 10° 0,00017
Outboard Elevator < —10° —0,00071
Outboard Elevator > 5° 0,00047

Table 3.6 - Yaw moment coefficients of the control surfaces

As expected, the yaw moment coefficients will strongly depend on the direction of the deflection,
as can be verified in table 3.6.

The values of Cnaa in table 3.6 are for the right wing control surfaces; they will take symmetric

values for the left wing.
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Chapter 4

Aircraft Stability Analysis

Since all the stability coefficients of the SensorCraft are completely described, it is now possible
to proceed with the stability study. Stability is a property of an equilibrium state, thus the
meaning of the equilibrium has to be defined first. If an aircraft is to remain in steady uniform
flight the resultant forces and the resultant moments in relation to the center of gravity must be
zero. An aircraft satisfying this requirement is in a state of equilibrium. The state of equilibrium is
called trimmed flight in flight dynamics. Stability is the property of an aircraft to preserve the
trimmed flight condition and for a given perturbation of forces and moments it tends to restore
the original condition. The stability of an aircraft is divided in the static and in the dynamic

stability.

41 Static stability analysis

The static stability can be explained by a ball on a surface. Initially the ball is in equilibrium, and
then experiences a disturbance from the equilibrium position caused by forces or moments (or
both). The behavior of the ball after the disturbance can be evaluated into three different cases:

e statically stable

e statically unstable

e neutrally stable
where, statically stable means that the ball returned to the equilibrium position, statically
unstable that the ball did not returned to equilibrium and neutrally stable that the ball will
achieve an equilibrium state but different from the initial. In flight dynamics the statically stable
and unstable cases are the most important and the neutrally stable case occurs rarely. The

figure 4.1 represents the three cases of stability for the ball case.

S TN — 0
e s m ’
) (b} /

{c)
Figure 4.1 - (a) statically stable (b) statically unstable (c) neutrally stable [18]

{a
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41.1 Longitudinal motion

The static stability of the longitudinal motion is based on the analysis of the longitudinal
properties of aircraft described below.

4.1.1.1 Longitudinal static stability

The longitudinal static stability is referred to the aircraft’'s stability in the pitching plane, XZ-
plane. If an aircraft is longitudinally stable a small increase in the angle of attack will cause a
change of the pitching moment, which decreases the angle of attack. On the other hand, a small
decrease in the angle of attack will cause in a change of the pitching moment, which increases
the angle of attack.

As result, longitudinal static stability is evaluated by the sign of the stability derivative M,,; an

aircraft is statically stable when M,, is negative: M,, < 0.

4.1.1.2 Forward speed stability

An aircraft is statically stable in its forward speed if the stability derivative X,, is negative: X,, < 0.

4.1.1.3 Vertical speed stability

An aircraft is statically stable for any disturbance in the vertical speed if Z,, is negative: Z,, < 0.

4.1.2 Lateral motion

For the lateral motion the static stability is analyzed by the lateral properties of aircraft.

4.1.2.1 Sideslip stability
The restoring force that usually opposes the sideslip motion, restoring the aircraft to the

equilibrium condition, is measured by the sign of the stability derivative Y; , and is statically

stable when Yy is negative: Y < 0.

4.1.2.2 Static directional stability

If the aircraft has static directional stability, after a positive change in velocity v (or sideslip) the
resulting perturbed yawing moment will tend to increase and the aircraft aligns itself with the
relative airflow. This effect is quantified by the stability derivative N , and is statically directional
stable if positive: N > 0.

The CNﬁ is referred as ‘static directional’ or "weathercock’ stability coefficient.

4.1.2.3 Lateral static stability

The lateral static stability is concerned with the aircraft ability to maintain wings level equilibrium
in the roll sense. This effect is referred as ‘dihedral effect’ and for it to be stable the stability

derivative Lg must be negative: Lz < 0.
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413 Resume of the static stability of SensorCraft

Having described which aerodynamic properties contribute to the static stability of the aircraft,
the analysis is presented in table 4.1. The stability derivatives were calculated as stated before
in tables 3.1 and 3.2, using the stability coefficients of the SensorCraft given by AVL results in

figure 3.3.

Static Stability Requirement Stability derivative Static stability result

M, <0 -0,48 Stable
X, <0 —0,02 Stable
Z,<0 -3,73 Stable
Y <0 -0,17 Stable
Nﬁ >0 0,55 Stable
Lg <0 —-19,9 Stable

Table 4.1 - Static stability of the SensorCraft

From table 4.1 it was possible to conclude that the SensorCraft is statically stable for all the

presented longitudinal and lateral requirements for static stability.

4.2 Dynamic stability analysis

The dynamic stability is concerned with the time history of the aircraft's motion after it is
disturbed from the equilibrium point. An aircraft can be statically stable but dynamically
unstable, therefore static stability does not guarantee dynamic stability.

The dynamic stability is the reduction of the disturbance in time, which indicates that there is a
resistance to the motion, i.e., energy dissipation. In the flight dynamic the dissipation of energy
is called positive damping. Otherwise if energy is added to the system, it is called negative
damping and the equilibrium will never be achieved.

The positive damping is produced by forces and moments during the aircraft motion which work
against the disturbances and tend to damp them in time.

When an aircraft has negative damping it is dynamically unstable: the aircraft cannot produce
the forces and moments to damp the disturbances, and an artificial damping must be created

using a control system. That will be treated further in Chapter 5.

421 Dynamic stability of longitudinal motion

The dynamic stability of longitudinal motion consists in two distinct oscillations: a short period

oscillation called short period mode, and a long period oscillation called phugoid mode.

4.2.1.1 Short period mode

The short period mode is referred as a very short period oscillation about the center of gravity.

During the short period mode the velocity and the altitude of the aircraft do not change and the
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oscillation is essentially in the angle of attack. The short period is a usually heavily damped
oscillation so it is very fast.

A dynamic stable short period mode is presented in Appendix I, figure I.1.

4.2.1.2 Phugoid mode

The phugoid mode is most commonly a lightly damped low frequency oscillation in speed u
which couples into pitch attitude 6 and height k. Because of its low damping in this mode, it has
a long period of oscillation. A significant feature of this mode is that the incidence angle of
attack a remains substantially constant during a disturbance.

The phugoid oscillation is a slow interchange of kinetic energy and potential energy about an
equilibrium energy level as the aircraft attempts to re-establish the equilibrium level-flight
condition from which it had been disturbed.

Since the aircraft tends to keep the angle of attack constant, the increase in velocity due to a
disturbance results in a higher lift force which leads to an increase in the flight altitude. After the
kinetic energy has been transformed into potential energy, the velocity decreases and so the lift
leads the aircraft to the opposite situation where the aircraft flight altitude decreases. If the
phugoid mode is stable it will slowly tend to the equilibrium condition as shown in figure 1.2 of
Appendix 1.

4.2.1.3 Longitudinal dynamic stability analysis
The dynamic stability of perturbed longitudinal motion is established from the knowledge of the
eigenvalues of the state coefficient matrix A presented in equation (2.79). They can be found by
solving the linear equation:

Al —A] =0, (4.1)

where, A represents the eigenvalues, and I is a 4 x 4 identity matrix. By solving the determinant,

the longitudinal stability is expressed as a fourth degree polynomial in A shown in equation (4.2):
14 + a1/13 + a2/12 + a3/’{ + a4 = 0. (4.2)

The aircraft is called dynamically stable if all its eigenvalues A; of the coefficient matrix A for the
lateral and longitudinal motions are real negative values or are complex numbers with a
negative real part. In all other cases the aircraft will be dynamically unstable.

In flight dynamics it is usual that the quartic equation (4.2) factorizes into two quadratic factors

corresponding to the short period and phugoid modes:
(22 + 285, w5pA + 02,) (A2 + 28 ppwpnd + w3,) = 0. (4.3)

The first factor contains the eigenvalues of the short period mode, where the ¢, represents the
short period damping ratio and the wy, represents the short period frequency. The second factor
contains the eigenvalues of the phugoid mode, and {,, and w,,, represent the phugoid damping

ratio and frequency respectively.
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4.2.2 Dynamic stability of lateral motion

The dynamic stability of lateral motion involves the coupling of rolling and yawing motions,
which are discussed as lateral-directional modes.

The three lateral-directional modes are the spiral mode, the dutch roll mode and the roll mode.

4.2.2.1 Spiral mode
The spiral mode is a non-oscillatory, slowly convergent or divergent motion. When excited, the

mode dynamics are usually slow to develop and involve complex coupled motion in roll, yaw
and sideslip. It is described by changes in the bank angle ¢ and the heading angle. The sideslip
angle B is generally quiet small, but cannot be neglected because the aerodynamic moments
depend on it.

The spiral mode is usually excited by a disturbance in sideslip which typically follows a
disturbance in roll causing a wing to drop. The figure 1.3 in Appendix | represents the spiral
mode development for a sideslip disturbance.

4.2.2.2 Dutch roll mode
The Dutch Roll is a lightly damped oscillatory motion having a low frequency. It is a classical

oscillation in yaw, about the Z-axis of the aircraft, which couples into roll and sideslip. The
motion described by the dutch roll mode is therefore a complex interaction between all three
lateral—directional degrees of freedom.

In the figure 1.4 of Appendix | is possible to see the evolution and coupling of dutch roll mode.

4.2.2.3 Roll mode
The roll mode is a non-oscillatory lateral characteristic. It follows immediately a lateral

directional disturbance and it is a heavily damped mode, where the aircraft experiences a rolling
motion predominantly about the X body axis.

Roll mode is usually substantially decoupled from the spiral and dutch roll modes. Other
parameters like the sideslip angle g, heading angle ¥, and yawing rate r almost do not vary,
and can be neglected in roll mode.

The roll mode is excited by a disturbing rolling moment in the aircraft which leads the wing to
experience a component of velocity w'normal to it. This velocity will increase the incidence of
the going-down wing (increasing lift) and decrease the incidence of the going-up wing
(decreasing lift). This differential lift results in a restoring rolling moment as it can be seen in
figure 1.5 of Appendix I.

4.2.2.4 Lateral dynamic stability analysis
Similarly to the longitudinal motion, the dynamic stability of disturbed lateral motion can be

determined by the characteristic polynomial that results from solving the equation (4.1).
The dynamic stability of perturbed lateral motion is established from the knowledge of the
eigenvalues of the state coefficient matrix A presented in equation (2.80). They can be found by

solving the linear equation (4.1), expressed as a fifth degree polynomial in A, shown below:
A+ d At +dy2® +dzA2 + dyd +dgs = 0. (4.4)
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Equation (4.4) is usually factorized into the following form:
A+ e)(A+ (A2 + 26pwpd + w3) = 0. (4.5)

The simple term in A corresponds to the heading state variable,y. The term (1+e)
corresponds to the spiral mode which is usually a slow motion or divergent. The term (1 + f)
corresponds to the roll mode and the quadratic term corresponds to the dutch roll. Like in

longitudinal modes, ¢, represents the dutch roll damping ratio and wp the dutch roll frequency.

4.2.3 Dynamic stability results

In order to achieve the results of the dynamic stability of lateral and longitudinal motions, the
determinant in equation (4.1) was computed using MATLAB®.

The determinant was solved and the eigenvalues of all lateral and longitudinal modes were
determined.

The results for longitudinal motion are detailed in figure 4.2 which is the representation of the
eigenvalues in the Argand plane. In the table 4.2 the values of the eigenvalues are presented,

as well as their association with the short period and phugoid modes.

4 Longitudinal
* Mode Eigenvalues
) Short Period —4,24+ —-3,371i
Phugoid 0,011 +0,5i

Table 4.2 - Longitudinal eigenvalues

Im
o 4k 4

N

B

Re

Figure 4.2 - Longitudinal eigenvalues in Argand plan

The eigenvalues of the lateral motion are represented in Argand plan in figure 4.3. Their
eigenvalues relation with the lateral modes, such as spiral, dutch roll and roll are described in
table 4.3.

4 Lateral
Mode Eigenvalues
2 Spiral —-0,01
Dutch Roll —0,09+19i
g _‘ fat Roll —6,3
-—b—-b -4 -3 -2 -1 E I Table 4.3 - Lateral eigenvalues

Re

Figure 4.3 - Lateral eigenvalues in Argand plan
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4.3 Flying qualities evaluation

Aircraft flying qualities are usually characterized by several parameters which are related to the
eigenvalues in complex plane of the different longitudinal and lateral modes. The most common
parameters used are the damping ratio ¢ and the natural frequency w,,.

For a given eigenvalue given by a real part ¢ and an imaginary part w, the natural frequency

and the damping ratio are defined by equations (4.6) and (4.7) respectively:

W, =+0?%+ w?, (4.6)

_ o
§ = o 4.7)
However the requirements of flight quality for these parameters differ on the class of aircraft and
on the flight phase considered. Therefore it is essential to classify the aircraft and the flight
phase. These classification parameters are presented in Appendix J (subsection J.1) according

with reference [12].

43.1 Aircraft flying qualities

The aircraft flying qualities are analyzed using several parameters, such as, natural frequency,
damping ratio and time constants defined in Appendix J. For each mode, the flying qualities are
determined comparing those parameters with the respective specification table,

The specification tables and parameters of longitudinal and lateral modes are given in Appendix
J (subsections J.2 and J.3, for longitudinal and lateral modes respectively).

4.3.2 Flying qualities analysis

According with the tables J.1 and J.2 (Appendix J) the SensorCraft is class I since it is a light
aircraft, and the reconnaissance mission objectives for which precise control maneuverability is
required, define the phase of flight as phase A.

The longitudinal parameters for the flight quality analysis are presented in table 4.4, and

comparing with the specifications of each mode, the following results were obtained:

Mode Figenvalue w, [rad/s] & P [s] Level
Short Period —4,24+ 3,37i 5,42 0,78 — 1
Phugoid 0,011 + 0,5 0,5 —0,022 12,6 Unstable

Table 4.4 - Short period and phugoid flight quality results

Using the following relation of longitudinal modes frequencies and comparing with the equation
(4.9):

w
PR —0,092.
Wgp
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In conclusion, the longitudinal modes have a good frequency separation. However, the overall
flight quality of the longitudinal motion is the worst of the two modes quality. Therefore, since
the phugoid mode is unstable, the whole longitudinal motion will be qualified as unstable.

For the lateral motion, the analysis of the flight quality parameters of each mode is resumed in

table 4.5 as well as the results for the quality levels.

Mode Eigenvalue w, [rad/s] & §w, T|[s] Level
Spiral —0,01 0,01 1 — — 1
Dutchroll —0,09 +1,9i 1,9 0,047 0,09 - 2
Roll —6,3 6,3 1 - 016 1

Table 4.5 - Lateral modes flight quality results

Note that the spiral mode is level 1 because its eigenvalue is negative.

As in the longitudinal motion, the overall quality of the lateral motion is defined by the worst level
of all three lateral modes. Since the dutch roll mode has the worst flight quality level, the overall
flight quality of the lateral motion is level 2.

In resume, the longitudinal motion is unstable because of the phugoid mode, since the
separation of modes is respected and the short period mode is level 1. A controller to the
phugoid mode will be explored in Chapter 5.

The lateral motion was determined as level 2 by the flying quality of the dutch roll mode. This is
unusual for common aircrafts where the spiral mode tends to be unstable and of worst quality
than the dutch roll. However, this unusual but expected characteristic is related to the
SensorCraft non-existence of a vertical stabilizer, which plays a huge role in dutch roll mode.

Again, a controller should be designed to stabilize the lateral motion of the SensorCratft.

44 Configuration analysis of different control surface deflections

441 Longitudinal motion

The results of unstable flying qualities for the longitudinal motion are due to the unstable
phugoid, since short-period is level 1. The speed of the aircraft has a major contribution for the
position of phugoid eigenvalues, where slow velocities can make this mode unstable.

The augmentation of the longitudinal stability is usually made by means of a feedback system of

the elevator. This will be explored in Chapter 5.
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4.4.2 Lateral motion

Based on the dynamic stability analysis of SensorCraft, the lateral motion stability is reduced
due to the lack of a vertical stabilizer and consequent rudder to further control the motion. This
became obvious when the dutch roll mode showed up to have the worst flying quality of all three
lateral modes.

To proceed with the augmentation of the stability, we need to understand which control surfaces

can provide the most effect on yawing moment coefficient, Cnss , but also on the aircraft side
force, CYas . In order to build the stability augmentation system for the dutch roll, the rudder is

usually the main control surface which is more effective upon this mode, thus on the dutch roll
damping ratio and frequency, allowing for better lateral flying qualities. For the given aircraft
control surfaces, the strategies to design a rudder equivalent control surface were presented
before in Chapter 2: the mixed-control and the speed-brake control.

Before we present the configuration strategies of an equivalent rudder control surface, we need
to understand why doing this and why not use all the control surfaces at once in the state space
equations and compute the results.

The answer lies on the effectiveness desirable for the aircraft. On conventional aircrafts,
ailerons and rudder are distinct control surfaces, so they have major effects either on roll or on
yaw respectively. In our case, the many control surfaces of SensorCraft represent a great
challenge because there is not a clear separate action in roll or in yaw motions. The control
surfaces take action in both motions, having couple effects.

Therefore, there are many possible combinations of the control surfaces in order to achieve a
required state. Most of the solutions will be undesirable, since they are the result of achieving a
certain pilot request using all available control surfaces, not concerning with which ones are
being used and how much they deflecting.

As an example of undesirable solutions, two different cases will be introduced.

The first undesirable case can occur when in order to attain a certain lateral state (e.g. sideslip
velocity or yawing moment) two control surfaces could be deflected in a ratio of —2: 1, where the
control surface A has a defection of 2 times the deflection angle of control surface B and in the
opposite direction. It is then possible to have solutions between minimum deflection angles or
exceeding angles that over use the control surfaces.

The second undesirable case happens due to the freely combination of control surfaces, when
in order to achieve a requested motion any control surface can be used. If somehow the surface
used for that motion is not much effective, the deflecting angle solutions can be absurd or lead
to an exceeding use of a control surface, disabling it to act in the motions where it is more
effective.
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Consequently, it is necessary to determine which control surfaces most influence the yaw
motion.

From table 3.6 the surfaces that most contribute to the changes of the aircraft yawing moment
are the outboard and inboard elevators in aft wing (C4 and C5 in figure 2.2). However,
deflecting only these surfaces will create an undesired rolling moment if deflected in opposite
directions in both wings (for example right elevators going down and left elevators going up). If
deflected in the same direction, the yawing moment becomes null and they work as elevators,
acting only in pitching moment.

To explain the origin of the forces in the elevators and how the yawing moment is influenced by
the direction of the deflections in right and left wings the figure 4.4 is presented. For convention,
the signal (+) under a control surface mean that it is deflected downwards and the signal (-)

that it is deflected upwards.

(b)

Figure 4.4 - Front and top views of forces produced by elevators deflected in (a) opposite and (b) same
directions

From figure 4.4 the situation (a) arises when the right elevators are deflected up and the left
elevators deflected down. In the right elevators, a deflection upwards, produce a downward
force normal to the control surface, which due to the wing anhedral has a F, component
pointing to the outer left wing. In the left wing the elevators deflected down produce an upward
force normal to the control surface which due to anhedral will have also a F, component
pointing to the outer left wing. As we can see in situation (a) the F, components of the force
produce a yawing moment about the center of gravity and the F, components produce a rolling
moment about the center of gravity.

From situation (b) both left and right elevators are deflected up. Therefore, the F, components
from both wings cancel each other and no yawing moment is produced. As a result, the F,
components will generate a pitching moment about the center of gravity.

It is clear from figure 4.4 (a), that the single use of elevators will produce undesirable rolling

motion beside the wanted yaw moment. It is necessary to combine the use of elevators in
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situation (a) with the control surfaces in front wing, in order to cancel the rolling moment and not

the yawing moment. This situation is exemplified in figure 4.5.

Figure 4.5 - Front and top views of forces and moments produced by the outboards elevator and aileron

In figure 4.5 the right and left outboard elevators (C4) are deflected up and down respectively,
and the forces act as explained in figure 4.4 (a). The right and left outboard ailerons (C3) are
deflected down and up respectively. The right aileron deflected down produce an upward force
normal to the control surface producing (due to the dihedral of the front wing) a F, component
as shown in figure 4.5. The left aileron deflected up produces a downward force which the
component F, points also to the outside of the left wing.

Thus, the ailerons and elevators working in opposite directions cancel the rolling moment, and
due to the opposite properties of the dihedral and anhedral of front and aft wings, all the F,
components have the same direction and contribute for the same yawing moment.

These results of the dihedral and anhedral in yawing and rolling moments are also possible to
be accomplished by analyzing the signs of the stability coefficients. For example, the right
outboard aileron and the right outboard elevator have the following lateral and vertical forces

stability coefficients (from the AVL results in figure 3.3).

Control surface Cy,, [1/degree] C, 5 [1/degree]
Right outboard aileron —0,000346 —0,005307
Right outboard elevator 0,000656 —0,005592

Table 4.6 - Stability coefficients of right outboard aileron and elevator

As we can see in table 4.6, if the right outboard aileron and elevator (C3 and C4) deflect in

opposite directions, the coefficients CZSS having the same sign will tend to cancel each other and
the coefficients Cyss having different signs will sum their values of lateral force. As it was
demonstrated in figure 4.5, the canceling of vertical forces will cancel the rolling moment and

the lateral forces will act on the yawing moment of the SensorCraft.
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4.4.2.1 Mixed-control

Based on the achieved understanding of the control surfaces presented before, several
configurations were designed to be tested and to determine which one is the most capable to
control the yaw motion, and to act like a rudder.

For the mixed-control configurations presented next, and as shown in figure 4.5, the drag can
be neglected since it has a very small contribution on the yawing moment. That is because
both left and right control surfaces are being deflected and producing similar drag forces. This is

easily confirmed by the drag stability coefficient of the control surface, Cpg,» when it has a

negative deflection one side of the wing and a positive deflection on the other side of the wing.
From table 3.5 it is possible to verify that positive and negative deflections of the control

surfaces have similar results for the Cpg,» where the error admitted is less than 8.3% for all

control surfaces, with the exception of the inboard aileron (C2), with an error of 29.7% but,
where the drag force is small comparing with other control surfaces.

Therefore, according with equation (3.13) the CX§5 becomes null and the new yawing stability
coefficients of control surfaces are calculated. The drag-less coefficients Cnas are presented in

table 4.7 only for the right wing control surfaces, since left wing ones have symmetric values.

Control Surface Cns, [1/°]
Flap 0,000003
Inboard Aileron 0,000053
Outboard Aileron 0,000056
Inboard Elevator —0,000168
Outboard Elevator —0,000134

Table 4.7 - Drag-less yawing coefficient C,,, of control surfaces

The configurations of mixed-control will follow the same analogy of figures 4.4 and 4.5 and
therefore, there was no need to present the front view of the SensorCraft. To easily spot which
surfaces are being deflected up and down, the figures follow the convention defined before and
the incremental force component F, produced by the control surface deflection, is represented
through a red vector.
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The mixed-control configurations are the following:
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Figure 4.6 - Mixed-control configuration 1 and 2 (left and right respectively)
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Figure 4.7 - Mixed-control configuration 3
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Figure 4.8 - Mixed-control configuration 4 and 5 (left and right respectively)
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Figure 4.9 - Mixed-control configuration 6 and 7 (left and right respectively)
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All the configurations above were not just based in what was explained in subsection 4.4.2.
They are also the result of an iterative investigation; therefore the results obtained for a previous
configuration were sometimes the key for the following configuration designed. For example,
after analyzing the configuration 6 (figure 4.9), the rolling moment was cancelled for the entire
use of control surfaces. It can be seen that the addition of the outboard ailerons in configuration
7 could not be used, since they would create a rolling moment. Therefore, it was chosen to
deflect the flaps (C1) in the same direction of elevators (C4 and C5) so that both contribute for
the same rolling moment, allowing the outboard aileron to be used and cancel it.

Note that the presented configurations are designed for a positive yawing moment about the Z-
axis, while for a negative yawing moment the control surfaces must simply assume symmetric

deflections of each case.

4.4.2.2 Speed-brake control

Speed-brake control is used by deflecting a split flap on one side of the wing, as was explained
before. The analogy of speed-brake control to SensorCraft is made by using a control surface in
the front wing deflecting one direction and another in the aft wing deflecting in opposite direction
(but only in left or right side of aircraft). It is like a split flap but its upper and lower flaps are
positioned in different wings (front and aft wings).

Figure 4.10 represents a conventional split flap, and an equivalent split flap used by mixing the

deflections of control surfaces in front and aft wings.

Aft wing
) s
Front wing

airfoil

Figure 4.10 - Analogy between conventional split flaps and SensorCraft split flaps

From figure 4.10 it seems we can freely choose the direction of the deflection of control
surfaces in SensorCraft. For example deflecting down in front wing and up in aft wing, or
choosing the respective symmetric deflections in each wing. However, analyzing the yaw
moments we can see that it is not true: front wing control surfaces going down and aft wing
going up has a higher efficiency in the yawing moment than the symmetric case, as we can

prove in figure 4.11.
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Figure 4.11 - Fx and Fy components for (a) front wing down deflection and aft wing up deflection and
(b) front wing up deflection and aft wing down deflection

In case (b) the Fy and F, components do not contribute for the same moment, canceling the
yawing moments of each other, while in case (a) the forces contribute for the same yawing
moment. For that reason the only configurations presented for speed-brake control are referred

to case (a).

The speed-brake control configurations analyzed are represented in the next figures and they
follow the same format of the previous configurations. The only difference is the red vector in X-

axis direction representing the drag force contribution of the control surface, Fy .

.

&I\\
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Figure 4.12 - Speed-brake control configuration 1 and 2 (left and right respectively)

)

Figure 4.13 - Speed-brake control configuration 3
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Figure 4.14 - Speed-brake control configuration 4 and 5 (left and right respectively)

) )
—
l <N (—)l S
) (‘JQ (+‘)|\\

4! <
%_ ) 4/—(( &)

Figure 4.15 - Speed-brake control configuration 6 and 7 (left and right respectively)

The speed-brake control configurations are also represented for a positive yawing moment
about the Z-axis. In order to achieve a negative yawing moment the deflections of the control
surfaces are the same but in the left wing.

In the next Chapter the configurations mentioned previously will be tested with time-space

analysis, and the control system will be designed for each configuration.
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Chapter 5

Control System Methods

In Chapter 4, the flying properties and qualities of the SensorCraft were established, and
different techniques to improve its motion qualities were discussed.
In the present Chapter a control system will be developed based on the existent control

surfaces of each control technique configuration.

5.1 Equivalent control surface transformation

The use of a large number of control surfaces can lead to several solutions, not all of them
feasible. Therefore, the degrees of freedom can be reduced by establishing physic relations
between the control surfaces, such as angles and direction of deflections. By combining the
existent control surfaces, it allows the transformation into equivalent conventional control

surfaces and the system becomes simpler.

5.1.1 Elevator

For example, the longitudinal motion makes use of the right and left inboard elevators (C5) to
work as an elevator. Their action in the longitudinal pitching moment is maximized when an
equal deflection of both right and left elevators take place and in the same direction. In this way
the lateral coefficients (Cy,, , Ci5, , Cry,) Of, the right and left elevators are minimized or cancelled
if they have symmetric values.

In short, for the left and right inboard elevators the following relation is used:

8o =0, =0,. (5.1)

Cleft eright

The effect of this definition in longitudinal forces and moment coefficients is given below:

_ — 5.1
CX - CXSeright6e right + CX&elEftae left (steright + CX&elEft) 69 ’ ( )
_ _ 5.2
Cz = CZ‘serightseright + CZ5Ezeft6e left — (Czaerighs + CZ5eleft) Be (5:2)
_ _ 5.3
Cm = Cm‘serightseright + Cm5ezeft68 left — (Cm5eright + Cm5eleft) Be - (5:3)
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Analyzing both left and right control surfaces stability coefficients (figure 3.3), it can be verified

equal contributions for:

Cxseyigne = Coerape = Cxoe (5.4)
Coserigne = Croerese = Cse (5.5)
Merigne - CMaerere — Cmae (5.6)
resulting in the following forces and moment:
Cx = 2 Cx,, 0, (5.7)
Cz=2Cy,,0, (5.8)
Cm = 2 Cpny, B - (5.9)

Since Cy,, ,Cy,, C

nss

have symmetric values for the left and right elevators, for an equal

deflection, their contribution to lateral force and moments becomes null.

Through these linear transformations the left and right inboard elevators (C5) were combined
into an equivalent conventional elevator that takes only action in the longitudinal motion. The
longitudinal stability coefficients of the equivalent control surface §, are given by 2 times the
stability coefficients of either right or left inboard elevators.

These linear transformations are conducted assuming a interval of [-30°, 30°] for the deflection

of control surfaces, where the control stability coefficients vary linearly.

5.1.2 Aileron

In the case of the lateral motion, the ailerons control the rolling moment. This moment is
maximized if the left and right outboard ailerons (C3) are deflected symmetrically. Thus, a
symmetric deflection not only assure a maximum rolling moment, but also that no exceeding
values of deflection of control surface are achieved, since both left and right reach their limit of
deflection (30°) at the same time.

The relation between the left and right outboard is given by:

Ky =6,, (5.10)

Aleft — —8q right

following the same analysis as the one for the elevators, and considering that for left and right
ailerons the lateral stability coefficients have symmetric values and the longitudinal stability
coefficients have equal values. Consequently, the longitudinal contributions for forces and

moments become null, and the lateral doubles their effects:

Cy =2 Cyy, 84, (5.11)
€ =2Cy,8,, (5.12)
Cp =2 Cny, 84, (5.13)
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where:

2Crpa = Cpayype ™ Csapigne (5.14)
2 Cléa = Cléa [gft - Cléaright ) (5.15)
2 Cnge = Cnsayypy ~ Crsayygne (5.16)

In conclusion, §, is the aileron equivalent control surface of the right and left ailerons (C3),
corresponding in the real model to the symmetric deflection of both right and left control

surfaces.

From this point forward, the following definitions will take place:

e If two opposing control surfaces in right and left wings are working as elevators they will
be addressed as 4§, . It will be considered that they deflect the same value and in same
direction, along with the considerations stated above for the elevators.

e On the other hand, if two opposing control surfaces on the right and left wings work as
ailerons they will be addressed as §, . It will be considered that these control surfaces

deflect symmetrically and with the considerations stated above for the ailerons.

5.1.3 Rudder

Based on the yaw control methods and configurations presented before (figures 4.11 — 4.20),
the simplification of the degrees of freedom for the lateral system will follow the same steps as
for the elevators and ailerons. The rudder equivalent control surface will be created by
maximizing the yaw moment and minimizing the rolling moment.

Once again assuming linearity of the control stability coefficients in the interval [-30°, 30°], for
each configuration of mixed-control and speed-brake control, the relations that transform the

real control surfaces into an equivalent rudder control surface were established.

5.1.3.1 Mixed-control

For the mixed-control method, the analysis was computed following the next steps for each
configuration, where the objective is to determine the relations between the deflections of the
control surfaces which maximize the yawing moment and minimize the rolling moment, and with

those relations compute an equivalent rudder.

Configuration 1
In the mixed-control configuration 1 (figure 4.6), both left and right inboard ailerons (C2) work as

ailerons so following the convention described before for the ailerons, their lateral stability
coefficients will be doubled and the longitudinal will be null. Inboard ailerons will be defined as

8,4, - Since the left and right outboard elevators (C4) work as ailerons, also for the same reason

they are defined as 4, .
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The equations representing the influence of §,, and §,, in the lateral motion are given by:

Cy = CY5a16a1 + CY6a2 6(12 ) (5.17)
Cl = Cl5a15a1 + Cl&lzdaz ) (518)
Co = Caga,Oas + Cngg, Bas - (5.19)

As it has been seen already in the configurations analysis, in order to maximize the yawing
moment and minimize the rolling moment both control surfaces must deflect in opposite
directions, thus minimizing the rolling moment:

Cl5a2
Cl =0 6(11 = —réaz . (520)
5(11

Equation (5.20) defines the relation between &, and §,, for a minimum change in rolling

moment defined as zero, which after replacing in the lateral equations will maximize the yawing
moment, as we can see in equations (5.21 — 5.23):

¢, =(c, ¢, CGam)s 521

Yy — Y6a2 Y6a1 Clé‘ ay ( . )
ay

c, =0, (5.22)

6= (o — o Do) 5.23

n - N§a, Nsa, Cl§ a - ( . )

1
The resulting expressions, represent the stability coefficients of the equivalent/imaginary rudder,
due to the real deflection of the inboard aileron and outboard elevator multiplied by §,, (here

considered the equivalent rudder). The stability coefficients of the equivalent rudder are:

Cy, =C L

Ysr = “Ysa,  “Ysay Clsa ’ (5.24)
1

Cllg.,- =0 ’ (525)
15112

C"S‘r = C"Saz - Cn6a1 r ' (526)
Saq

The relation in equation (5.20) is defined as a function of the control surface that will be more
limited. In the present case, §,, deflection will be limited by §,, , therefore §,, is chosen to be
function of 6,, , and used this way in equations (5.17) - (5.19).

For the sake of example, the relation in equation 5.20 after using the stability coefficient values,
takes the form of: §,, = —0,86 &,, . Since the §,, have a deflection range of [-30°, 30°], the &,

range will be shorter. It is always preferred to write the equations according with the less

limitative control surface, &,, (in this case).
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Configuration 2 and 3
The configurations 2 and 3 (figures 4.6 and 4.7, respectively) will follow the same method

applied to configuration 1, since each configuration makes use of two control surfaces, such as

the configuration 1.

Configuration 4
The mixed-control configuration 4 (figure 4.8), has three different control surfaces instead of two

as previous configurations. Inboard ailerons (left and right) (C2) are defined as ailerons &,

(again following the convention stated for the ailerons). Also the outboard and inboard elevators

(C4 and C5) are used as ailerons, so they are defined as §,, and &, , respectively.

The equations representing the influence of §,, , 64, and d,, in lateral motion are given by:

Cy = C}anlé‘a1 + Cyga25a2 + CY5a36a3 ) (5.27)
Cr = G, 00, + Cisp, 00, + Cigy Oy s (5.28)
Cn = Cn6a1 6‘11 + Cn6a2 6‘12 + Cn5a3 6‘13 : (529)

To minimize the rolling moment, we have:
€, =0=Cy, 8o, + Ciy5p, 80, + Cig, Gy s (5.30)

which has one more degree of freedom than previous configurations. To solve the problem, it
was also taken into account the maximization of the yawing moment, by pondering the stability
coefficient ¢, along with C;, .
Since the aft wing elevators contribute for the same yawing moment only when deflected in the
same direction, §,, and §,, were maximized for equal deflections and directions, following the
equation (5.31):

84, = 64y = b4, , (5.31)

2
which replaced in the equation (5.30) allows to obtain the next relation between the control
surfaces:

8, = — %5 (5.32)
T Gy, F G, :

After determining the relations between the control surfaces, the deflections can be replaced in
the equations (5.27 — 5.29):

¢, =(c c Ctoas c Cboar ) 4 5.32
Yy — Ysaq Ysa, Clsg_z + Clga3 Ysas Clé‘az + Cl,ga3 ai ( . )
c,=0, (5.33)

Clé’a1 Cl&al

=(Cp, 04 —C ——C — |6, - .
n ( N§aq A1 N§a, Clé‘az + C15a3 n6a3 Clsaz + C15a3> aq (5 34)
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Therefore, the equations (5.35 — 5.37) represent the stability coefficients of the equivalent

rudder control surface multiplied by &,, , and they are represented as:

C, =C c Ctoay c Ctsay (5.35)

Ysr Ysa, Ysa, Clé’az + Claa3 Ysas Clsaz + Cl8a3 ’ .

G, =0, (5.36)
Ciy Ci,

Crg, = Cng, 8ay — Cngy o — Cpy, .

nsr Ngaq, ~ 41 Nsay Cléaz + Cléa3 Nsaz Cl&az + Cl&a3 (537)

Configuration 5
The configuration 5 (figure 4.8) makes use of three control surfaces, as the configuration 4.

Consequently the methods to achieve the equivalent rudder of configuration 5 are the same as
the ones applied in configuration 4.

Configuration 6
The mixed-control configuration 6 (figure 4.9) uses four distinct control surfaces. In the front

wing, the flaps (C1) and inboard ailerons (C2) are used as ailerons, defined as 6,, and &,
respectively. The control surfaces C4 and C5 in the aft wing will also act as ailerons,
represented as §,, and §,, respectively.

The equations representing the influence of these four control surfaces in lateral motion are
described as:

Cy = CY5a15a1 + CY5a2 8q, + CY5a3 8, + CY5a45a4 ) (5.38)
Cl = Cl&al 6‘11 + Cl&az 6‘12 + Cl6a3 6"-3 + Cl6a46a4 ’ (539)
C, = Cnsa15a1 + Cn5a25a2 + Cn5a35a3 + Cn5a45a4 . (5.40)

Again, we want to minimize the rolling moment:

Cl =0= Cl6a16a1 + Cl§a26a2 + Cl§a35a3 + Cl5a46a4 . (541)

To determine the relations between the control surfaces it is insufficient to use only the above
equation. Therefore, based on the contributions of the stability coefficients C,;  and C;;_of the
four control surfaces and figure 4.9 (which represent the contribution of forces) it is possible to
maximize the yawing moment.

Like in configuration 4, both outboard and inboard elevators (C4 and C5) must be deflected in

the same direction to produce an equal direction yawing moment, maximizing it:

80y = 8a, = 84, - (5.42)
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From the control surfaces in the front wing, the inboard ailerons (C2) are chosen to maximize
the yaw and minimize the roll by deflecting in the opposite direction of the elevators. The
inboard ailerons are chosen primarily because their deflection affect more the yawing moment
than the flaps (C1). Since they cannot fully reduce the rolling moment to zero, they are going to

be actuated in the same proportion as elevators, leading to their maximum deflection:

6(12 = _611@ . (5.43)
Using the previous relations between the control surfaces in equation (5.41), the last relation for
the last control surface §,, can be found:

Cla +Cla _Cla
_ _bas Say 62(5%, (5.44)

l5a1

5 =

az

which, when replaced in the equations of the lateral force and moments, simplify to the

deflection of one control surface &, :

6, =|-c, (Foest b Tl | (5.45)
Yy — Ysa, Clg Ysa, Ysas Ysa, | “ae’ '

ai

C,=0, (5.46)

Cl& +C. —(C
_ as Say Say

C, = [_Cn&h ( Cls ) - C"5a2 + Cn5a3 + Cn5a4 5,12 . (5.47)

ai

Like in the previous configurations, the equations (5.45 — 5.47) represent the stability

coefficients Cy,,, C,;,, and C,, of the equivalent rudder of configuration 6, multiplied by the

deflection of control surface &, .

Configquration 7
The mixed-control configuration 7 (figure 4.9) makes use of all available control surfaces. Each

pair of control surfaces is activated as ailerons, so five distinct ailerons are being used. In the
front wing, the flaps (C1), inboard and outboard ailerons (C2 and C3) are represented by &, ,
84, and §,, , respectively. For the aft wing the outboard and inboard elevators (C4 and C5)
acting as ailerons are represented by §,, and §,, , respectively.

The following equations show the influence of all five control surfaces in the lateral force and

moment coefficients:

Cy = CY6a1 6111 + CYSaz 6112 + CY6a3 6‘13 + CY6a46a4 + CY6a56a5 ’ (5.48)
Cr = Cigp,0a, + Cigp, 00, + Cug, Gay + Cigy Ga, + Cig, Gag s (5.49)
Cn = Cn6a1 6111 + Cné‘az 6112 + Cn6a3 6113 + Cn5a46a4 + Cn5a5 6a5 ' (5-50)
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To minimize the rolling moment, it is applied the same method as for previous configurations:

€ =0=Cy, 8q, + Ciy, 8a, + Cig, Bay + Cig, Ba, + Cig, Ba - (5.51)

Once more it stands for a multivariable analysis, which for the equation (5.51) can be solved by
maximizing the yawing moment. To achieve that goal, the stability coefficients C,;_ and C;, of
all control surfaces must be analyzed, as well as figure 4.9.

The first step is similar to the one taken for the earlier configurations. Given that the elevators
C4 and C5 in the aft wing are the ones producing higher yawing moments, they are maximized
first, and their deflections must have the same direction, in order that the respective yawing
moments do not cancel each other. In this way it is attained the first relation for the elevators:

8ay = 6a, = B4, - (5.52)

4

All the remaining control surfaces in the front wing produce a yawing moment in the same
direction as the elevators when deflected in the opposite direction of elevators, while at same
time it cancels the rolling moment. However the contribution of the front wing for the rolling
moment is far greater than from the aft wing (almost 3 times higher than aft wing). Thus, it was
chosen to maximize first the control surface in the front wing which has greater impact on
yawing and which at the same time would be less requested for the rolling motion (like the

outboard ailerons). The control surface chosen was the inboard aileron (C2):

8a, = 84, . (5.53)

Since the rolling moment from the elevators is practically cancelled by the inboard aileron (C2),
the outboard aileron (C3) and flap (C1) can only be actuated in a very short range of deflections
to fully cancel the rolling moment. Therefore, the yawing moment produced by them will be
limited to the small amount of rolling that they can produce. In this way, to maximize the yaw a
rolling moment was introduced in the same direction as the elevators through the use of flaps

(C1). The flaps are then maximized to:

Sa, = O, - (5.54)

The reason behind this unexpected solution, since it will create an opposing yawing moment to
the intended moment, is because it will be very small. As it can be confirmed in table 4.7, the
Crns, Of the flap is insignificant comparing with others, so the impact in the overall yawing
moment is expected to be negligible.

On the other hand, the new rolling moment working in the same direction of the elevator
moments, allows for a greater use of the outboard ailerons to cancel it. By increasing the
actuation of the outboard ailerons the overall yawing moment of aircraft will increase.

Using the previous equations (5.52 — 5.54) in equation (5.51), the final relation is given by the

following expression:
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Cizy. = Ciy, + Ciyy. + Ciy,
Bpy=——a 0w ba s (5.55)

Clé‘a3

Replacing the deflecting relations in the force and moment coefficients, we obtain:

[ Cisy. = Cigo, t Cisp. + G ]
— ai Saz Sag Sas
Cy - CY6a1 - CY5(12 - CY6a3 ( Cl ) + CY8a4 + CY8a5 6‘16 1] (5.56)
| 5(13 4
¢, =0, (5.57)
ClS _Cl§ +Cl§ +Cl§
—_ aq az ag as
Co = |Crsa, = Cnsay = Cnsay < = ) + Cnge, + Cnga, | Oae - (5.58)
| saz |

The equations (5.56 — 5.58) represent the stability coefficients Cy , ¢, and C,, of the

or

equivalent rudder for the configuration 7, multiplied by the control surface §,, .

5.1.3.2 Speed-brake control

The speed-brake control configurations are identical to the mixed-control configurations from
the point of view of the control surfaces that are being used to create the yaw. The difference
lies in the way to use them, because mixed-control configurations use both left and right control
surfaces at the same time (since they are used as ailerons) and speed-brake control only uses
either left or right separately depending on the required moment for the motion.

Since the control surfaces used are the same, the proportion between control surface
deflections is the same as mixed-control. For example, if outboard elevators (C4) in mixed-
control have to deflect 2 times the deflection of the outboard ailerons (C3), the same deflections
will be observed in the equivalent speed-brake control configuration using the same control
surfaces: left outboard elevator has to deflect 2 times the deflection of the left outboard aileron
(and the same goes for the right outboard elevator and aileron if they are used instead of the left
ones).

Therefore, the multivariable analysis is accomplished by using the same maximizations and
minimizations that are used in the corresponding configurations, in mixed-control. For easier
corresponding it was given the same numbering for the equivalent configurations in mixed-
control and speed-brake control.

However, the speed-brake control stability coefficients C,, are only available for a deflection
inferior or superior to a certain angle, as it can be seen in table 3.6. So, the addition of the
coefficient is not linear, given that the range of deflection of the control surfaces is not the same.
Thus a linear approximation will be done, where the equivalent rudder configuration will also
have a shorter range of deflection, depending on the limiting control surfaces used. An error

analysis will be calculated for the maximum error committed.
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5.1.4 Equivalent rudder stability coefficients

The stability coefficients of each mixed-control and speed-brake control configurations were
calculated using the methods described above, and are resumed in the next table. The
deflection range of each configuration, as well as the maximum error of the linear
approximations for the speed-brake configurations is presented.

Note that the stability derivatives were maximized for a zero rolling moment coefficient, so for all

configurations the stability coefficient C,,, is given by:

C,, = 0. (5.59)
Mixed-control
Configuration Equivalent rudder [1/rad] Range
. Cys, = —0,144 200 30°
Crs, = 0,021 -30°, 307)
2 Cror = ~0.0%7 [30°, 30°]
Cps, = 0,019 ’
3 Crar = ~0093 30°, 30°
Crs, = 0,022 -30°, 307)
4 Crar = 0192 [-30°, 30°]
Cns, = 0,034 ’
5 Crar = ~O171 [30°, 30°]
Crs, = 0,040 ’
6 Croy = 0,246 30°, 30°
Cps, = 0,041 -30°, 30]
7 Crar = ~0133 30°, 30°
Cps, = 0,045 -30°, 307)

Table 5.1 - Mixed-control equivalent rudder stability coefficients

Speed-brake control

Configuration  Equivalent rudder [1/rad] Range Error

1 Crsy = ~0.072 [-20°, 20°] 13,5%
Cpg, = 0,055 ' '

2 Crs, = 0,049 [-20°, 20°] 15,9%
Cpy, = 0,053 ’ ’

3 Cr, = ~0.046 [-15°, 15°] 12,5%
Cpg, = 0,035 ' '

4 Crs, = ~0,096 [-20°, 20°] 8,8%
Cpy, = 0,073 ' ’

5 Cry, = —0.085 [-20°, 20°] 10,3%
Cpy, = 0,087 ' '

6 Cry = ~0,123 [-20°, 20°] 13,6%
Cps, = 0,089 ' '

7 Cr, = 0,067 [-20°, 20°] 16,7%
Cpg, = 0,115 ' '

Table 5.2 - Speed-brake control equivalent rudder stability coefficients
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All the errors are given in relation to upper bound values, consequently all values computed are
in a safe zone where the values are expected to be higher and their maximum error never
exceeds 16,7%. Therefore, in a real situation it would be expected higher values of the yawing
stability coefficient, which would increase the performance and the control over the lateral
motion: the stability coefficients for the speed-brake control are conservatives.

For an easier insight and comparison over the yawing stability coefficients C,, , they are

represented in the next figure for each configuration.
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Figure 5.1 - Comparison of the stability coefficient C,,. for each configuration

Nsr

From the figure above, it is notable the difference between the efficiency of the mixed-control
and the speed-brake control, where the last shows constant contribution of two times higher for
almost all configurations.

Some appreciation can be made about the efficiency of the equivalent rudder control surfaces,
in which speed-brake control technique configurations clearly present higher results. However, it
is still soon to conclude about their action in the dynamic model since the range of deflection is
shorter for the speed-brake control configurations.

So, further steps will lead to the analysis of the dynamic response of the aircraft state variables,

for a better judgment about the efficiency of the different control methods.

5.2 Aircraft open loop system

Before proceeding with the control methods it is necessary to understand how SensorCraft
responds to typical control surface deflections. This is called open loop system response.
The open loop system reveals how the state variables of the aircraft change with the input of a

control surface.
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To demonstrate the open loop response of the system, it was used the MATLAB® to define the
state space equations of lateral and longitudinal motion. The time-space analysis of the open
loop system was tested in the MATLAB® multidomain simulation environment Simulink®.

The longitudinal and lateral representative schemes for the open loop simulation are presented

in figure 5.2.
(@) (B)
5 dr
= - s
j ¥ = Ax+Bu | state x = Ax+Bu
¥ = Cx+Du = state

Step 0 ¥ = Cx+Du
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Figure 5.2 - Open loop representative systems for (a) longitudinal and (b) lateral motions

The rectangle signal input of the control surfaces, such as elevator, rudder and aileron, was

chosen as a value of 3 degrees as demonstrated in figure 5.3.
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Figure 5.3 - Rectangular signal input of control surfaces

To proceed with the time-space analysis, it was decided to test these inputs for the inboard
elevators (C5) in the longitudinal system and for the outboard aileron (C3) and equivalent
rudder of speed-brake configuration 1 (C2 and C4) in the lateral system.

The responses of the longitudinal and lateral system are summarized next:
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Figure 5.4 - Longitudinal response to a 3 degree rectangular signal in elevators
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Figure 5.5 - Lateral response to a 3 degree Figure 5.6 - Lateral response to a 3 degree
rectangular signal in ailerons rectangular signal in rudder

Note that the degree unit in the y axis of the previous graphics denotes that all angle related
state variables come in degrees, instead of radians. This is the case of angles (degree) and
angular velocity values (degree/s). State variables which are not related with angles are
expressed in the Sl units, for example the linear velocity comes in m/s. For further state variable
graphics this representation will be also used.

The open loop of the longitudinal system from figure 5.4 has an unstable response to the
elevators, as it was concluded in the previous Chapter through the analysis of the flying
qualities. All the state variables of the longitudinal motion increase their amplitude infinitely,
even the vertical velocity w coloured green although with a lower rate.

From figure 5.5 the open loop of the lateral system has shown to have an average performance
to the deflection of ailerons. All the lateral state variables are damped after the perturbation of
the ailerons and the system returns to equilibrium. However, since the eigenvalue of the state
variable 1 is located in the origin the convergence is only assured for larger values.

In the case of the response of the lateral open loop to the rudder (figure 5.6), although it is
dynamic stable and all state variables are damped, their values are excessively high for a
deflection of 3 degrees, when compared with the results of the ailerons deflection. This proves
the level 2 flying quality achieved by the dutch roll mode where the rudder has higher influence,
contrasting with the level 1 quality achieved by the roll mode in which the aileron is the principal
control surface.

The state variable ) response to the rudder actuation also converges, but to even higher values

than figure 5.5.

5.3 Control system design

From the analysis of the open loop responses, it is clear that the aircraft needs a control system
not only for stabilizing the different motions but also to assure that they can be controlled and

inputted into an AFCS (Automatic Flight Control System).
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The following AFCS applied to the several test configurations have the objective of comparing
the responses of each configuration and their efficiencies to control the aircraft motion.

AFCSs are based in the feedback control, where the system uses the measurement of the
output state variables to rectify the control action (input controls). Thus AFCSs guarantee the
good behavior of the system and a good relation between the inputs and outputs. The good
behavior of the system means that it enhances the flying and handling qualities of the aircratft,
which are possible due to the increase of the natural frequency and damping ratio.

The system analysis, as well as the configuration analysis and feedback sizing depend on the
methods used. It is possible to distinguish conventional methods and modern methods. In
conventional methods it will be approached the stability augmentation through the root locus
method, and in modern methods the LQR (Linear Quadratic Regulator) will allow a further study
to control the system and attitude variables.

In both methods the determination and sizing of the feedback is what determines the value of
the feedback matrix, defined as the gain matrix K. It is the proper sizing of the gain matrix which
will grant the system the improvement of the flying qualities. Using the same state space
representation presented in figure 2.9, the typical feedback control system is given for the figure
below, where K is the gain matrix.

D

Uy(t) B )'((t)% x(t) C yi
A
K

Figure 5.7 - Typical feedback control system

From the state space feedback system in figure 5.7 it is possible to conclude that the relation

between the inputs (u) and the outputs (y) is given for the following expression:
u=Ky. (5.60)
Replacing the output vector (y) for the equation (2.78), we obtain:
u=K(Cx+Du). (5.61)

From equations (2.79) and (2.80) the output matrix (C) is given by the identity matrix and direct

matrix (D) by a zero matrix, and equation (5.61) can be simplified:
u=Kx. (5.62)

The previous equation (5.62) represents the feedback control law, which applied into the system
dynamic equations (2.77) and (2.78) translate the dynamic of the feedback control system, as

shown in following equations:
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x=(A+BK)x, (5.63)
y=Cx. (5.64)

The term A+ BK in equation (5.63) defines the feedback state coefficient matrix A , which
characterizes the parameters of the feedback system, such as damping ratio and natural
frequency:

A =A+BK. (5.65)

Thus, using the determinant in equation (4.7) the parameters of the feedback system will be

determined by the following equation:
|AT—4f]=0. (5.66)

Next, conventional and modern methods will be applied in order to stabilize and control the

aircraft dynamics.

5.3.1 Conventional control method

5.3.1.1 Root Locus

For a conventional approach the root locus method was chosen to design the stability
augmentation for the aircraft system. The root locus is a graphical analysis which evaluates how
the eigenvalues of a system change with the variation of the gain in the feedback system. The
gain is usually resolved for a transfer function, which relates a single output state with a single
input variable.

The matrix gain was computed using the MATLAB® program for each configuration. For further
details the code is presented in Appendix K. And for an equal comparison between
configurations, the gain was calculated for an established eigenvalue which grants the stability

system augmentation in all configurations.

Longitudinal

For the longitudinal motion, the root locus was evaluated for different feedback relations, in
which the best solution showed up to be the simultaneous feedback of the rate of pitch (q) to
the elevators and feedback of the pitch angle (8) to the elevators. Therefore, the gain matrix

was designed for the transfer functions shown below, and the corresponding feedback:
—_— 69 = qu, (567)
— 8, = Ky0. (5.68)

where, K, and K, were chosen to have the same gain value.
The sizing of the gain values was accomplished for a chosen point in the root locus graphic
which was closer to a line at 45 degrees with the real imaginary axis. The reason to do so is

because a point chosen near that line will a have a good compromise between the frequency
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and damping. Since for root locus an increasing damping can decrease the natural frequency
and vice-versa, it represents a commitment between these parameters.

The next figure shows the root locus method applied to the inboard elevators (C5), for the
feedback shown in equations (5.67) and (5.68).

Root Locus

®  QOpen loop eigenvalue
b 2 Eigenvlaue for infinite gain

# Chozen feedback eigenvalues

Imaginary Axis
I

Phugoid
Shert peried

Real Axis

Figure 5.8 - Root locus of longitudinal system and respective legend

From the figure 5.8 the given feedback not only enhanced the phugoid mode but also the short
period mode qualities. The selected points marked with a black star represent the points chosen
for the feedback system eigenvalues, which resulted in a gain of Ky = K; = —0.35.

The properties of the longitudinal feedback system are easily determined by the equation (5.66)

and are resumed in the next table, as well as the flying qualities:

Mode Eigenvalue w, [rad/s] ¢  Level
Short Period —6,99+ 1,671 7,19 0,97 1
Phugoid —-0,22 £0,321 0,39 0,56 1

Table 5.3 - Longitudinal feedback system properties

Comparing table 5.3 with table 4.4 it can be seen that the feedback system increased the short
period frequency and damping ratio, and a notable increase of the phugoid damping ratio which

grant the phugoid mode level 1 flying quality.

Lateral
For the lateral motion, the best feedback solution to increase the properties of the dutch roll,

was the feedback of the rate of yaw (r) to the equivalent rudder &, . The transfer function and
the corresponding feedback which determine the gain matrix of the lateral system are

represented next:

= — 67‘ = Krr- (569)
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The sizing of the gain value K, was chosen in such a way that would increase the properties of
the dutch roll predominantly. In figure 5.9 and considering the legend in figure 5.8, it is
represented the typical root locus for the given feedback in equation (5.69) where it was used

the equivalent rudder of the speed-brake control configuration 1 (C2 and C4).

Root Locus

Imaginary Axis
*
*

— Spiral
[ | —— Dutch rol
— Roll

Real Axis

Figure 5.9 - Root locus of lateral system

In the previous figure, the sizing of the gain was firstly selected for the solution which better
stabilizes the dutch roll. The dutch roll eigenvalue was selected to be located as far left
possible, but without reducing the natural frequency greatly. Spiral and roll modes due to the
good behavior of the feedback system chosen, also increase their flying quality parameters, but
as shown in figure 5.9, the great impact was over the spiral mode which eigenvalue was widely
moved to the left unlike the roll mode which nearly did not moved.

The sized gain for this feedback was K, = 0,946 , and the properties of the lateral feedback
system can be found by solving the determinant in equation (5.66). The resulting properties of

the lateral modes are resumed in table 5.4.

Mode Eigenvalue w, [rad/s] § &w, T|[s] Level
Spiral —-0,83 0,83 1 - - 1
Dutchroll —0,68+1,591i 1,73 039 067 - 1
Roll —6,42 6,42 1 - 016 1

Table 5.4 - Lateral feedback system properties

Comparing the results of the lateral feedback system with the results of the lateral open loop
system (table 4.5), the feedback of the rate of yaw to the equivalent rudder highly increased the
damping of the dutch roll and the frequency of the spiral mode. The roll mode eigenvalue
practically did not change its position, since the rudder has not much influence in the roll motion.
Therefore, the overall flying qualities of the lateral system were greatly increased for the

intended lateral modes, resulting in a level 1 lateral flying quality.
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5.3.1.2 Simulink® analysis
The time-space analysis of the close loop system (feedback system) was simulated in the
Simulink® environment. The longitudinal and lateral feedback systems were then built in

Simulink®, as shown in figure 5.10.

State-Spaoce To Wordspace :
State-Space To Wokspsos

Gain

Gain

Figure 5.10 - Close loop systems for (a) longitudinal and (b) lateral motions

The rectangle signal input in the control surfaces was chosen as before in figure 5.3. For the
time-space analysis, it was chosen the same control surfaces as the ones used in the open loop
analysis, thus the inboard elevators (C5) are used in the longitudinal system, the outboard
aileron (C3) and the equivalent rudder of speed-brake configuration 1 (C2 and C4) are used in
the lateral system.

The longitudinal and lateral responses of the feedback systems, where the gains are given by

the previous root locus calculations, are presented in the following figures.
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Figure 5.11 - Longitudinal response of feedback system to a 3 degree rectangular signal in elevators

T 50 T
—¢ —
» P
T 40 L
e e
— —
1 a0t
10r
0
V
) 10 2 30 2 50 50 70 80 ™% 0 20 30 a0 0 80
Time [s] Time [s]
Figure 5.12 - Lateral response of the feedback Figure 5.13 - Lateral response of the feedback
system to a 3 degree rectangular system to a 3 degree rectangular
signal in ailerons signal in rudder
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Comparing the results obtained for the feedback system with the ones corresponding to the
open loop (figures 5.4 — 5.6) the great improvements are shown to be for the longitudinal motion
and for the lateral due to rudder deflection. It is an expected result, since from feedback result
(tables 5.3) the longitudinal motion improved both modes, specially the unstable phugoid, and
the lateral motion improved the dutch roll and spiral mode.

Thus for the longitudinal motion (figure 5.11) all the state variables are reduced to zero after the
control surface return to original position, although a very small and negligible oscillation
continues in time.

The lateral motion due to the deflection of the ailerons (figure 5.12) presents a faster
convergence into the new equilibrium point after the control surface return to the original
position than the open loop system. Another improvement is that the undesirable oscillation of
the open loop system was greatly attenuated, and the state variable i is now seen to converge
much faster. Although the lateral feedback did not aim to improve the roll mode, the good
behavior of the chosen feedback system, also moves to the left the values of the spiral and
dutch roll eigenvalues, increasing their flying parameters.

Finally, the lateral motion due to the rudder deflection shown in figure 5.13 reveals a very fast
convergence of the state variables, right after the perturbation in the control surface ceased. A
remarkable difference between the open loop and the feedback system is found in the
excessively high values attained for the same control deflection in open loop, which are now
highly damped and controlled. Even the state variable iy has a fast convergence, proving the
efficiency of the applied feedback in the dutch roll.

Resuming, all systems present stable responses and a fast convergence of the state variables.
Also another important note is the great change of the heading angle i due to the rudder

deflection of 3°, comparing with the change of i due to the aileron deflection.

5.3.1.3 Configuration results

Based on the achieved results for the feedback system, the different configurations will be
compared. The comparison will be based on the gain values which represent the required effort
of the control surface to control a certain motion. Thus, the higher the gain value the higher will

be the deflection to control the disturbance.

Longitudinal

For the longitudinal motion the control surfaces tested are the inboard elevators deflecting in the
same direction (configuration 1) and the inboard and outboard elevators deflecting in the same
direction (configuration 2). In this way, it is planned to conclude about the efficiency of the

inboard elevators in the pitch control.
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To grant a fair comparison between configurations, it was chosen a gain value which allows the
control and stabilization of one configuration, obtaining the correspondent position of the
eigenvalues for the given feedback. The comparing configurations will be approximated to the
given eigenvalue and calculated their respective gains. Therefore, the gains will be compared
for an equal eigenvalues objective.

The results of the root locus for the longitudinal configurations are presented in table 5.5.

Configuration Phugoid Short period Gain
1 -0,224+0,32i -699+1,67i —0,35
2 —-0,21+0,33i —-685+193i 0,2

Table 5.5 - Gains and eigenvalues of the longitudinal configurations

Lateral

Attending to the same method used for the longitudinal motion, we used an equal value of
eigenvalues which stabilize and control the lateral motion. The gains were computed for the
mixed-control and speed-brake configurations presented in Chapter 4, and the equivalent
rudder stability coefficients are given in tables 5.1 and 5.2 and equation (5.59).

The gain results of the root locus for the lateral configurations are presented in table 5.6, as well
as eigenvalues of each configuration.

(Note: To make the notation simpler, mixed-control will be referred as MC and speed-brake
control as SBC, so mixed-control configuration 1 is defined as MC —1 as well as speed-brake

control).

Configuration Spiral Dutchroll Roll Gain

MC-1 -0,90 -0,65+1,52i -6,38 2,45
MC -2 -0,88 —0,66+1,54i -6,39 2,72
MC -3 -0,87 -0,67 £1,55i —-6,40 2,36
MC -4 -0,90 -0,66+1,53i -6,39 1,53
MC -5 -0,86 —0,67£1,55i -6,39 1,29
MC -6 -0,88 —-0,66+1,53i -6,38 1,25
MC -7 -0,86 —-0,68+156i -640 1,16
SBC -1 -0,83 -0,68+1,59 -642 0,95
SBC -2 -0,83 -0,69+159 -6,42 0,99
SBC —3 -0,83 -0,68+159 -6,42 1,49
SBC — 4 -0,83 -0,68+159 -6,41 0,72
SBC -5 -0,83 -0,69+159 -6,42 0,60
SBC -6 -0,84 -0,68+1,59i -6,42 0,59
SBC -7 -0,82 -0,69+1,60i —-642 045

Table 5.6 - Gains and eigenvalues of the lateral configurations

68



5.3.2 Modern control method

The modern control solution chosen consists in the potential of an optimal feedback controller to
all state variables and control inputs. It is called Linear Quadratic Regulator (LQR).

From the root locus control method both lateral and longitudinal systems were stabilized and
controlled. Considering the longitudinal motion controllable by the root locus results, and as
pointed in the beginning of this work, it will focus over the lateral motion since the main problem
is the inexistence of the rudder in SensorCraft. Thus the LQR method will be applied only for
lateral system.

Two other reasons lead to the investigation of the LQR for the lateral system. The first reason
lies in the LQR property of an all state and input variables optimal feedback, which will allow the
feedback for both yawing and rolling motions. The second reason and the most important, is
that using the LQR method will open a possibility to determine the gain matrix of a flight path

control system, which will work as an evaluation method between different configurations.

5.3.2.1 Linear Quadratic Regulator - LQR

Introduction
As it was said before, LQR is a modern method which leads to the optimal controller by an all
state and input variables feedback. The sizing of feedback gain matrix is determined minimizing

the cost function, J, defined in equation (5.70):

ty
J=1] Llxut)dt, (5.70)

t1

where, L is the Lagrangian which summarizes the dynamic of the system (state, control and
time variables).
The minimizing along with the dynamic equations (2.77) and (2.78) leads to the solution u° and

to the optimal linear solution of the gain matrix,
u® = —Kx. (5.71)
In the LQR the problem is reduced to:

t2
J= % (x'Qx + u'Ru) dt . (5.72)
t1

To minimize the integral the square matrix Q (related to the state coefficient matrix) and square
matrix R (related to the driving matrix) are used in order to ponder between the different states
and inputs to obtain the desirable objective.

The LQR method was computed using MATLAB® programmed forms, and it is demonstrated in
the MATLAB® code source in Appendix K.

69



Method
To implement the LQR in a flight path control system, the heading state variable (i) was

inputted in the system via command so it can be controlled. Therefore the input command of the
system is now the heading instead of control deflections. Thus the gain will operate over the
error (e), which represents the difference between the commanded variable and the output

variable, as it is shown in equation (5.73):
e=yYm—y. (5.73)

It was also chosen to control via command the state variable bank angle (¢) in order to have an
attitude control system over the aircraft.

Thus, the feedback of i and ¢ state variables represents a control command system in an outer
loop, and the feedback of the remaining state variables represents a stability augmentation
system in an inner loop. This model will be presented further in figure 5.14.

Although the gain matrix computed in LQR stabilized the system, the response of the state
variables ¥ and ¢ had no negligible static errors. For that reason the system would not
converge to the input commanded values. Thus it was decided to introduce two new integrative
states of iy and ¢ to cancel the static error.

The new integrative states are given for:
Xe=0¢, (5.74)
X, =1, (5.78)

which are introduced in the dynamic state equation as represented below.

Bl T 0 0][F]

P o ollp

) A 0 ol|" B o

¢ = 0 of|®|+ B2 (5.79)
P 0 o||lw

| |0 0 0 1 0 0 0||x¢| (O 0

v, Lo o 0 o 1 0 ollxd Lo 0

Where A and B are defined in equation 2.80.

Using the LQR method in the MATLAB® (Appendix H), the gain matrix was determined for the
new system represented in equation (5.79). The poles of the new system are given by equation

(5.66) and are represented below.

Mode Eigenvalue w, [rad/s] § ¢&w, T]|[s] Level
Spiral —1,38 1,38 1 - - 1
Dutchroll —4,33 + 3,65i 5,66 0,76 4,3 - 1
Roll —7,48 7,48 1 - 013 1

Table 5.7 - Lateral LQR feedback system properties
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5.3.2.2 Simulink® analysis
The time-space analysis of flight path control system was simulated in the Simulink®
environment. The command feedback and close loop stability augmentation system were then

built in Simulink® as shown in figure 5.14.

state

¥y ¥

» I To Workspace

Ssturation

B

CleseLoop  Selectorbets, p, 1
=

Figure 5.14 - Flight path control system of 1 and ¢ using the LQR feedback gain matrix

The real system has always limitations either in attitude angles like the bank angle due the
proximity to the ground for example, or in the deflection of the control surfaces. For that reason
saturation blocks were computed in the Simulink® which limit the values of §, and §,.

Two different situations of limiting bank angles were tested, one including more accurate control

with the bank angle restricted to 10° and another where the bank angle was restricted to 30°:

e Saturation Case1—¢ < 10°

e Saturation Case 2 — ¢ < 30°

The system will be tested to an extreme change in the heading angle iy of 90° and for a
command in the bank angle to level the wings after the perturbation. Therefore, the inputs of the

flight path control system are:

Peom = 90°, (5.80)
peom = 0°. (5.81)

The ¥ °°™ input is activated at the marked time of 10 s after the simulation started.

The typical response of the state variables to the above command inputs in the time-space
analysis are presented in figures 5.15 and 5.16. First figure represents the response of the LQR
feedback for the Saturation Case 1 and second figure for the Case 2. The results presented
next were achieved using the outboard ailerons as the aileron control surface and the

configuration 1 of the speed-brake control as the equivalent rudder.
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Figure 5.15 - Response of LQR feedback Figure 5.16 - Response of LQR feedback
system - Saturation Case 1 system - Saturation Case 2

Examining figures 5.15 and 5.16 all state variables converge to the extreme request of heading
angle change. The heading state variable rapidly converges and stabilizes to the requested
input of 90° as desirable. The sideslip state variable after the system reaches the new condition
has a slower convergence to zero, but since the sideslip was never a priority to the model
requirements and it is between acceptable values it is not a concern.

Comparing the saturation cases it is easily seen that major differences can be observed
between the bank angle (¢) and yawing rate (r) values of both cases. For the Case 1 where
the control is more precise, the bank angle and yawing rate can only reach small limiting values.
In Case 2 the values achieved for the same variables are higher since the saturation values are
not as much limitative as in Case 1. This directly affects the time of the system to converge to
the requested heading angle, because the rate of turn depends either on the bank angle or the
yawing rate. The higher the bank angle or yawing rate, the faster the turn will be. So as seen in
previous figures, the Case 2 (where the limitations are not so restricted) converges to the 90°
much sooner than Case 1.

In conclusion the system is stable and quickly follows the requested inputs with precision. Also,
the yawing speed will be as faster as the physical and environment limitations in the bank angle

will allow it.

5.3.2.3 Configuration results

The objective is now to use the previous LQR feedback system to investigate the different
control configurations. The comparison between the several configurations will be done based
on the heading angle state variable i, through the analysis of the time to accomplished the
requested input.

Using this analysis it will be possible to account for the different range of deflections of control
surfaces by means of the computed saturation blocks. The results will be much more reliable to
conclude about the efficiency of the equivalent rudders.

For a fair comparison between configurations, the matrices Q and R of the LQR method are the
same for all configurations. This will assure that the cost function is minimized for the same

contributions of state and input variables.
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All configurations were analyzed for the same command inputs given in equations (5.80) and

(5.81). The comparison results are presented below for both saturation cases.

Saturation Case 1

Mixed-control configurations
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Figure 5.17 - 1 response for mixed-control configurations (left) and respective zoom (right)
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Figure 5.18 - 1 response for speed-brake control configurations (left) and respective zoom (right)

Mixed-control and speed-brake control comparison:
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Figure 5.19 - 1 response comparison between mixed-control and speed-brake control

73



Saturation Case 2
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Figure 5.20 - i response for mixed-control configurations
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Figure 5.21 - 1 response for speed-brake control configurations
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Figure 5.22 - 1 response comparison between mixed-control and speed-brake control
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For the precise control of aircraft motion, the results of mixed-control configurations (figure 5.17)
are the ones expected and reflect the influence of the stability coefficients. The mixed-control
configurations 5 and 6 in figure 5.17 are superimposed. The speed-brake control configurations
(figure 5.18) also present a clear contribution of the stability coefficients over the aircraft ability
of a faster turn, where the higher the yawing moment stability coefficient the faster the system
becomes. Speed-brake control configurations 1 and 2, as well as configurations 5 and 6 are

superimposed.

For the less limited fly condition, Saturation Case 2, the same graphical arrangement is
observed for both mixed-control and speed-brake control (figure 5.20 and 5.21), as it was
already observed in the Saturation Case 1 configurations. However the convergence times are

much faster for the Case 2, since it allows higher bank angle and yawing rate values.

The surprising analysis was the comparison between mixed-control and speed-brake control for
either Case 1 or Case 2 limitations (figure 5.19 and 5.22 respectively). Although the speed-
brake control configurations were limited in the deflection of control surfaces, almost all (except
configuration 3) these configurations presented better results than all mixed-control
configurations. After some investigation, it was concluded that this happened not only due to the
values of the stability coefficients, but also because the speed-brake control surfaces were not

highly requested to their limits as shown in the next figure.

[degree]

L . . . . L L
5 10 15 20 25 30 35 40
Time [s]

Figure 5.23 - Equivalent rudder use during the requested heading angle change

As confirmed in figure 5.23 the maximum values are requested for a very small time period,
which allows to conclude that the control surface deflection constraints are not limiting the
response in such a way that affects the system performance.

Based on what was presented before and from figures 5.19 and 5.22, the speed-brake control is

concluded to have a faster convergence to the requested command inputs.
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From figures 5.19 and 5.22 another notable feature, is that for the Saturation Case 1 the
configurations mixed-control and speed-brake control are found to be more far apart from each
other than in Case 2. Again, this deals about the limitations to the bank angle. Increasing the
limit of the acceptable bank angle, this angle will have more influence than the yawing moment.
Although it can be concluded that for high bank angles, the turning velocity has a highly
contribution from the bank angle (rolling) and not so much reliant on the rudder efficiency, on
the other hand the rudder importance for the turning ability and yawing control will be greater for

the aircraft accurate control, where bank angle has a more restricted range of variation.
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Chapter 6

Results Analysis

6.1 Configurations results analysis

For the aircraft longitudinal motion, the modes were successfully controlled and stabilized using
a close loop feedback of the pitch angle and pitch rate. The evaluated configurations were the
inboard elevators (configuration 1) and the inboard and outboard elevators together
(configuration 2). From the matrix gain results (table 5.3) the use of the configuration 2 instead
of configuration 1 only represents a reduction of 43% from the gain value of configuration 1.

As stated before, the gain value represents the amount of effort requested to a control surface
to control a certain motion. Thus, a higher value of the gain represents a higher effort to be
requested to the control surface, as confirmed in equation (5.62).

Therefore, since the gain did not change much with the addition of the outboard elevators (C4)
(43%), the configuration 2 will not represent a great improvement for the longitudinal
performance of the aircraft. This is explained by analyzing the distance of the outboard
elevators from the cg of the aircraft, which is smaller than the inboard elevators, as confirmed in
figure 2.2, giving the outboard elevators a smaller effect in the pitching moment.

In conclusion the longitudinal motion shows a stabilized and controlled response to the
feedback of the configuration 1. Thus, the use of the inboard elevators has a good efficiency to
control the longitudinal motion, but can be combined with the outboard elevators if a certain
flight condition demands a more precise control.

The conventional and modern control methods, used in the lateral motion analysis were quite
conclusive, regarding the control strategies investigated. Through the analysis of the flight path
control system, it was possible to compare the performance of mixed-control and speed-brake
control strategies, for the real limitations of the control surface deflections. The results for a
severe request in the heading angle of 90° were clear enough, verifying an always faster
change in the heading for all the speed-brake control configurations (except configuration 3)
than all other mixed-control configurations.

Moreover, in agreement with the flight path control system results are the results obtained from
the close loop system (root locus feedback). Examining the close loop gain values of all

configurations, the speed-brake control configurations (except configuration 3) reveal smaller
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values than the mixed-control configurations. This means less effort for the speed-brake control
configurations to achieve a same objective, thus proving their efficiency in comparison with the
mixed-control configurations.

Therefore, from the analysis of both flight path control system and close loop gains, it was
reached the conclusion that speed-brake control strategies have higher efficiency to control and
stabilize the yawing moment than the mixed-control strategies. This analysis is easily seen in
figure 5.19 representing the convergence speed of the heading angle, and in the next graphic

which will emphasize the results obtained for gain values each of configuration.

Gain
\I—‘
wu
1

W Mixed-control

@ Speed-brake control
0,5 -

Configuration

Figure 6.1 - Comparison of the close loop gains for each configuration

Comparing the results for Saturation Case 1 and Case 2 (figures 5.19 and 5.22, respectively), it
can be seen that between different configurations, the improvement in the time of convergence
from one configuration to another is greater in Case 1 (since configurations are further away
from each other). This was explained before by constraints applied on the bank angle, if the
constraint limits are not tight, the rate of turn will be much more affected by the aircraft bank
angle than for the yawing efficiency of the rudder. Consequently, it will be more difficult to
perform the evaluation of the yaw efficiency between the several configurations. Therefore, the
analysis must be conducted for the more restricted case, Saturation Case 1, where the rudder
efficiency has more impact.

Due to the previous reasons, the analysis will proceed only for the speed-brake control
configurations and Saturation Case 1.

For the first three configurations, which make use of two control surfaces, the configuration 3 is
the one with the worst results, and so it is excluded.

Between configuration 1 and 2 the results achieved are almost coincident as confirmed in figure
5.18 and in table 5.6. Since configuration 2 makes use of the outboard ailerons (C3) and those
control surface are essential to the roll motion, this configuration loses its performance
comparing with configuration 1 which do not use any primary control surface belonging to other

motion.
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Comparing configuration 4 with 5 and configuration 6 with 7, it is verified that the replacement of
the inboard ailerons (C2) for the outboard ailerons (C3) and the additional use of the outboard
ailerons (C3) respectively, only introduces small changes either in the C,,_, or in the close loop
gain or in the convergence times of y. The loss in the autonomy of the rolling motion of the
aircraft does not justify their use. Thus, configurations 5 and 7 are excluded.

In resume, the configurations have been reduced to 1, 4 and 6. Between the configurations 4
and 6 there is an improvement in using the configuration 6 for the same impact in the pitching
moment. This is not only because the amount of drag force produced by numerous control
surfaces, but also because in configuration 4 the inboard ailerons (C2) cannot cancel the rolling
moment induced by both elevators, thus the elevators are restricted to smaller deflection
angles. In configuration 6, the addition of the flaps cancels the rolling moment produced by
elevators, enabling the elevators maximum contribution for the yawing moment. Moreover, the
flaps are used at 23% of the actual deflection in other surfaces (equation (5.44)), which enables
its use for different requests.

In conclusion, the resulting speed-brake strategies which best stabilize and control the yaw
motion are configurations 1 and 6. The difference between these two configurations lies on the
desirable autonomy for the longitudinal motion, knowing that configuration 1 does not use the
inboard elevators (C5) like configuration 6 does, allowing for a higher control over longitudinal

motion. Comparing the root locus gains and the stability coefficients C,  the configuration 6

presents a general improvement of 38%. Therefore, it was considered both speed-brake control
configurations 1 and 6 as the best for control the aircraft yaw, and their use will depend over the

real situation where the aircraft is being submitted.

6.2 Qualitative validation with the SensorCraft heuristic model

Since we do not have access to experimental results; and in order to validate the conclusions
obtained in this work, a qualitative comparison was done with the flight tests results from a
heuristic model, that was being developed simultaneously in another thesis [20].

The materials chosen for the heuristic model were: the foam (roofmate) as main material, to
grant that the frame and airfoils shape represent the SensorCraft with precision; glass and
carbon fibres materials were also used as reinforcements of the main frame. Material density,
price, resistance, flexibility, and repairing efforts after crashes were the reasons which lead to
this choice of materials [20].

The Joined-Wing heuristic model was scaled by a factor of 1:3 (from the Joined-Wing
SensorCraft), to allow visualization at naked eye of its flight characteristics during the tests. The
definition of the airframe contour and matching between components has been done using

Computer Aided Design (CAD) software like shown in figure 6.1 [20]:
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Figure 6.2 - Heuristic model airframe contour [20]

The model was built in five separate components for later assembly: one tail boom, two front
wings (including fuselage), and two aft wings. The different components were cut with precision
using a Computer Numerically Controlled (CNC) machine, and the glass and carbon fibres were
applied to each component using a vacuum impregnation process. During the vacuum process,
the wings were subjected to a compression twist to accomplish the twist corrections. Finally,
after the assembly of all components has been made, the instrumentation was mounted such as
servos, receivers, batteries and two Electric Ducted Fans (EDF) [20].

The final assembly of the Joined-Wing heuristic model is shown in the following figure:

Figure 6.3 - Joined Wing SensorCraft 3 [20]

The flight tests of the Joined-Wing model were performed via radio controller. Because the radio
controller used only 8 channels, it was necessary to use the radio programming and to connect
to the same receiver port different devices, in order to command all the control surfaces and
EDFs [20].

The important tests to compare in this thesis are the yaw tests. Therefore, the performed yaw
flying tests used the different configurations of mixed-control and speed-brake control presented
before (Chapter 4). However, some complex configurations were impossible to test, because of
the few channels available of the radio controller. The configurations excluded were the 6 and 7

for both control strategies.
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The flight tests results were based on observation of the aircraft responses to the control inputs,
and on the pilot’s feedback. To compare the results it was decided to attribute a scale from 1 to
3 (where 1 is the worst and 3 is the best qualification) to define the stability and velocity of each
configuration. The stability parameter defines the behavior of the aircraft, after the rudder
equivalent surface has been applied. For example, verifying if the aircraft did not influenced the
other motions much besides the desirable yaw motion. The velocity parameter defines the
turning velocity of the aircraft, after the rudder equivalent surface has been applied [20].

For all mixed-control and speed-brake configurations, which used the main control surfaces of
the roll and pitch motions (outboard ailerons and inboard elevators, respectively) to control the
yaw, resulted in a loss of autonomy of the aircraft. The aircraft could not successfully control
either roll or pitch with that yaw configuration. For that reason, the stability parameter assigned
to all those configurations was 2 and 1.

Therefore, the configurations which better control the yaw motion, are classified accordingly to

the defined parameters in next table.

Configuration MC-1 SBC-1
Velocity 3 3
Stability 2 3

Table 6.1 - Equivalent rudder classifications

The obtained flight test results, through the qualitative analysis of the velocity and stability
parameters (defined in Chapter 6), are in agreement with the theoretical results. It was been
verified that any configuration using the pitch or roll main control surfaces as an equivalent
rudder, will result in a loss of either pitch or roll autonomy that not justifies their use.

Of all configurations possible to be tested, the comparison in table 6.1 evidences that even for a
slight change of the parameters evaluated, better results were attained for the speed-brake
configurations than for mixed-control. In conclusion, the theoretical and the qualitative flight test

results show good agreement for the solutions regarding yaw control.
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Chapter 7

Conclusions and Future Work

Several control strategies for the SensorCraft aircraft were analyzed. The primary challenge
was to stabilize and control the yawing lateral motion due to the inexistence of an effective
rudder control surface.

Starting with the determination of the aircraft equations of motion, till the determination of the
stability coefficients many approaches were made due to the SensorCraft non conventional
structure.

After several investigations using feedback systems, computation, analysis of stability
coefficients and flight path control systems, the conclusion was reached that mixed-control
strategies have inferior results than speed-brake control strategies to control the aircraft yaw.
The lateral components of the force created in the dihedral and anhedral wings, have a lower
performance to control the yawing moment comparing with the drag force. Even though the
mixed-control did not have great results for the SensorCraft, due to the low angles of dihedral
and anhedral, it is a solution to keep in mind for aircrafts where the wings have higher angles.
The speed-brake control configurations which better control the aircraft yaw were the
configurations 1 and 6. These two configurations stand out because of their significant efficiency
to control the lateral motion and at the same time did not decrease the autonomy of the aircraft
rolling motion and pitching motion (configuration 1).

Between configurations 1 and 6, an increase of the yawing stability coefficient of 38% for
configuration 6 was observed. Nevertheless it involves the use of twice the number of control
surfaces. Therefore, the use of each configuration will depend on the flight condition, precision
and aircraft real environment situations.

The comparison with a Joined-Wing heuristic model resulted in a qualitatively superior yaw
control for the speed-brake configurations instead of the mixed-control configurations. The
speed-brake configuration 1 demonstrated higher qualities in controlling the yaw motion.

Therefore the flight test results showed a strong agreement with the theoretical results.
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The future work can continue using the currently concluded study about the control surfaces
effect and efficiency over the different motions. The next aim should be the sensors integration
and the design of an appropriate control system for the whole aircraft, allowing for the aircraft to
follow any marked object or a determined trajectory, while being commanded from a ground
station. The design of a control allocator can be explored to build an optimal controller, which
can defines the mixing priorities of the control surfaces in order to achieve the optimal
deflections, for each requested aircraft attitude.

The real size SensorCraft is being constructed in this very moment in Instituto Superior Técnico

and it is planned to flight in the next two years.
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Appendix

Appendix A - Angles and ratio definitions

Swept

The wing sweep angle is defined as the angle between the Y-axis and the line that joins the root
and tip at 25% chord. It is defined positive for back swept wings, and negative for forward swept
wings.

Figure A.1 - Sweep angle definition

Dihedral

Dihedral angle is the upward angle from horizontal of the forward and aft wings. For negative
dihedral angles it is called anhedral angle.

Dihedral angle T  Dihedral angle

Figure A.2 - Dihedral angle definition [21]
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Twist

Twist angle is the angle in XZ-plane between the root chord line and the tip chord line. It is
defined positive twist for a wing twisting downwards along the span towards the tip, and

negative for the inverse situation.

Airfoil at root Airfoil at tip
/
8 _

Figure A.3 - Twist angle definition [22]

Taper ratio
Taper ratio is the ratio of the tip chord over the root chord, given by the following expression:
Ctip

A=t (A.1)

CT‘OOt

Appendix B - SensorCraft characteristics and geometric parameters

The principal characteristics and geometric parameters used for the SensorCraft analysis are
described in table B.1.

Parameters Value Unit
m 93 Kg
Ly 61,5 Kg.m?
L, 43,7 Kg.m?
1, 100,8 Kg.m?
Ly 0 Kg.m?
S 1,965 m?

b 5 m

c 0.41 m

A¢ 37 degrees
A, -37 degrees
T¢ 6 degrees
I, -8 degrees
O¢ 9,6 degrees
0, -3,4 degrees
As 0,71 -

Aa 1 -

Table B.1 - SensorCraft characteristics and geometry parameters
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From table B.1, m is the aircraft mass, I, , I, and I,, represent the aircraft moment of inertia
and I, the product of inertia, S is the reference area of both forward and aft wings, b is the
aircraft wingspan and ¢ is the reference chord defined as the forward wing mean chord.

The parameters /s and A\, denote the sweep angle of forward and aft wing respectively, I'; and
I",represent the forward and aft wing dihedral angles respectively. The parameters 6; and 6,
represent the forward and aft wing twist angles respectively, A; and A, are the wing taper ratio of
forward and aft wing respectively.

The position of the center of gravity is defined in the axis system presented in figure 1.1:

Properties Value Unit

CGyx 1,195 m
cgy 0 m
cg, 0,1704 m

Table B.2 - cg position

where cg, is the distance of the cg from the YZ-plane, cg,, is the distance of cg the from the XZ-

plane and cg, is the distance of the cg from the XY-plane.

Appendix C - Longitudinal equations transformation

Consider the equations written below:

u = X,u+ X,w—(gcosyy) 0 + X5 5, (C.2)
W =Zu+Z,w+ (Z, +Uy)q — (gsiny,) 0 + Zs 0, (C.2)
q =Mu+ M,w + Myw + Mgq + M 6, (C.3)
6=gq, (CH

The transformation applied is to substitute the W equation (C.2) into the ¢ equation (C.3), thus

becoming:
qg=Mu+M,w+ MW[Zuu +Z,w+ (Zq +Uy)q — (gsin©,) 6 + 25565] +M,q + M5 8;, (C.5)
and resulting in:
q = (My + MyZ)u + (M, + My Z,)w + (Mg + My, (Zq + Ug)) q — (gMy, sin ©,) 6 (C.6)
+ (Ms, + My, Zs )55 .

To simplify the notation, the tilde notation is used:

M, = (M, + My, Z,), (C.7)
M, = (M, + M;,Z,), (C.8)
M, =M, + M, (Z, +U,)], (C.9)
My = —(g My, sin®,), (C.10)
Ms, = (Ms, + My, Z5,) . (C.11)
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Appendix D - Sideslip velocity into sideslip angle

The transformation of sideslip velocity into sideslip angle only affects the equations (2.67 —
2.69). They are represented by:

v =Y,v + (Y, + Wp)p + (¥, — Up)r + (gcos Oy) ¢ + Y555, (D.1)
p=Lyv+L,p+Lr+Ls6s, (D.2)
7= N,v + Npp + N, + N5 6 . (D.3)

The relation between the sideslip velocity, v, and the sideslip angle, B, is given by:
v="U,sinf. (D.4)
For small angles, the next approximation can be considered:
v=U,B = v=U,8. (D.5)

Substituting these relations into the equations of lateral motion, we have:

Uo B =Y, Uy B+ (Y, + Wo)p + (Y, — Up)T + (gcos ©p) b + Y555, (D.6)
p = LyUo B + Lyp + Ly7 + Ls 85, (D.7)
F = NyUo B + Npp + Nyr + Ny, 6. (D.8)

Simplifying, it is possible to obtain:

5 Yp WO Yr UO g @ Y‘SS

ﬂ_yyﬂ-l_ U_0+U_0 p+ U_O_U_O r+ U—OCOS 0 ¢+U—O6s, (Dg)
p=L,UyB+Lyp+Lr+Ls0s, (D.10)
F = N,Uy B + Npp + N7 + Ny 5, (D.11)

and using the follow relations:

Y, =Y, (D.12)
Lg = L,Uy, (D.13)
Np = N, Uy, (D.14)

we get:

Wy Vrpcosfysina, sina,

= = =t . D.15
Uy Vycosfycosa, cosa % ( )

For small angles,

tana, = a, (D.16)
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the expressions take the form:

g =Y, [>’+<§+a ) +(£—1)r+(§cos® ) ¢+&6

B U, 0)P U, U, 0 Uy 05" (D.17)
p =Lﬁﬁ+Lpp+LTT+L55(SS, (D18)
f'ZNﬁB+Npp+NrT+N5565. (Dlg)

Appendix E - Some AVL data insight calculation

For more precise results, some aerodynamic parameters were calculated for the aircraft airfoils.

These parameters were:

> Lift curve slope of the airfoil dC,/da

The lift curve slope of each airfoil was calculated using a good estimate for C;, from 2D potential

flow theory (accordingly with AVL documentation):
G, =21 Gy, (E.2)

where,

t
Gy = 140.77=, E2)
C

and, E is the ratio between the maximum thickness value and the chord of the airfoil.

» 3 points of the Drag-Polar curve: C, vs C 4

The Drag-Polar curve was determined using the program JavaFoil to find the relation C, vs C, of
each airfoil. From the Drag-Polar curve three points are selected to be used in AVL code
through a parabolic interpolation. These three points are selected as figure E.1 shows coloured

in purple.

& Stn 5 B8 Re = 500000

05

Cd

o A 0,010 0,020 0,030 0,040 0,050 0,060 o7

05 -

Figure E.1 - Drag-Polar points selection from JavaFoil program

=
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Appendix F - Stability coefficients of SensorCraft

The stability coefficients determined with AVL program are presented in figure F.1.

alpha

CLa = 11.055526
C¥a = 0.000028
Cla = 0.000004
Cma = -1.658976
Cna = -0.000021
axial vel. u
CXu -0.066819
C¥u = 0.000005
CZu = -1.861883
Clu = 0.000001
Ca = 0.406555
Cnu = -0.000003

roll rate p

CXp = 0.000025
C¥p = 0.193098
CZip = 0.000009
Clp = -0.987337
Cmp = -0.000010
Cnp = -0.160249
REFlaps= dl
Cxdl = -0.,000200
C¥dl = -0.,00103%9
CZdl = -0,007447
Cldl = -0.,00129%
Cmdl = 0.006666
Cndl = 0.000022

C¥d:s = 0.000145
C¥ds = -0.000350
CZids = -0.005355
Clds = -0.001983
Cmds = -0.007931
Cnds = -0.000025

LEleviutboar dS

C¥ds = -0.000031
C¥ds = -0.000663
CZds = -0.005643
Clds 0.001117
Cmds = -0.012766
Cnds = 0.000124

beta
CLb = -0.000004
C¥b = -0.510408
Clb = -0.3056395
Cmkb = 0.000002
Cnb = 0.013697

gideslip vel. W

C¥v = 0.000009
Civ = -0.510408
Ciwv = 0.000005
Clv = -0.303330
Cmov = 0.000002
Cov = 0.002691

pitch rate o

Cg = -0.317727
C¥g = 0.000021
CZg = -26.183298
Clg = 0.000004
Cmy = -T78.802109
Cng = -0.00001&
LFlap= dz
Cxdeg = -0,000200
Cyde 0,001039
CZdeg = -0.,007447
Cldz = 0,00129%9
Cmdz = 0,.006666
Cnd2 = -0,000022

CXde = 0.000145
C¥de = 0.000350
CZde = -0.005355
Clde 0.001983
Cmde = -0.007931
Cnde = 0.000025
LElevInboard d10
Cxdlo = 0,.000066
C¥dl0 = -0.000558
CZd10 = -0.005761
Cldlo = 0.000483
Cmdl0 = -0.015248
Cndl0 = 0,000165

normal wel. w
C¥wr 1.010724
Ciw = 0.000028
CZw = -11.148037
Clw = 0.000007
Crwr = -1.64541&
Cnw = -0.000020

yvaw rate r

CXr = -0.000006
C¥r 0.208087
Cir = -0.000002
Clr 0.205852
Cnr = -0.000001
Cnr = -0.033343

EAjilerInboar d3

Cxd3s = 0.000011
Cid3 = -0.00070%3
Cid3 = -0.004634
Cld3 = -0.001233
Cmd3 = -0.001703
Cnd3 = 0.000031

RElevInboard d7

Cxd7 = 0.0000886
cY¥d7 = 0.000558
Cid7 = -0.00576l
C1d7 = -0.000483
Cmd7 = -0.01%9248
Cnd7 = -0.000165

Figure F.1 - AVL stability coefficients results
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LajilerInboar d4

C¥d4 = 0.000011
Cid4 = 0.000703
Cid4 = -0.004634
Cld4 = 0.001293
Cmd4 = -0.00170%
Cnd4 = -0.000031

REleviutboar d8

Cxdg = -0.000031
Cc¥ds 0.000663
Cidg = -0.005643
Cldg = -0.001117
Cmdg = -0.012766
Cndg = -0.000124



Appendix G - Results of MATLAB® dynamic stability

>» [freq_lon, damp lon, poles_lon] = damp (A_lon)
freg lon =

0.49762405946807
0.49762405946807
5.41353087730200
S5.41358087730200

damp lon =
-0.02263557731114
-0.0Z26/3557731114

0.7832 1640094506
0.7832 1640094506

poles lon =

0.01126550074215 + 0.497496525670791
0.01126550074215 - 0.497496525670791
-4.24000533096713 + 3.536585859558649:2731

-4.24000533096713 - 3.365858555649:2731

Figure G.1 - Longitudinal natural frequency, damping ratio and eigenvalues

*» [freq lat, dawp lat, poles lat] = damp il lat)
freq lat =

o
0.00954316196519
1.925860:29919289
1.925868929919259
6.3445523 7811642

damp_lat =

—-1l.00000000000000
1.00000000000000
0.0469566353475028
0.0465956634730238
1.00000000000000

poles_lat =

u]
-0.0059594316196819
-0.09043234131676 + 1.9237445925515001
-0.09043234131676 — 1.9Z2374459258515001
-6.34455237611642

Figure G.2 - Lateral natural frequency, damping ratio and eigenvalues
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Appendix H - Stability coefficient ¢, estimation

Using reference [16] the following formula was applied:

_ _ (de (H.1)
Cmd = —ZCLahﬂth(xach - xcg)%’

where:

. CLah is the horizontal tail lift curve slope
e 7, is dynamic pressure ratio between the horizontal tail and the free stream dynamic

pressures: n, =

Q| |:.'

e ¥, is the horizontal tail volume coefficient
* X4, and x., are geometric distances in the aircraft between wing and horizontal tail,
and between wing and center of gravity respectively

. Z—Z is the downwash gradient at the horizontal tail

These properties were obtained using other estimating formulas and graphics resources
following the indications in reference [16].
The values achieved in each property are shown in the table H.1.

Properties C; [1/rad] Vi (Xae, —Xeg) de/da
Value 4,01 0,96 0,63 2,05 0,24
Table H.1 - Estimated values

Appendix I - Longitudinal and Lateral Modes
The representative pictures of each longitudinal and lateral mode are shown below.

Short period mode
The development of a stable short period mode is presented below in figure I.1.

Maose up pitch disturbance Damped oscillation in pitch
Steady velocity U
=10
Figure L1 - Stable short period mode [19]

T
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Phugoid mode
The figure 1.2 represents a stable oscillation of the phugoid mode.

L<mg

%_%3_._%'_3@@

U=U, :};‘

L=m
¢ L=mg
Lr . L'r[)

Figure 1.2 - Stable phugoid mode [19]

Spiral mode
The spiral mode development for a sideslip disturbance is presented in following figure:

Fin . Sideslip Steadily increasing roll angle
lift force | disturbance
v

-

Yawing moment |«

due to fin lift Uy

(c)

(a) (b)

Figure 1.3 - Spiral mode [19]
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Dutch roll mode

Representative process of the dutch roll mode and its explanation is given in the figure 1.4.

(a)
¢4
(b) s !5"'[:3_ —rDc:-
A (d)
©

Path traced by starboard wing tip
In one dutch roll cyele

(a) Starboard wing yaws aft with wing
tip high

(b) Starboard wing reaches maximum
aft vaw angle as aircraft rolls through
wings level in positive sense

(c) Starboard wing yaws forward with
wing tip low

(d) Starboard wing reaches maximum
forward yaw angle as aircraft rolls
through wings level in negative sense

Oscillatory cycle then repeats
decaying|to zero with positive
damping

Figure 1.4 - Dutch roll mode explanation [19]
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Roll mode
The figure 1.5 represents the explanation of the roll mode and the appearance of its restoring

rolling moment.

Restoring rolling moment

Disturbing rolling moment

Roll
——— rate
Uy RN A
- = wl\a;\‘;
L"D
Port wing Starboard wing
Reduction in incidence Increase in incidence

Figure L5 - Roll mode [19]
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Appendix | - Flying qualities

J1 Aircraft Classification

The aircraft is considered to belong to one of the four classes shown in table J.1 according with
reference [12].

Class Aircraft characteristics

I Small, light aircraft (max.weight = 5.000 Kg)

11 Aircraft of medium weight (weight between 5000 and 30.000 Kg)
111 Large, heavy aircraft with moderate maneuverability (30.000 + Kg)
IV Aircraft with high maneuverability

Table J.1 - Aircraft classification

The mission of an aircraft is characterized in three phases of flight as shown in table J.2
according with the reference [12].

Phase Description

A Non — terminal phase of flight such as those involving rapid maneuvering
and precise control of the flight path

B Non — terminal phase of flight accomplished by gradual maneuvers which
do not require precise tracking or control of the flight path

C Terminal flight phase, accomplished by gradual maneuvers, but requiring

accurate flight path control

Table J.2 - Aircraft flight phases

The capability of an aircraft to complete the mission for which was designated will be
characterized in three distinct levels. Each level is a limiting condition for the flight quality
evaluation parameters.

The levels are described in table J.3 according with reference [12].

Level Definition

1 The flying qualities are completely adequate for the particular flight phase

2 The flying qualities are adequate for the particular phase, but there is either
some loss in the ef fectiveness of mission,or an increase of workload upon
the pilot to achieve the mission, or both

3 The flying qualities are such that the aircraft can be controlled, but either
the ef fectiveness of the mission is gravely af fected or the workload imposed
upon the pilot to accomplish the mission is so great that it can approaches the
limit of his capacity

Table ].3 - Aircraft quality flight levels
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J.2  Longitudinal flying qualities

Short period response

The longitudinal short period mode flying quality levels are defined by limit conditions for the

short period damping ratio ¢, . The values of the damping ratio specifications are presented in

table J.4.
Flight phase Level 1 Level 2 Level 3
catergory Min. Max. Min. Max. Min. Max.
A 035 1,3 0,25 2 0,1 -
B 0,3 2 0,2 2 0,1 -
C 035 1,3 0,35 2 0,25 -
Table J.4 - Short period mode damping ratio specification
Phugoid response

The phugoid mode flying quality levels are characterized by imposing limits in the phugoid

damping ratio ¢,, as well as in the period P, for the undamped oscillatory mode. These

specifications are presented in table J.5.

Level $oh
1 = 0,04
2 >0,0

3 Period of at least 55 s

Table ].5 - Phugoid mode flying qualities

If the real part of the eigenvalue is positive, > 0 , the resultant undamped oscillatory mode is

analyzed using a minimum required value for the phugoid period and it is defined as:

= 2—” J.2)

wn
Besides the requisites in the damping ratio for both short period and phugoid, good flying
qualities are only achieved if the aircraft has a good separation of the longitudinal modes
frequency. Therefore, short period frequency and phugoid frequency must be widely separated
in order to accomplish good longitudinal qualities as shown below:

w
PR <01,
o (3.2)

J.3  Lateral flying qualities

Spiral
The spiral mode flying quality levels are defined using the time for the bank angle to double
after a disturbance for unstable eigenvalues (positive value). Therefore if the spiral eigenvalue

is negative the spiral mode is automatically assumed to be level 1 quality.
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The time to double T, of spiral is determined using the eigenvalue as shown in equation (J.3).

The table J.6 shows the specifications for the spiral mode quality levels.

In (2)

T, = . (J-3)
o
Flight phase T,
category Level 1 Level2 Level3
Aand C >12s >8s 25s
B >20s >8s >5s

Table J.6 - Spiral mode levels specification

Dutch roll
The dutch roll parameters which will define the flying quality levels are the damping ratio, &, ,
and the dutch roll frequency, w, . The specifications for dutch roll parameters are shown in

table J.7 representing the minimum values allowed for each level.

Flight phase Class Level 1 Level 2 Level 3

category Sp $pwp wp &y wp wp &y {pwp  wp
A LIV 0,19 0,35 1 002 005 05 O - 0,4
A 11,111 0,19 o035 05 002 005 05 O - 0,4
B All 008 015 05 002 005 05 O - 0,4
c LIV 0,08 0,15 1 002 005 05 O - 0,4
C 11,111 0,08 0,1 05 002 005 05 O - 0,4

Table J.7 - Dutch roll mode levels specification

Roll
The specification that characterizes the roll mode flying quality levels is given by the time
constant Ty , and it is required to be less than the specific maximum values shown in table J.8.

The time constant of the roll mode is defined as equation (J.4).

Tx ol J.4)

Flight phase Class Ty

category Level1 Level2 Level3

A 1,1V 1,0s 1,4s 10s

A 11,111 1,4s 3,0s 10s

B All 1,4s 3,0s 10s

c LIV 1,0s 1,4s 10s

c 11,111 1,4s 3,0s 10s

Table ]J.8 - Roll mode time constant specification
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Appendix K - MATLAB® code

% %
% Stability and Control %
% %

% Constants %

deg = pi/180; % Convert to [rad] units %

rad = 180/pi; % Unit convert in order to pass [1/degrees] to [1/rad] %
aa0 = 4.5; % angle in degrees %

gg0 = 0; % reference gama angle %

tt0 = gg0+aa0; % reference angle gama plus reference angle of attack equals reference teta angle %
u0 = 25.9*cos(aa0*deg); % [m/s] %

v0=0; % [m/s] %

wO = u0*sin(aa0*deg); % [m/s] %

g=9.814; % [m/s"2] %

ro = 1.225; % demsity of the atmosphere [Kg/m"3] %
Ixx =61.5; % [Kg.m"2] %

lyy =43.7; % [Kg.m"2] %

Izz =100.8; % [Kg.m"2] %

Ixz =0; % [Kg.m"2] %

h =100; % [m] %

Ip = Ixz/Ixx;

Ir = Ixz/lzz;

S =1.965; % Wing Surface [m"2] %

b =5; % Wing Span [m] %

c=0.41; % Wing Chord [m] %

m = 93; % Mass [Kg] %

cg_x =1.195; % Gravity center xx %

cg_y =0; % Gravity center yy %

cg_z=0.1704; % Gravity center zz %

% %
% Longitudinal Motion %
% %

% Non-Dimensional Stability Derivatives %

CXu =-0.066819;

CXw =1.010724;

CXaa = CXw/u0;

CXq =-0.317727;

CZu =-1.861883;

CZw =-11.148037;

CZwp =0;

CZq =-26.183298;

CZaap =0;

Cmu = 0.406555;

Cmaa =-1.658976;

Cmq =-78.802109;

Cmwp =0;

Cmaap =-2.4;

% mutiplied by 'rad' constant in order to get the conventional units [1/rad] %
CXde = 2*(0.000066)*rad; % Inboard Elevator %

CZde = 2*(-0.005761)*rad;

Cmde = 2*(-0.019248)*rad;

% CXde = 2*(0.000066-0.000031)*rad; % Inboard Elevator + Outboard Elevator %
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% CZde = 2*(-0.005761-0.005643)*rad;

% Cmde = 2*(-0.019248-0.012766)*rad;

% CXde = 2*(-0.000031)*rad; % Outboard Elevator %
% CZde = 2*(-0.005643)*rad;

% Cmde = 2*(-0.012766)*rad;

% CXde = 2*(-0.000200)*rad; % Flaps %

% CZde = 2*(-0.007447)*rad;

% Cmde = 2*(0.006666)*rad;

% Dimensional Stability Derivatives calculations %
Xu = CXu*ro*S*u0/(2*m);

Xw = CXaa*ro*S*u0/(2*m);

Xqg = CXg*ro*S*u0*c/(4*m);

Zu = CZu*ro*S*u0/(2*m);

Zw = CZw*ro*S*u0/(2*m);

Zwp = CZaap*ro*S*u0*c/(4*m); % despresavel %
Zq = CZg*ro*S*u0*c/(4*m);

Mu = Cmu*ro*S*u0*c/(2*lyy);

Mw = Cmaa*ro*S*u0*c/(2*lyy);

Mg = Cmg*ro*S*u0*(c”2)/(4*lyy);

Mwp = Cmaap*ro*S*(c”2)/(4*lyy);

% Elevator %

Xde = -CXde*ro*S*(u0”2)/(2*m);

Zde = -CZde*ro*S*(u0/2)/(2*m);

Mde = Cmde*ro*S*(u0”2)*c/(2*lyy);

% %
% Longitudinal Stability %
% %

% State coefficient matrix %
A_lon=[Xu Xw 0 -g*cos(ttO*deg) ; Zu Zw u0+Zq -g*sin(tt0O*deg) ;
Mu+Mwp*Zu Mw+Mwp*Zw Mag+Mwp*u0 -Mwp*g*sin(ttO*deg) ; 0 0 1 0 J;
% Driving matrix %
B_lon = [ Xde; Zde; Mde+Mwp*Zde ; 0];
Clon=[1000;0100;0010;0001];
D lon=[0;0;0;0];
[freq_lon, damp_lon, poles_lon] =damp(A_lon); % Frequency, damping and poles position of A_lon %
% -- Root Locus -- %
[num1,den1] = ss2tf(A_lon,B_lon,[0 0 1 1],[0],1); % realimentacdo da velocidade vs de %
bode(num1,denl);
rlocus(-num1,denil);
rlocfind(num1,den1)
% K_lon =[00-0.2-0.2]; %to inboard + outboard elevators
K_lon =[00-0.35-0.35]; %to inboard elevators only
A_lonK = A_lon-B_lon*K_lon;
[freq_lonK, damp_lonK, poles_lonK] = damp(A_lonK);

Yo--mmmmmmmmmmm e %
% Lateral Motion %
Yo--mmmmmmmmmmm e %

% Non-Dimensional Stability Derivatives %
CYbb =-0.510408;

Clbb =-0.305695;

Cnbb =0.013697;

CYp =0.193098;

Clp =-0.987337;

Cnp =-0.160249;
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CYr =0.208067;

Clr=0.205652;

Cnr=-0.033343;

% Mixed-control rudder equivalent surfaces %
% CYdal =-0.144; % Configuration 1 %

% Cldal =0;

% Cndal = 0.021;

% CYdal =-0.097; % Configuration 2 %

% Cldal =0;

% Cndal = 0.019;

% CYdal =-0.093; % Configuration 3 %

% Cldal =0;

% Cndal = 0.022;

% CYdal =-0.192; % Configuration 4 %

% Cldal =0;

% Cndal = 0.034;

% CYdal =-0.171; % Configuration 5 %

% Cldal =0;

% Cndal = 0.04;

% CYdal =-0.246; % Configuration 6 %

% Cldal =0;

% Cndal =0.041;

% CYdal =-0.133; % Configuration 7 %

% Cldal = 0;

% Cndal = 0.045;

% Speed-brake control rudder equivalent surfaces %
CYdal =-0.072; % Configuration 1 % max 20
Cldal=0;

Cndal = 0.055;

% CYdal =-0.049; % Configuration 2 % max 20
% Cldal =0;

% Cndal = 0.053;

% CYdal = -0.046; % Configuration 3 % max 15
% Cldal =0;

% Cndal = 0.035;

% CYdal =-0.096; % Configuration 4 % max 20
% Cldal =0;

% Cndal = 0.0725;

% CYdal =-0.085; % Configuration 5 % max 20
% Cldal =0;

% Cndal = 0.087;

% CYdal =-0.123; % Configuration 6 % max 20
% Cldal =0;

% Cndal = 0.089;

% CYdal =-0.067; % Configuration 7 % max 20
% Cldal =0;

% Cndal = 0.115;

% Dimensional Stability Derivatives %

% Lateral - Aircraft %

Ybb = CYbb*ro*S*u0/(2*m);

Lbb = Clbb*ro*S*(u0”2)*b/(2*Ixx);

Nbb = Cnbb*ro*S*(u0”2)*b/(2*Izz);

Yp = CYp*ro*S*u0*b/(4*m);

Lp = Clp*ro*S*u0*(b”2)/(4*Ixx);

Np = Cnp*ro*S*u0*(b”2)/(4*1zz);
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Yr = CYr*ro*S*u0*b/(4*m);

Lr = Clr*ro*S*u0*(b”2)/(4*Ixx);

Nr = Cnr*ro*S*u0*(b"2)/(4*1zz);

% Control Surface 1 %

Ydal = CYdal*ro*S*(u0”2)/(2*m);
Ldal = Cldal*ro*S*(u0”2)*b/(2*Ixx);
Ndal = Cndal*ro*S*(u0”2)*b/(2*1zz);
% Control Surface 2 %

Yda2 = CYda2*ro*S*(u0”2)/(2*m);
Lda2 = Clda2*ro*S*(u0”2)*b/(2*Ixx);
Nda2 = Cnda2*ro*S*(u0”2)*b/(2*1zz);

Yommmmmmmmmmmm e %
% Lateral Stability %
Ypmmmmmmmmmmmm e %

% State coefficient matrix %
A_lat=[Ybb Yp/uO+aaO*deg Yr/uO-1 g*cos(ttO*deg)/u0 O ; Lbb+Ip*Nbb Lp+lp*Np Lr+lp*Nr O O;
Nbb+Ir*Lbb Np+ir¥Lp Nr+lr*Lr 0 0 ; 0 1 tan(ttO*deg) O 0;0 O 1/cos(ttO*deg) O O J;

% Driving matrix %

B lat=[Ydal/uO Yda2/uO; Ldal+lp*Ndal Lda2+Ip*Nda2 ; Ndal+Ir¥*Ldal Nda2+Ir¥*Lda2;0 0;0 0];

C=[10000;01000;00100;00010;000017;

D=[00;00;00;00;00];

% --Root Locus-- %

[num1,denl] = ss2tf(A_lat,B_lat1,[0 0 1 0 0],[0 0 0 0 0],1); % realimentagdo da razdo de guinada vs dal

bode(num1,denl);

rlocus(numl,denl);

rlocfind(num,den)

A latr = A_lat-B_lat*K;

[freq_latr, damp_latr, poles_latr] = damp(A_latr);

% %

% --- LQR with integrative state of 'fi' and 'psi' --- %

A_lati2 = [ Ybb Yp/uO+aaO*deg Yr/uO-1 g*cos(tt0*deg)/u0 O O O; Lbb+lp*Nbb Lp+lp*Np Lr+lp*Nr 0 0 0 O;
Nbb+Ir*Lbb Np+Ir*Lp Nr+lr*Lr 0 0 0 0;0 1 tan(ttO*deg) 0 0 0 0;0 O 1/cos(ttO*deg) 0 0 0 O;
0001000;0000100;

% Driving matrix %

B_lati2 = [ Ydal/uO Yda2/u0O ; Ldal+lp*Ndal Lda2+Ip*Nda2 ; Ndal+ir¥*Ldal Nda2+Ir*Lda2;0 0;0 0;0 0;0 0];

Qi2 = diag([1000 1 30 10 40 3 5));

Ri2 = diag([10 10]);

Ki2 = Igr(A_lati2,B_lati2,Qi2,Ri2);

damp(A_lati2-B_lati2*Ki2);
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Appendix L - SensorCraft airfoil coordinates data

The airfoil coordinate data of each numbered section defined in figure 3.1, provided by USAF

partners, are presented below:

Section 1

.000000
.962600
.924700
.886500
.848000
.809100
.769900
.730500
.690800
.651000
.611000
.570800
.530600
.490400
.450200
.410000
.369800
.329600
.289400
.249200
.209000
.168900
.129300
.091100
.056400
.025800
.012200
.005200
.000000
.002600
.009500
.025600
.062000
.100200
.139100
.178600
.218400
.258200
.298100
.337900
.377800
.417600
.457400
.497300
.537100
.577000
.616800
.656600
.696500
.736300
.776200
.815900
.855200
.893500
.930600
.966200
.000000

[mNeoleoleoleoleoleoNeolNelNeoNololelele oo No oo oo e o NoloBoBo oo Neo o NoNoNoBol oo oo No oo oo oo NoNoNoNoloBoNeoBNoNol S

[eNeoNeololoNeoleoNoNoNoBolololeoNeoNoNoNoloBooNoloNoNoloho o)

.000000
.014700
.028300
.040800
.052200
.062400
.071500
.079400
.086000
.091300
.095300
.098000
.099200
.099400
.099700
.099900
.100200
.100400
.100600
.100100
.098600
.095400
.088900
.076400
.056300
.030200
.016500
.008800
.000000
.009800
.017500
.027700
.043600
.055100
.063800
.068600
.069700
.070000
.070200
.070500
.070700
.071000
.071300
.071500
.071800
.072000
.072300
.072500
.072800
.073000
.073200
.070800
.064200
.053500
.039000
.021000
.000000

Section 2

.000000
.962600
.924700
.886500
.848000
.809100
.769900
.730500
.690800
.651000
.611000
.570800
.530600
.490400
.450200
.410000
.369800
.329600
.289400
.249200
.209000
.168900
.129300
.091100
.056400
.025800
.012200
.005200
.000000
.002600
.009500
.025600
.062000
.100200
.139100
.178600
.218400
.258200
.298100
.337900
.377800
.417600
.457400
.497300
.537100
.577000
.616800
.656600
.696500
.736300
.776200
.815900
.855200
.893500
.930600
.966200
.000000

s eoleoNeoloNeoloNololNoNoNoNoBoNoloNolNoloNeoRoNoBoloNololoRoNeoloNoNoNoNoNoNeoRoNololoNoloNoNoNoloNolNoloNelolNoNoe oo RNo N )
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.000000
.014700
.028300
.040800
.052200
.062400
.071500
.079400
.086000
.091300
.095300
.098000
.099200
.099400
.099700
.099900
.100200
.100400
.100600
.100100
.098600
.095400
.088900
.076400
.056300
.030200
.016500
.008800
.000000
.009800
.017500
.027700
.043600
.055100
.063800
.068600
.069700
.070000
.070200
.070500
.070700
.071000
.071300
.071500
.071800
.072000
.072300
.072500
.072800
.073000
.073200
.070800
.064200
.053500
.039000
.021000
.000000

.000000
.961500
.922900
.884200
.845500
.806800
.768100
.729300
.690500
.651700
.612900
.574100
.535300
.496500
.457700
.418900
.380000
.341200
.302400
.263500
.224700
.185900
.147100
.108400
.069800
.031700
.014100
.005300
.000000
.006200
.015200
.032800
.070500
.108500
.146800
.185500
.224200
.263100
.302000
.341000
.379900
.418800
.457700
.496600
.535400
.574100
.612800
.651400
.690100
.728700
.767200
.805900
.844600
.883300
.922100
.961100
.000000
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.000000
.005000
.009400
.013100
.016400
.019300
.022000
.024400
.026700
.028800
.030800
.032700
.034400
.035900
.037200
.038200
.038900
.039300
.039300
.038800
.037800
.036200
.033900
.030700
.026100
.018800
.013000
.008100
.000000
.007500
.011900
.018100
.028100
.036400
.043100
.048100
.051700
.054100
.055600
.056000
.055600
.054400
.052300
.049600
.046200
.042300
.038000
.033300
.028300
.023100
.017900
.012900
.008500
.004700
.001900
.000300
.000000

Section 4

.000000 0.000000
.961600 0.006700
.923100 0.012600
.884400 0.017700
.845700 0.022000
.806900 0.025700
.768100 0.028900
.729200 0.031800
.690300 0.034600
.651400 0.037100
.612500 0.039400
.573600 0.041300
.534600 0.043000
.495700 0.044400
.456700 0.045400
.417800 0.046200
.378800 0.046600
.339800 0.046600
.300800 0.046200
.261900 0.045200
.222900 0.043700
.184000 0.041400
.145200 0.038400
.106400 0.034400
.067800 0.029000
.029700 0.021100
.012000 0.015000
.003800 0.009200

.000000 0.000000
.005000 -0.008300
.014100 -0.012500
.032200 -0.017000
.070400 -0.023600
.109000 -0.027500
.147700 -0.028800
.186500 -0.028400
.225300 -0.027400
.264100 -0.026300
.302900 -0.025200
.341600 -0.023900
.380400 -0.022500
.419200 -0.020900
.457900 -0.019100
.496600 -0.017000
.535400 -0.014800
.574100 -0.012300
.612800 -0.009700
.651500 -0.006700
.690100 -0.003500
.728800 -0.000100
.767400 0.002800

[meoleoleoleoleolelelelNeololololololeoleoloNoBolololeoloNololoBololoNeoloNololoBoloho oo o NoloNolohohoNoNoNololhoBo oo Nol S

.806200 0.004800
.845000 0.005500
.883800 0.005200
.922500 0.004000
.961300 0.001900
.000000 0.000000



Section 5 Section 6 Section 7 Section 8

.000000 0.000000 .000000 0.000000 .000000 0.000000 .000000 0.000000
.961600 0.007200 .961700 0.007700 .961700 0.008200 .961600 0.007700
.923100 0.013500 .923200 0.014400 .923200 0.015300 .923100 0.014300
.884500 0.019100 .884500 0.020500 .884600 0.021800 .884400 0.020300
.845800 0.024000 .845900 0.026000 .845900 0.028000 .845700 0.025900
.807000 0.028300 .807100 0.031000 .807200 0.033600 .806900 0.031000
.768200 0.032200 .768300 0.035400 .768400 0.038700 .768000 0.035600
.729300 0.035600 .729400 0.039400 .729500 0.043200 .729100 0.039800
.690400 0.038800 .690400 0.043000 .690500 0.047200 .690200 0.043600
.651500 0.041700 .651500 0.046300 .651500 0.050900 .651200 0.046900
.612500 0.044200 .612500 0.049100 .612500 0.053900 .612100 0.049800
.573500 0.046400 .573500 0.051400 .573400 0.056500 .573100 0.052100
.534500 0.048100 .534400 0.053300 .534300 0.058400 .534000 0.054000
.495500 0.049500 .495300 0.054600 .495200 0.059700 .494900 0.055500
.456500 0.050400 .456300 0.055400 .456000 0.060400 .455700 0.056500
.417500 0.050900 .417200 0.055700 .416900 0.060400 .416600 0.057100
.378400 0.051000 .378100 0.055400 .377700 0.059800 .377500 0.057200
.339400 0.050600 .339000 0.054500 .338600 0.058500 .338400 0.056900
.300400 0.049700 .299900 0.053200 .299500 0.056800 .299300 0.056000
.261400 0.048300 .260900 0.051400 .260400 0.054600 .260200 0.054700
.222400 0.046400 .221900 0.049100 .221300 0.051800 .221100 0.052700
.183400 0.043800 .182900 0.046200 .182300 0.048600 .182000 0.050000
.144600 0.040500 .143900 0.042600 .143300 0.044600 .143100 0.046400
.105800 0.036200 .105100 0.038000 .104500 0.039800 .104300 0.041400
.067200 0.030500 .066500 0.031900 .065900 0.033400 .065700 0.034500
.029100 0.022000 .028500 0.022900 .027900 0.023800 .028000 0.024300
.011600 0.015400 .011200 0.015900 .010700 0.016300 .011100 0.016200
.003600 0.009300 .003500 0.009400 .003300 0.009500 .003800 0.009300

.000000 0.000000
.004400 -0.008700
.013200 -0.013500
.031100 -0.018500
.069300 -0.025300
.108000 -0.029000
.146800 -0.030200
.185700 -0.029600
.224500 -0.028100
.263300 -0.026300
.302100 -0.024500
.340900 -0.022600
.379700 -0.020600
.418500 -0.018400
.457200 -0.016100
.496000 -0.013700
.534800 -0.011100
.573500 -0.008500
.612300 -0.005700

.000000 0.000000
.003900 -0.009000
.012200 -0.014500
.030000 -0.020000
.068300 -0.027000
.107000 -0.030600
.145900 -0.031600
.184800 -0.030700
.223700 -0.028800
.262500 -0.026400
.301300 -0.023900
.340100 -0.021200
.379000 -0.018600
.417800 -0.015900
.456600 -0.013100
.495400 -0.010300
.534200 -0.007500
.573000 -0.004600
.611800 -0.001700

.000000 0.000000
.003400 -0.009400
.011200 -0.015600
.028900 -0.021600
.067200 -0.028800
.106000 -0.032200
.145000 -0.033000
.183900 -0.031800
.222900 -0.029500
.261700 -0.026500
.300600 -0.023200
.339400 -0.019900
.378200 -0.016600
.417100 -0.013400
.455900 -0.010200
.494800 -0.007000
.533600 -0.003900
.572500 -0.000800
.611300 0.002300

.000000 0.000000
.003700 -0.009200
.011700 -0.015300
.029300 -0.021400
.067500 -0.028800
.106300 -0.032600
.145200 -0.033900
.184100 -0.033200
.223000 -0.031300
.261900 -0.028800
.300700 -0.026000
.339500 -0.023100
.378400 -0.020200
.417200 -0.017300
.456000 -0.014500
.494900 -0.011700
.533700 -0.008900
.572500 -0.006100
.611400 -0.003300
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.651000 -0.002700 .650600 0.001300 .650200 0.005300 .650200 -0.000400
.689800 0.000500 .689400 0.004400 .689000 0.008400 .689100 0.002600
.728500 0.003700 .728200 0.007500 . 727900 0.011300 .727900 0.005500
.767200 0.006400 .767000 0.009900 .766800 0.013400 .766800 0.007800
.806100 0.008000 .805900 0.011100 .805800 0.014300 .805700 0.009100
.844900 0.008300 .844800 0.011000 .844800 0.013700 .844600 0.009100
.883700 0.007400 .883700 0.009600 .883700 0.011800 .883500 0.008200
.922500 0.005600 .922500 0.007200 .922600 0.008900 .922400 0.006300
.961300 0.002800 .961300 0.003800 .961300 0.004700 .961200 0.003400
.000000 0.000000 .000000 0.000000 .000000 0.000000 .000000 0.000000
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Section 9 Section 10 Section 11

.000000 0.000000 .000000 0.000000 .000000 0.000000
.961600 0.007300 .961600 0.003700 .961300 0.007300
.922900 0.013400 .922900 0.006700 .923200 0.017100
.884200 0.018800 .884200 0.009400 .885200 0.027200
.845400 0.023800 .845400 0.011900 .846900 0.036700
.806600 0.028400 .806600 0.014200 .808500 0.044900
.767700 0.032600 .767700 0.016300 .770000 0.053300
.728700 0.036400 .728700 0.018200 .731200 0.059900
.689800 0.039900 .689800 0.019900 .692200 0.065600
.650800 0.043000 .650800 0.021500 .653100 0.070000
.611800 0.045600 .611800 0.022800 .613900 0.073600
.572700 0.047800 .572700 0.023900 .574600 0.076300
.533600 0.049700 .533600 0.024800 .535300 0.078000
.494600 0.051200 .494600 0.025600 .495900 0.078400
.455500 0.052600 .455500 0.026300 .456600 0.078500
.416400 0.053800 .416400 0.026900 .417200 0.078000
.377300 0.054700 .377300 0.027400 .377900 0.076700
.338200 0.055300 .338200 0.027600 .338600 0.074600
.299000 0.055300 .299000 0.027700 .299300 0.072100
.259900 0.054800 .259900 0.027400 .260100 0.068400
.220800 0.053500 .220800 0.026800 .221000 0.064000
.181800 0.051400 .181800 0.025700 .182000 0.058600
.142800 0.048100 .142800 0.024000 .143100 0.052300
.104000 0.043000 .104000 0.021500 .104400 0.045100
.065600 0.035700 .065600 0.017900 .066100 0.036200
.028100 0.024800 .028100 0.012400 .028600 0.024100
.011500 0.016100 .011500 0.008100 .011700 0.015700
.004200 0.009100 .004200 0.004500 .003800 0.009200

.000000 0.000000
.004000 -0.009100
.012100 -0.015000
.029700 -0.021200
.067800 -0.028800
.106500 -0.033000
.145300 -0.034700
.184300 -0.034500
.223100 -0.033200
.262000 -0.031200
.300800 -0.028800
.339700 -0.026300
.378500 -0.023800
.417300 -0.021300
.456100 -0.018800
.495000 -0.016400
.533800 -0.013900
.572600 -0.011400
.611400 -0.008800
.650300 -0.006100
.689100 -0.003200
.727900 -0.000400
.766700 0.002100

.000000 0.000000
.004000 -0.004500
.012100 -0.007500
.029700 -0.010600
.067800 -0.014400
.106500 -0.016500
.145300 -0.017400
.184300 -0.017300
.223100 -0.016600
.262000 -0.015600
.300800 -0.014400
.339700 -0.013100
.378500 -0.011900
.417300 -0.010600
.456100 -0.009400
.495000 -0.008200
.533800 -0.007000
.572600 -0.005700
.611400 -0.004400
.650300 -0.003000
.689100 -0.001600
.727900 -0.000200
.766700 0.001100

.000000 0.000000
.003500 -0.009300
.011500 -0.015500
.028900 -0.022600
.066900 -0.031600
.105500 -0.037900
.144400 -0.042800
.183300 -0.046800
.222300 -0.050100
.261300 -0.052900
.300400 -0.055100
.339500 -0.056800
.378600 -0.058100
.417800 -0.059000
.456900 -0.059500
.496000 -0.059500
.535200 -0.059000
.574300 -0.058100
.613400 -0.056500
.652400 -0.054200
.691500 -0.051100
.730300 -0.046600
.769000 -0.040400
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.805600 0.003800 .805600 0.001900 .807400 -0.033100
.844500 0.004600 .844500 0.002300 .845800 -0.025300
.883400 0.004600 .883400 0.002300 .884100 -0.017200
.922300 0.003800 .922300 0.001900 .922400 -0.009300
.961200 0.002100 .961200 0.001100 .961000 -0.002700
.000000 0.000000 .000000 0.000000 .000000 0.000000
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