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Abstract

The Attitude Determination and Control System (ADCS) in CubeSats is inherently challenging due to strict
constraints on mass, volume, power, and cost. The goal of this article is to present the results and conclusions
for a realistic Model-in-Loop ADCS design capable of achieving the mission requirements of the 2U ORCASat
- detumble the spacecraft, guarantee a maximum 2◦ attitude knowledge error and 10◦ nadir pointing error
for nominal mode, during the eclipsed and sunlit phases of the orbit. The selected ADCS control consists
of an active magnetorquer controller, and a wheel to provide a momentum bias along the pitch axis of the
spacecraft. The ADCS determination sensor suite consists of Sun sensors, magnetometers, and gyroscopes. A
Multiplicative Extended Kalman filter, originally developed for the ECOSat-III CubeSat, is adapted here to
the new ADCS design and simulated for evaluation and verification of the proposed architecture. For attitude
control, a modified B-dot control law using magnetorquers is implemented, and simulations to accomplish the
required detumble maneuver are made. A modified Eigenaxis Rotation Control is implemented for nominal
pointing control. The system performance and robustness, in the presence of the most significant perturbative
torques and forces present in LEO, is evaluated by varying design parameters that have a significant impact
on the ADCS. Results demonstrate that the proposed ADCS is capable of fulfilling all three specified mission
requirements.
Keywords: ADCS, CubeSat, Momentum Bias, Magnetorquer, Eigenaxis Control

1. Introduction

From its inception in 1999, CubeSats have provided a
standard design for nanosatellites and microsatellites
that reduced cost and development times, increased
accessibility to space [16]. The standard, based on a
form factor of a 10×10×10 cm cube, typically weighs
less than 1.33 kg per unit. CubeSats are be composed
of a combination of cubes such as 1U, 2U, 3U, 6U or
12U CubeSats. Recently, they have become a widely
available commercial option, as they allow for the de-
velopment of standardized payload formats that are
easily integrated into CubeSat buses [16].

ORCASat, or Optical Reference Calibration Satel-
lite, is a 2U CubeSat being developed through a com-
bined effort of three British Columbia universities.
This project is part of the Canadian CubeSat Project
of the Canadian Space Agency, and counts with the
support from other academic institutions and industry
collaborators. ORCASat is scheduled for launch to the
International Space Station (ISS) in the final quarter
of 2021, which will allow ORCASat to have an opera-
tion life of approximately one year [21]. This work was
developed within the ORCASat Project framework, at
the Center for Aerospace Research of the University
of Victoria.

This article presents the results and conclusions of
the design of a fully conceptualized ADCS for the OR-

CASat and evaluates its effectiveness. The three re-
quirements set out by the ORCASat mission are: I
- ability to detumble the spacecraft; II - guarantee
a maximum 2◦ attitude knowledge error for nominal
mode, during both sections of the orbit - eclipsed and
sunlit; III - guarantee a maximum 10◦ nadir pointing
error for nominal mode, during both sections of the
orbit - eclipsed and sunlit.

2. Background
2.1. Attitude Kinematics

The formulation of spacecraft attitude dynamics and
control problems involves considerations of the kine-
matics of a rigid body. In kinematics, the primary
purpose is to describe the orientation or attitude of a
body in rotational motion [29], but does not consider
the forces that are associated with the motion of a
rigid body [28].

The spacecraft body frame B, has its base vectors
fixed on the body. The rotational kinematic equations
are specified by the time dependent relationship be-
tween the B frame and another reference frame, which
in this article is the ECI frame I. This assumption is
carried to the dynamic equations of motion. Denoting
ω as the angular velocity vector of the B with respect
to the I, the kinematic differential equation for the
DCM CII , known as the spacecraft attitude matrix,
which maps the rotation from the I frame to the B
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frame, is given by

ĊBI (t) = −
[
ωB(t)×

]
CBI (t) (1)

where ĊBI is the time derivative of CBI , ωB =
[ω1ω2ω3]T is the representation of the angular rate ω
in the B frame, and [ω×] is the skew-symmetric matrix
of ω, given by

[ω×] =

 0 −ω3 ω2

ω3 0 −ω1

−ω3 ω1 0

 (2)

Eq. (1) is the fundamental equation of attitude
kinematics [15, 22]. This relation can be written in
terms of the attitude quaternion which, like the atti-
tude matrix, represents the rotation from the I frame
to the B frame [15]. The quaternion parameteriza-
tion of the fundamental attitude kinematic equation
is then given by

q̇BI (t) =
1

2

[
ωB(t)

0

]
⊗ qBI (t) (3)

Which can be used to derive

q̇BI (t) =
1

2
Ω(ω(t))qBI (t) =

1

2
Ξ(qBI (t))ω(t) (4)

with

Ω(ω) ≡
[
−[ω×] −ω
−ωT 0

]
(5)

and Ξ(qBI ) given in Eq. (13). These kinematic
equations are linear, which makes the quaternions the
parameterization of choice for ADCS. In this article
the attitude quaternion has the following equivalence
qBI ≡ q.

2.2. Attitude Dynamics

Attitude dynamics refers to dynamic equations of the
rotational motion of a rigid spacecraft subjected to
moments, or torques.

As the inertia matrix is constant in the body frame,
the angular momentum equation is usually solved for
it. Therefore, Euler’s second law of motion for a ro-
tating frame of reference states that

ḣB + [ωB×]hB = τ (6)

where h is the spacecraft angular momentum about
its center of mass, ḣB is the time derivative of h eval-
uated in the body frame of reference, and τ is the
torque vector acting on the spacecraft. The angular
momentum h in the spacecraft body frame B can be
given by

hB = JB · ωB (7)

where JB is the matrix of inertia of the spacecraft
about its center of mass expressed in the B frame.
Substituting Eq. (6) into Eq. (7) yields

J̇Bω̇B = −[ωB×]JBωB + τB (8)

were ω̇B is the time derivative of the representation
of ωB. The inclusion of a momentum wheel means that
the total angular momentum of the system is given by

hB = JB · ωB + hw
B (9)

where hw
B is the angular momentum of the wheel

represented in the B frame. Using the process followed
in [22], the dynamic equation of motion of the system
comprising the spacecraft and the wheel is given by

J̇Bω̇B = −[ωB×](JBωB + hw
B )− ḣw

B + τB (10)

Denoting the wheel torque by τwB ≡ ḣw
B , and sep-

arating the external torque into its components, the
dynamic equation of motion of the system becomes

J̇Bω̇B = −[ωB×](JBωB + hw
B )− τwB + gp

B + uB (11)

where gp
B is the total perturbative torque expressed

in the B frame, and uB is the control torque provided
by the actuators expressed in the B frame.

3. ORCASat ADCS Architecture

ORCASat uses momentum bias stabilization. This
method consists of a high spinning wheel with its spin
axis aligned with the pitch axis. The wheel is run at
constant high speed to provide gyroscopic stiffness to
the spacecraft. With this sort of system the space-
craft can control attitude around the pitch axis with
magnetorquers, which can also be used to detumble
the spacecraft after deployment [27, 4].

3.1. ORCASat ADCS Hardware

The selection of the reference components stems from
the trade-off analysis made in [7], and intends to create
a reliable system that attempts cost savings, while
keeping the subsystem within mission parameters.

3.1.1 Determination Components
Sun sensors are expensive but the development of
in-house components is unfeasible due to the re-
quired high fidelity. The selected sun sensors are the
SS200 from Hyperion Technologies. Four orthogonally
placed sensors are required to maintain full sensor visi-
bility in nominal nadir pointing, as shown in [11]. For
the ADCS simulator a full sensor coverage approxi-
mation is made. The modeled characteristics of the
component are in Table 1.

Table 1: Sun sensor model specifications [12].

Sun Sensor - SS200
Field-of-view [deg] 110
Nominal accuracy [deg] <1
Maximum sampling rate [Hz] 100
Sensitivity [rad/LSB] 0.0022
Noise standard deviation [rad] 0.003
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With respect to the magnetometer and gyroscope
the selected sensor is the LSM9DS1. This sensor is
a 9-axis IMU from ST Microelectronics that provides
gyroscopic and magnetic sensing. The modeled char-
acteristics for the magnetometers and gyroscopes are
outlined in Tables 2 and 3, respectively.

Table 2: Magnetometer model specifications.

3-axis Magnetormeter - LSM9DS1 (9-axis IMU)
Measurement range [G] ±4 to ±16
Maximum sampling rate [Hz] 100 to 400
Sensitivity [mG/LSB] 0.14 to 0.58
Noise standard deviation [mG] 0.15

Table 3: Gyroscope model specifications [25].

3-axis Gyroscope - LSM9DS1 (9-axis IMU)
Measurement range [deg/s] 245 to 2000
Maximum sampling rate [Hz] 100 to 400
Sensitivity [(deg/s)/LSB] 8.75 to 70
Static bias vector [deg/s] [0.4 0.05 0.7]

3.1.2 Actuation Components

For cost saving reasons, the magnetorquer set will be
built in-house. The magnetorquer set consists of three
orthogonal elements with equivalent characteristics,
oriented in each of the spacecraft body’s axes. Two of
the elements are ferromagnetic cored, and the other
one is an air core magnetorquer, with specifications
outlined in Table 4.

Table 4: Magnetorquer model specifications.

Magnetorquer - Developed in-house
Nominal Magnetic dipole moment [Am2] 0.25
Coil time constant [ms] 1

Due to bearing failures [27] and complexities associ-
ated with the manufacturing and calibration processes
[10]. The selected component is a RW-0.03 from Sin-
clair Interplanetary [23]. This wheel is able to function
as a stabilizer in nanosatellites, and provides momen-
tum storage in excess of the necessary to stabilize the
ORCASat on the orbital plane. The modeled charac-
teristics of the component are in Table 5.

Table 5: Momentum wheel model specifications.

Momentum Wheel - RW-0.03
Nominal Momentum storage [Nms] 0.03
Torque at half nominal spin [mNm] 2
Torque at full nominal spin [mNm] 0.5

4. ORCASat Determination Algorithm

Attitude determination is the process of estimating
the attitude of a system from a set of observations
[15]. Here, a Multiplicative Extended Kalman Filter

(MEKF) suggested by Rondão in [22] for attitude es-
timation of a CubeSat is presented, based on the de-
velopments presented in [6]. This filter functions by
iteration of three steps: measurement update, state
vector reset, and propagation to the next measure-
ment time. The measurement update step updates
the error state vector. The reset moves the updated
information from the error state to the global attitude
representation, and resets the components of the er-
ror state to zero. The propagation step propagates
the global variables to the time of the next represen-
tation. The error state variables do not need to be
propagated because they are identically zero over the
propagation step [22]. The notation in this section

uses the hat symbol �̂ to indicate an estimate, and
the tilde symbol to indicate a measurement �̃. The
algorithm is used to sequentially estimate the attitude
and angular velocity of a spacecraft with a number of
attitude sensor measurements, and gyroscopic read-
ings. In this MEKF formulation, quaternions are used
to take advantage of their specific properties. The
MEKF uses a multiplicative error quaternion, where
higher order terms can be neglected, which allows the
quaternion to be replaced by its three component er-
ror vector. This MEKF uses the Murrel formulation,
which takes advantage of the linearity of the update
process to use the superposition property. This means
that the update stage can be run repeatedly for each
measurement before the next propagation stage, thus
maintaining the developed filter structure [22].

The MEKF for attitude estimation begins with the
quaternion kinematic model, described by

q̇ =
1

2
Ξ(q)ω(t) =

1

2
Ω(ω(t))q (12)

where q is the quaternion that represents the ro-
tation from the ECI frame I to the spacecraft body
frame B, q̇ is the time derivative of q, ω ≡ ωB is the
representation in the B frame of the angular veloc-
ity of the spacecraft rigid body with respect to the I
frame, where the subscript is dropped for convenience,
and Ω(ω(t)) and Ξ(q) are given by Eqs. (5) and (13),
respectively.

Ξ(q) ≡
[
q4 I3 + [e×]
−eT

]
=


q4 −q3 q2
q3 q4 −q1
−q2 q1 q4
−q1 −q2 −q3

 (13)

Due to the dependency of the kinematics on the
evolution of ω(t), it is included into the state vector

x(t) =

[
q(t)
ω(t)

]
(14)

The estimation error for the MEKF formulation
uses the multiplicative error quaternion in the body
frame, given by

δq = q⊗ q̂−1 (15)
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where δq ≡
[
δeT δq4

]T
. Taking the time deriva-

tive of Eq. (15) gives

δq̇ = q̇⊗ q̂−1 + q⊗ ˙̂q−1 (16)

and deriving, as shown in [6], the evolution of δq̇ is
given by

δq̇ = −
[[
ω̂×
]

0

]
δe +

1

2

[
δω
0

]
⊗ δq (17)

where δω ≡ ω− ω̂ is the error angular velocity. The
first-order approximation is given by

δė = −
[
ω̂×
]
δe +

1

2
δω ; δq̇4 = 0 (18)

The MEKF requires a sensor model for the gyro-
scopes. For this sensor, a widely used model is given
by the first order Markov Process [6], as follows

ω = ω̃ − β − ηv ; β̇ = ηu (19)

where ω̃ is the measured observation, β is the gyro-
scopic bias vector, and ηv and ηu are zero mean white
Gaussian noise processes with spectral densities σ2

vI3
and σ2

uI3, respectively. The estimated angular veloc-
ity and the estimated bias differential equations are as
follows

ω̂ = ω̃ − β̂ ;
˙̂
β = 0 (20)

Remembering the definition of the error angular ve-
locity δω ≡ ω − ω̂, and substituting the elements by
the results of Eqs. (19) and (20) gives

δω = −(δβ + ηv) (21)

where δβ ≡ β − β̂, and substituting into Eq. (18)
gives

δė = −
[
ω̂×
]
δe− 1

2
(δβ + ηv) (22)

Making the small angle simplification where δe ≈
δα/2, and where δα has components of roll, pitch,
and yaw error angles for any rotation sequence [6],
Eq. (22) becomes

δα̇ = −
[
ω̂×
]
δα− 1

2
(δβ + ηv) (23)

which minimizes the use of factors of 2 and 1/2 in
the MEKF formulation.

The MEKF error model is thus given by

∆ẋ(t) = F(t)∆x(t) + G(t)w(t) (24)

where ∆x(t) ≡
[
δαT(t) δβT(t)

]T
, and F(t) and

G(t) are, respectively, the state dynamics and noise

matrices, while the process noise w ≡
[
ηTv ηTu

]T
has

spectral density given by Q(t). These matrices are
described as follows

F (t) =

[
− [ω̂ ×] −I3
03×3 03×3

]
(25a)

G(t) =

[
−I3 03×3
03×3 I3

]
(25b)

Q(t) =

[
σ2
vI3 03×3

03×3 σ2
uI3

]
(25c)

The post-update estimates for the angular velocity
and the quaternion are given respectively by ω̂+

k and
q̂+
k . The propagation is found using

q̂−k+1 = Ωk(ω̂+
k )q̂+

k (26)

with

Ωk(ω̂+
k ) =[

cos( 1
2

∥∥ω̂+
k

∥∥∆t)I3 −
[
ψ̂+
k ×
]

ψ̂+
k

−(ψ̂+
k )T cos( 1

2

∥∥ω̂+
k

∥∥)∆t

]
(27)

where

ψ̂+
k ≡ sin(

1

2

∥∥ω̂+
k

∥∥∆t)
ω̂+
k∥∥ω̂+
k

∥∥ (28)

and ∆t is the sampling interval of the gyroscope.
Given a post-update estimate β̂+

k , the post-update an-
gular velocity, and the propagated gyroscopic bias are

ω̂+
k = ω̃k − β̂+

k ; β̂−k+1 = β̂+
k (29)

As can be observed, the propagated gyroscopic bias
estimate is equal to the previous update, which is due
to the propagation model in Eq. (20). The discrete
propagation of the covariance equation is given by

P−k+1 = ΦkP+
k ΦT

k + ΓkQkΓT
k (30)

where Γk is given by

Γk =

[
−I3 03×3
03×3 I3

]
(31)

The discrete error-state transition matrix can also
be derived using a power series approach, and is de-
scribed by

Φk =

[
Φ11 Φ12

Φ21 Φ22

]
(32)

with

Φ11 = I3 −
[
ω̂+
k ×
] 1− sin(

∥∥ω̂+
k

∥∥∆t)∥∥ω̂+
k

∥∥
+
[
ω̂+
k ×
]2 1− cos(

∥∥ω̂+
k

∥∥∆t)∥∥ω̂+
k

∥∥2
(33a)

Φ12 =
[
ω̂+
k ×
] 1− cos(

∥∥ω̂+
k

∥∥∆t)∥∥ω̂+
k

∥∥ − I3∆t

−
[
ω̂+
k ×
]2 ∥∥ω̂+

k

∥∥∆t− sin(
∥∥ω̂+

k

∥∥∆t)∥∥ω̂+
k

∥∥2
(33b)
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Φ21 = 03×3 (33c)

Φ22 = I3 (33d)

The discrete process noise covariance matrix can be
approximated by

Qk =

[(
σ2
v∆t+ 1

3σ
2
u∆t3

) (
1
2σ

2
u∆t2

)
I3(

1
2σ

2
u∆t2

)
I3

(
σ2
u∆t

)
I3

]
(34)

Using a measurement model where only sensors
with valid observations are used, the discrete time ob-
servation for one sensor measurement is given by

z̄i = C(q)z̆i + ei (35)

where z̄i ≡ (z̄i)B is the i-th three component vector
for the measurement direction, C ≡ CBI is the DCM
from the I frame to the B frame, z̆i ≡ (z̆i)I is the
i-th three component vector for the known reference
direction, and ei is the sensor error column vector,
which is a zero mean white Gaussian noise process
that satisfies E

{
eie

T
i

}
= σ2

siI3, where E {�} is the
expected value operator, and σ2

si is the noise standard
deviation of the i-th sensor. The sensor error alters
the measurement, diverging it from the ideal value
zi ≡ (zi)B. For simplicity the subsequent derivations
consider that there is only one sensor measurement
available per time step, for which

ỹk = C(qk)z̆i + ek ≡ hk(x̂k) + vk (36)

where vk ∼ N(0,Rr), where the noise covariance
matrix is given by

Rk = σ2
sI3 (37)

The measurement matrix is given by

Hk =
[
C(q̂−k )(z̆k)×

[
03×3

]]
(38)

Finally, the error state is updated using

Kk = P−k HT
k

(
HkP−k HT

k + Rk

)−1
(39a)

∆x̂+
k = Kk

[
ỹ −C(q̂−k )z̆k

]
(39b)

P+
k =

(
In −KkHk

)
P−k

(
In −KkHk

)T
+

KkRkKT
k

(39c)

where ∆x̂+
k ≡

[
(δα̂+

k )T (∆β̂+
k )T

]T
.

In the final step the quaternion and gyroscopic bias
are also updated, as follows

q̂+
k =

[
1
2δα̂

+
k

1

]
⊗ q̂−k ; β̂+

k = β̂−k + ∆β̂+
k (40)

At this point the algorithm returns to the propaga-
tion step.

5. ORCASat Control Algorithms

Attitude control laws were originally designed for ac-
tuators with continuous torque availability. In this
work the selected control algorithms are applied using
magnetorquers. These provide the attitude correcting
torques by interacting with the Earth’s magnetic field,
which varies in intensity and orientation as a space-
craft operates in LEO [30].

As explainend in [29], the attitude quaternion er-
ror qe = (qe1, qe2, qe3, qe4) is computed using the de-
sired quaternion state for a given orbital state vector,
designated as commanded attitude quaternion qc =
(qc1, qc2, qc3, qc4), and the current attitude quaternion
q = (q1, q2, q2, q4).Then, the attitude quaternion is ob-
tained as follows


qe1
qe2
qe3
qe4

 =


qc4 qc3 −qc2 −qc1
−qc3 qc4 qc1 −qc2
qc2 −qc1 qc4 −qc3
qc1 qc2 qc3 qc3



q1
q2
q3
q4

 (41)

Without loss of generality, the commanded attitude
quaternion can be made to be the positive identity
quaternion qc = (0, 0, 0, 1), and commanded attitude
quaternion vector segment ec = (0, 0, 0). This as-
sumption is valid for the proposed negative feedback
torque controllers.
5.1. ORCASat Detumble Control

Detumbling a spacecraft consists of damping its angu-
lar rates to a near zero state. Several control methods
have been developed to detumble a spacecraft, such
as the ones proposed in [24, 8, 1]. Most techniques
for LEO spacecrafts use magnetorquers for magnetic
dipole moment generation, and are generally desig-
nated as B-dot controllers.

Referring to the comparative study in [14] as a se-
lection basis, the selected controller for this mode is
the formulation originaly proposed in [3], designated
as Modified B-dot Controller, described by

m = − kd
‖b‖

(b× ω) (42)

where kd is a positive gain, and b × ω ≈ ḃ ∝ ω.
This control law has a significant advantage over other
proposed formulations, such as the ones described in
[24], because in the presence of a time-varying mag-
netic field, the kinetic energy is strictly decreasing, so
that global asymptotic stability is guaranteed. The
selection method for the controller gain, follows [3].

5.2. ORCASat Nominal Control

Preliminary simulations were made to evaluate the
best candidates for final implementation to the OR-
CASat ADCS simulator. The best candidates are
based on Eigenaxis Rotation Control (ERC). The first
implemented torque control law, and the correspond-
ing magnetic dipole moment control law are respec-
tively

u = −kJe− cJω − ω × Jω (43a)
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m = − b∥∥b∥∥2 × (kJe + cJω + ω × Jω
)

(43b)

The second implemented controller, designated as
Modified Eigenaxis Rotation Control (MERC), is a
modification to the ERC. The modification is intro-
duced to the proportional term of the controller, where
the term is factored by the inverse of q54 . The alter-
ation provides a power factor that ranges from ∞,
when the attitude error corresponds to the maximum
180◦, to 1, when the attitude error is null. The second
implemented torque control law, and the correspond-
ing magnetic dipole moment control law are respec-
tively

u = − k

q54
Je− cJω − ω × Jω (44a)

m = − b∥∥b∥∥2 ×
(

k
q54

Je + cJω + ω × Jω
)

(44b)

These controllers form a parallel with proportional-
derivative controllers of classical control theory [2, 18].
They use the attitude quaternion and angular rate er-
rors to establish the proportional and derivative feed-
backs. A method for a first selection of the quaternion
feedback gain and damping gain matrices is used, as
explained in [30].

6. ORCASat ADCS Simulations

To provide a test of the capabilities of the designed
ADCS for ORCASat, a Model-in-Loop (MIL) plat-
form is developed using MATLAB R© and Simulink R©.

6.1. ADCS Simulator Parameters

The general orbital conditions established in this anal-
ysis are those typical of an ISS orbit [21]. The envi-
ronmental models used by the simulator to determine
environmental conditions at a given state vector are
outlined in Table 6.

Table 6: ADCS simulator environmental models.

Model Designation Ref.
Sun vector DE 421 [9]
Geomagnetic field WMM2015 [5]
Atmospheric density NRLMSISE-00 [20]
Earth gravity EGM2008 [19]
Eclipse Ray-sphere Int. [22]

The wheel model for the simulations assumes that
it operates at nominal constant momentum bias, with
insignificant torque exchange. Table 7 outlines the
orientation and maximum intensity parameters of the
magnetic dipole moment generation vectors, and the
wheel momentum vector.

For all simulations the numerical ODE solver is the
Dormand-Prince RK8(7). The time-step is defned by
the the measurement update rate for all sensors - 0.1
s.

Table 7: Actuator configuration.

Actuator orientation Value
Magnetorquer-1 (body frame) [1 0 0]
Magnetorquer-2 (body frame) [0 1 0]
Magnetorquer-3 (body frame) [0 0 1]
Momentum bias (body frame) [0 − 1 0]

6.2. Simulation Parameters

The initial attitude quaternion corresponds to an error
of approximately 180◦ from the nominal nadir point-
ing orientation. The angular rate is chosen to reflect
a state after the spacecraft has been detumbled. The
mass, inertia matrix, and dimensions of the spacecraft
are derived from the limiting parameters established
by the launch provider [17]. Wheel momentum value is
the nominal momentum output for the selected hard-
ware. The parasitic dipole moment value was chosen
to reflect a typical value for a 2U CubeSat, as derived
from [13]. The base spacecraft parameters for the sim-
ulation are outlined in Table 8. Any changes made to
these parameters for a given simulation are specified.

Table 8: Spacecraft parameters for nominal mode.

Spacecraft Pa-
rameters

Unit Value

Epoch [-] 2019-09-15 12:00:00

Initial position
(ECI)

[km]
[
−4709.8 3800.6 3029.0

]
Initial velocity
(ECI)

[km/s] [ − 1.420 5.698 4.941]

Initial quaternion [-]


−0.2958
−0.288
−0.1557
0.8974


T

Initial angular
rates (body)

[rad/s] [0 0 0]

Mass [kg] 3.6

Inertia matrix [kg m2]

0.003 0 0;
0 0.008 0;
0 0 0.008


Wheel momentum [Nms] 0.03

Parasitic dipole
moment (body)

[Am2]
[
0.00707 0 0.00707

]
Dimensions [mm] [227 × 100 × 100]

6.3. Attitude Determination Simulations

The attitude determination simulations are made to
demonstrate that the system can achieve, and main-
tain, an attitude knowledge accuracy below 2◦. The
simulations are run using ERC attitude control algo-
rithm, the perturbative torque models, and the atti-
tude determination algorithm. The simulation initial
quaternion estimate corresponds to an initial estimate
error of 78◦. In these simulations the nominal mode
controller parameters are in Table 13. The MEKF al-
lows the system to update the magntometer and gyro-
scope measurements throughout the entire orbit, and
to update the Sun sensors if the spacecraft is sunlit.
The MEKF parameters are given in Tables 9 and 10.
Figure 1 presents the simulation result for attitude
determination.
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Table 9: Kalman filter parameters [22] .

Parameters Symb. Unit Value

Gyro RRW σrate [rads−3/2] 3.50 × 10
−8

Gyro ARW σangle [rads−1/2] 2.91 × 10
−5

Magnet. SD σmagn [T] 1.50 × 10
−5

Sun sensor SD σsun [rad] 2.90 × 10
−3

Table 10: Initial Kalman filter estimates.

Initial Estimate Unit Value

Quaternion [-]


−0.2958

0.288
−0.1557
−0.8974


Angular rates [rad/s]

[
0 0 0

]

Figure 1: Determination Simulation. Evolution
of the spacecraft determination error for a Full Model
nominal mode simulation (blue line); 2◦ knowledge re-
quirement (magenta line); an indicator for the satellite
Lit status (red line, where 0 corresponds to eclipse and
1 to sunlit).

6.4. Detumble Mode Simulations

The base spacecraft parameters for these simulations
are outlined in Table 11. The performance of the
detumble mode is measured by the ability of the
ADCS to achieve, and maintain, the spacecraft with
an absolute angular rate below the defined threshold
‖ωB‖ ≤ 0.01 rad/s. The detumble simulation time is
25000 s. For these simulations the momentum wheel
is inactive. The MEKF algorithm in detumble mode
provides estimates of the angular rates of the space-
craft body frame, and of the local Earth magnetic field
fed from the sensors to the Modified B-dot controller
defined in Eq. (42). The MEKF initial conditions are
indicated in Table 10. The simulated circumstances
correspond to typical tumbling rates, and are given
in Table 12. The result for the detumble mode is in
Figure 2.

Table 11: Control parameters for detumble mode.

Parameters Symb./Unit Value

Detum. gain kd [kg m2 s−1 ] 1.54 × 10
−5

6.5. Nominal Mode Simulations

These simulations analyze the performance of the sys-
tem when parameter variations that have a signifi-

Table 12: Detumble simulation parameters.

Parameters Unit Value
Initial angular rates [rad s−1 ] [0 3.142 0]

Figure 2: Detumble Simulation. Evolution of
the absolute spacecraft angular rate (blue line); the
threshold value for detumbling (magenta line).

cant impact on the designed ADCS are made. These
are: the increase of the parasitic magnetic dipole mo-
ment, the loss of efficiency on the momentum wheel,
and the uncertainties pertaining to the spacecraft’s
inertia matrix. Two control laws are tested, ERC ad
MERC, given in Eqs. (43b) and (44b), respectively.
The MEKF in nominal mode provides estimates of
the attitude quaternion, and the angular rates of the
spacecraft body frame. The MEKF’s initial conditions
are indicated in Table 10. The results correspond-
ing to all the nominal mode simulations for ERC and
MERC are respectively presented in Figures 3 and 4.

6.5.1 Baseline
The base control parameters for nominal mode are es-
tablished in Table 13. These are valid for the nominal
mode simulations unless otherwise stated.

Table 13: Control parameters for nominal mode.

Parameters Symb./Unit Value
Prop. gain k [rad2/s2] 0.0292
Deriv. gain c [rad/s] 0.6042

Control Iner-
tia

J [kg m2]

0.003 0 0;
0 0.008 0;
0 0 0.008



6.5.2 Increased Parasitic Dipole Moment
The parasitic magnetic dipole moment can have a neg-
ative impact on the ability of the ADCS to correctly
stabilize the spacecraft. In these simulations the base
value of the parasitic magnetic dipole moment of the
spacecraft is tripled to reflect a more conservative cal-
culation of its intensity, as described in [26]. The pa-
rameter change is in Table 14.

Table 14: Parasitic dipole moment increase.

Altered Parameter Unit
Parasitic dipole moment (body frame) [ Am2]

[−0.02828 0.02828 0]
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6.5.3 Loss of Momentum Wheel Efficiency
Momentum wheels are prone to loss of efficiency, usu-
ally associated with the degradation of their bearings,
as stated in [27]. To reflect this situation, the ADCS is
tested for the loss of a third of the momentum storage
on the wheel. The parameter change is presented in
Table 15.

Table 15: Loss of momentum storage in wheel.

Altered Parameter Unit Value
Wheel momentum [ Nms] 0.02

6.6. Inertia Matrix Uncertainty

This inertia matrix uncertainty is tested for two rea-
sons. The first is that at the time of writing, the
ORCASat structure was subjected to regular changes.
The second, is the fact that it is impossible to de-
termine precisely the inertia matrix of the spacecraft
structure. As such, the ADCS is tested to verify if
it is able to stabilize the spacecraft when the exact
inertia matrix is unknown. The altered parameter is
presented in Table 16.

Table 16: Spacecraft inertia matrix uncertainty.

Altered Parameter Unit
Spacecraft Inertia Matrix [kg m2] 0.003515621 −0.000097082 0.000211524
−0.000097082 0.008376224 −0.000018148
0.000211524 −0.000018148 0.008193869


6.7. Discussion

From Figure 1, it is clear that the determination al-
gorithm is able to converge the determination error to
values below the 2◦ knowledge requirement, for Full
Model simulations. It is also clear that the algorithm
has convergence jumps when the spacecraft comes out
of eclipse, and that the overall convergence rate is bet-
ter when the Lit status is active. The convergence
time for the simulation is 6180 s.

The detumble simulations demonstrates that the
ADCS has a fast method to reduce the spacecraft’s
large angular rates. The simulations show that the
system reduces the simulated angular rates down to
threshold values in 4773 s.

From the Base Simulations, given in Figures 3 and
4, it is evident that both controllers are able to stabi-
lize the spacecraft within the mission requirement, i.e.,
below the 10◦ pointing requirement. The times to sta-
bilization are given in Table 17. Due to the MERC’s
increased proportional factor, particularly evident for
large angle maneuvers, this controller generally needs
a shorter time to stabilize below the 10◦ pointing re-
quirement than the ERC, in the baseline simulation
the MERC takes 5 fewer orbits to stabilize than the
ERC.

The Increased Parasitic Magnetic Dipole Moment
Simulations show that this increase does not change
the capability of the system to achieve nadir pointing
orientation. By looking the stabilization times, in Ta-
ble 18, and comparing them to the base results, it can

Base Simulation.

Increased Parasitic Magnetic Dipole Moment.

Loss of Momentum Wheel Efficiency.

Inertia Matrix Uncertainty.

Figure 3: ERC Simulations. Evolution of the over-
all pointing error (blue line) in nominal mode for dif-
ferent parameter variations; 10◦ pointing requirement
(magenta line).

Table 17: Base Simulation.

Result Time (s) Orbits

ERC-time to stabilize 199.0 × 10
3

36.6

MERC-time to stabilize 161.3 × 10
3

29.6

be said that ERC results remain very similar, while
the stabilization time for the MERC increases by 7
orbits. When comparing the ERC and MERC, both
stabilize on the 37th orbit.

Looking at the results for the Loss of Momentum
Wheel Efficiency Simulations, and at Table 19,

8



Base Simulation.

Increased Parasitic Magnetic Dipole Moment.

Loss of Momentum Wheel Efficiency.

Inertia Matrix Uncertainty.

Figure 4: MERC Simulations. Evolution of the
overall pointing error (blue line) in nominal mode for
different parameter variations; 10◦ pointing require-
ment (magenta line).

Table 18: Parasitic dipole moment increase.

Result Time (s) Orbits

ERC-time to stabilize 197.8 × 10
3

36.4

MERC-time to stabilize 199.9 × 10
3

36.7

the loss of momentum bias leads to a loss of gyroscopic
stiffness. This loss is more evident in the transient be-
haviour of the MERC, which has a larger proportional
component than the ERC for large angle maneuvers.
When analyzing the time to stabilization, both con-
trollers are nearly identical. Compared to the base
parameter simulations, the ERC has a small decrease

in the number of orbits needed to reach the stabiliza-
tion threshold, 5 orbits, while the MERC has a slight
increase, 2 orbits.

Table 19: Loss of momentum bias in wheel.

Result Time (s) Orbits

ERC-time to stabilize 170.5 × 10
3

31.3

MERC-time to stabilize 170.6 × 10
3

31.3

Inspecting the Inertia Matrix Uncertainty Sim-
ulations results, and Table 20, the most striking re-
sults of the tested parameter variations are found.
Both controllers still achieve the stabilized nadir
pointing orientation. However, while the ERC has
a comparable evolution to the one obtained in the
base simulations, the MERC stabilization time is sig-
nificantly higher than with the base parameters, and
when compared to the ERC under the same simulation
it is also slower to stabilize. Therefore, for a situation
where there is a deviation between the control inertia
matrix and the spacecraft’s inertia matrix the ERC
performs better.

Table 20: Inertia matrix uncertainty.

Result Time (s) Orbits

ERC-time to stabilize 194.2 × 10
3

35.7

MERC-time to stabilize 199.9 × 10
3

42.7

7. Conclusions

The simulations testing the detumble requirement
demonstrate that the proposed controller is able to ef-
fectively and swiftly reduce high angular rates of the
spacecraft. Simulations that testing whether the de-
termination error is maintained below 2◦ demonstrate
that the integration of the MEKF into the new ADCS
architecture can provide the desired attitude knowl-
edge for the mission. The results for both proposed
nominal mode controllers - ERC and MERC - showed
that they are capable of achieving a stabilized pointing
error below 10◦. Furthermore, the nominal controllers
tested for a set of variable parameters that have a sig-
nificant impact on the performance of ADCS, show
that both retained the capability to accomplish their
goal. Thusly, it can be concluded that even at a pre-
liminary stage of development, when important pa-
rameters that influence the attitude stabilization can-
not be fully defined, the proposed ORCASat ADCS is
capable of fulfilling the mission requirements.

The overall development of this spacecraft subsys-
tem requires further work in areas not directly related
to the conceptual ADCS architecture. Two areas need
significant developments: the software implementa-
tion of the necessary ADCS algorithms into the on-
board microprocessor, and the development and in-
tegration of the hardware. Throughout the develop-
ment process, the MIL ADCS should be updated to
reflect the complexities added to the system. This will
assist the ORCASat team in making adjustments to
the system’s control, and determination parameters.
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This ability is crucial, as it allows the developer and
operator to make adjustments to the algorithms, as
necessary.
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[2] K. J. Åström and T. Hägglund. PID controllers:
theory, design, and tuning, volume 2. Instrument
society of America Research Triangle Park, NC,
1995.

[3] G. Avanzini and F. Giulietti. Magnetic detum-
bling of a rigid spacecraft. Journal of guidance,
control, and dynamics, 35(4):1326–1334, 2012.

[4] V. J. Badami, K. Aggarwal, S. Sharma, S. M.
Raie, and T. Goyal. In-loop simulation of atti-
tude control of a nanosatellite. In 2019 IEEE
Aerospace Conference, pages 1–9. IEEE, 2019.

[5] A. Chulliat, S. Macmillan, P. Alken, C. Beg-
gan, M. Nair, B. Hamilton, A. Woods, V. Rid-
ley, S. Maus, and A. Thomson. The us/uk world
magnetic model for 2015-2020. 2015.

[6] J. L. Crassidis and J. L. Junkins. Optimal es-
timation of dynamic systems. Chapman and
Hall/CRC, 2004.

[7] A. Doknjas, B. Edwards, B. Lobo-Fernandes,
P. Ogilvie, R. Arthurs, and A. Zoltan. Orcasat
2021 - mission concept document. ORCASat
Documentation, January 2019.

[8] T. Flatley, W. Morgenstern, A. Reth, and
F. Bauer. A b-dot acquisition controller for the
radarsat spacecraft. In NASA conference publi-
cation, volume 3345, pages 79–90. NASA, 1997.

[9] W. M. Folkner, J. G. Williams, and D. H. Boggs.
The planetary and lunar ephemeris de 421. JPL
IOM 343R-08-003, 2008.

[10] R. F. P. Gomes. Development of a reliable
and low cost miniaturized reaction wheel system
for cubesat applications. Técnico Lisboa, April,
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