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Resumo

O Sistema de Determinagao e Controlo de Atitude (ADCS) de um CubeSat é inerentemente exigente
devido a fortes restrigbes de massa, volume, poténcia e custo. O objetivo desta tese € projectar e anal-
isar o desempenho de um ADCS em Model-in-Loop realista, capaz de alcancgar os requisitos da missao
do ORCASat 2U - desacelerar o satélite de velocidades angulares altas, garantir um erro maximo de 2

de conhecimento de atitude, e de 10 de erro de apontamento para o modo nominal, para as secgoes de
orbita eclipsadas e iluminadas pelo Sol. O controlo ADCS selecionado consiste num controlo magnético
activo, com uma roda que dota o satélite de um momento angular forcado no seu eixo de picada. O
conjunto de sensores do ADCS consiste em sensores solares, magnetémetros e giroscépios. Um Filtro
de Kalman Extendido Multiplicativo, originalmente desenvolvido para o CubeSat ECOSat-Ill, é adap-
tado para o novo ADCS, e é simulado no novo sistema para verificar se a precisao do conhecimento é
mantida dentro dos requisitos. Para o controlo de atitude, uma lei de controlo B-dot modificada, fazendo
uso de magnetorquers, € implementada, e sao feitas simulagdes para manobras de desaceleracéao an-
gular. Um Controlador de Rotacao de Eigenaxis Modificado é implementado para apontar o satélite na
direcgdo nadir, em modo nominal. O desempenho e a robustez do sistema de controlo, com os mais
significativos momentos e forgas perturbativas presentes em Orbita Terrestre Baixa (LEO), sdo avali-
ados quando sujeitos a variagdes de parametros com impacto significativo no ADCS. Os resultados
das simulacoes demonstram que o ADCS proposto é capaz de cumprir os trés requisitos de missao

estabelecidos.

Palavras-chave: sistemade Determinacao e Controlo de Atitude, CubeSat, Momento forcado,

Magnetorquer, Controlador de Rotagao de Eigenaxis
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Abstract

The Attitude Determination and Control System (ADCS) in CubeSats is inherently challenging, due to
strict constraints on mass, volume, power, and cost. The goal of this thesis is to present a design and
simulation analysis of a realistic Model-in-Loop ADCS capable of achieving the mission requirements of
the 2U ORCASat - detumble the spacecraft from high angular rates, guarantee a maximum 2 attitude
knowledge error, and 10 nadir pointing error for nominal mode, for both the eclipse and sunlit phases
of the orbit. The selected ADCS control consists of an active magnetorquer controller, and a wheel to
provide a momentum bias along the pitch axis of the spacecraft. The ADCS sensor suite consists of Sun
sensors, magnetometers, and gyroscopes. A Multiplicative Extended Kalman Filter, originally developed
for the ECOSat-Ill CubeSat, is adapted here to the new ADCS design, and simulated for evaluation
and verification of the proposed architecture. For attitude control, a modified B-dot control law using
magnetorquers is implemented, and simulations to accomplish the required detumble maneuver are
made. A modified Eigenaxis Rotation Control is implemented for nominal pointing control. The system
performance and robustness, in the presence of the most significant perturbative torques and forces
present in Low Earth Orbit (LEO), is evaluated by varying design parameters that have a significant
impact on the ADCS. Results demonstrate that the proposed ADCS is capable of fulfilling all three

specified mission requirements.

Keywords: Attitude Determination and Control System, CubeSat, Momentum Bias, Magnetor-

quer, Eigenaxis Rotation Control
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Chapter 1

Introduction

Throughout the past two decades innovators in academia, industry and government have demonstrated
that small satellites are a viable instrument to provide a quicker and more affordable way to access
Space. Unlike larger satellites, which require large nancial commitments, and have long development
cycles, small satellites can ful Il many signi cant scienti c, commercial, and proof-of-concept tasks at

a fraction of the cost, and in a much shorter timeframe [1]. With the democratization of space access

through the use of small satellites, a particular class has had singular impact in the sector - the CubeSats.

Initiated in 1999, the CubeSat Project began as a collaborative effort between the California Poly-
technic State University and Stanford University's Space Systems Development Laboratory. Its purpose
was to provide a standard design for nanosatellites and microsatellites that would reduce cost and de-

velopment time, increase accessibility to space, and with the ability to sustain frequent launches [2].

The CubeSat standard is based on a form factor of a 10 10 10 cm cube, and typically weighs less
than 1.33 kg per unit. CubeSats can be composed of a single cube, designated as a 1U CubeSat, or
made of a combination of cubes such as 2U, 3U, 6U or 12U CubeSats. Figure 1.1 presents the most
common CubeSat con gurations.

The use of this class of small satellites has had steady growth since it was rst proposed. Figure 1.2
shows the evolution of the number of nanosatellites launches, among which CubeSats correspond to
more than 90% of total launches [4]. CubeSats have become the de facto standard for most academic
teams that develop small satellites. Furthermore, they have become a widely available commercial
option, as they allow for the development of standardized payload formats that are easily integrated into
CubeSat buses [2].

Even though CubeSats did not start off with strict subsystem requirements, as time went on develop-
ers became more ambitious with respect to the tasks they wanted their small satellites to perform. This
led to ever more demanding requirements, which only became feasible as relevant technologies pro-
gressed and became more readily available. This evolution in requirements is especially relevant for the
attitude determination and control system (ADCS) [5]. The rst CubeSats had no attitude determination
or control schemes, as there were no attitude requirements; then, as some mission concepts started

to require attitude and angular rate knowledge, and even stabilization schemes, some CubeSats were



Figure 1.1: 1U to 16U CubeSat con gurations. Measurements are expressed in millimeters. Adapted
from [3]

Figure 1.2: Number of nanosatellites launched per year since 1998, with projections until 2023. Adapted
from [4].

tted with sensors, and used passive control methods to achieve their needs. Eventually, some missions
started to require accurate attitude knowledge and full 3-axis control. The increased attitude demands
on satellites, as they have become gradually smaller, placed a signi cant challenge in the design and
development of ADCSs.

This thesis addresses the many challenges faced in the developemnt of an ADCS for a CubeSat.

It designs a fully conceptualized ADCS and evaluates its effectiveness. The thesis was developed at



the Center for Aerospace Research (CfAR) of the University of Victoria (UVic) in the framework of the
ORCASat Project detailed in 1.1.1 .

1.1 Background and Motivation

1.1.1 ORCASat Project

The ORCASat Project, or Optical Reference Calibration Satellite Project, is British Columbia's joint con-
tribution to the Canadian CubeSat Project (CCP) of the Canadian Space Agency (CSA). ORCASat is a
2U CubeSat being developed through a combined effort of three western Canadian universities - Uni-
versity of Victoria, Simon Fraser University and University of British Columbia. It also counts with the
support from other academic institutions and industry collaborators, such as Harvard University, Univer-
sity of Lisbon, National Research Council Canada and Space Systems Loral. The CubeSat is scheduled
for launch to the International Space Station (ISS) in the nal quarter of 2021. It will then be placed into
its operational orbit through NanoRacks Deployment Services [6], and will allow ORCASat to have an
operation life of approximately one year [7].

The ORCASat Project serves a dual purpose, one educational and the other scientic. The edu-
cational goal stems from the desire of the Government of Canada, through the CSA, to endow post-
secondary students with quali cations and useful experience in space sciences, technology and engi-
neering. By providing an opportunity to design, build, test, and operate a CubeSat, the CCP wants
to train a new generation of highly quali ed personnel to drive Canadian space innovation in the com-
ing decades [8]. The scienti c goal of the mission is to build on innovations and developments of the
Airborne Laser for Telescopic Atmospheric Interference Reduction (ALTAIR) program, and the Cana-
dian Hydrogen Intensity Mapping Experiment (CHIME) [9]. In turn, ORCASat provides these scienti c
projects a platform to place calibration equipment in Low Earth Orbit (LEO), which will improve mea-

surements of their corresponding earth based telescopes.

ALTAIR

The ALTAIR project main objective is to establish optical calibration techniques for ground based optical
telescopes, as discussed in [10, 11]. The ALTAIR provides a viable means to reduce atmospheric
and instrumental extinction, which are the dominant uncertainties in measurements of dark energy. It
also provides calibration opportunities to other spectrum ranges, such as microwave astrophysics. Its
underlying importance, as argued in [11], is that calibration will be nearly as critical for astronomy as the
increase in aperture of telescopes.

The ALTAIR payload for ORCASat is being developed to be the latest stage of the ALTAIR project.
The payload consists of three primary components - a laser light source, an integrating sphere, and
a photodetector. In this stage of the project, the calibration equipment is re-adapted from a weather
balloon platform, and integrated into the ORCASat bus [12]. When compared to the weather balloon

platform, the ORCASat platform provides an improved calibration alternative, as a larger percentage



of the Earth's atmosphere is present between the light source and the interested observatory. This
allows for a better characterization of the atmospheric attenuation. Overall, the new platform intends
to reduce the photometric uncertainty by one order of magnitude [10]. A schematic of the ORCASat

ALTAIR payload operation is presented in Figure 1.3.

Figure 1.3: Schematic of the ALTAIR payload operation. As the payload crosses the eld-of-view of the
observing optical ground telescope, the three primary components work together to emit and measure
the light being diffused from the source in real time. The in loco measurements are then transmitted
to a ground station through radio frequency communications, and subsequently handed over to the
interested observatory. With measurements of the emitted light from both the satellite and the ground
station, it is possible to quantify the atmospheric attenuation that ground measurements experience, and
a correction can be made. Adapted from [9].

CHIME

The purpose of CHIME is to map the expansion history of the universe, speci cally the three dimensional
distribution of hydrogen, with the goal of determining the dynamics of dark energy on the expansion rate
of the universe [13].

The CHIME payload for ORCASat is focused on the development of an antenna that can support
the research efforts of CHIME, by providing calibration opportunities for their equipment. The purpose
of the payload, the rst to use a 2U CubeSat as the operational platform, is to provide a small scale
UHF band antenna with a range of 450-800MHz to transmit up-chirp pulses, to assist in the calibration
of the CHIME radio telescope array. The application of this calibrating equipment in LEO is especially
convenient, as it has high access availability, allowing for frequent calibration opportunities that translate

into higher accuracy readings for radio telescopes.



1.1.2 Thesis Motivation and Goals

The motivation for this thesis stems from the need to provide ORCASat with a robust design of an
integrated ADCS to t its particular mission prole. In general, attitude determination and pointing
control in CubeSats is inherently challenging, due to strict constraints on mass, volume, power, and
cost. A typical CubeSat ADCS constitutes a very large percentage of these four budgets. In the case
of ORCASat, these challenges are considerably augmented because the 2U CubeSat needs to function
as a platform for two distinct calibration payloads — ALTAIR and CHIME. Furthermore, the high cost of
reliable and miniaturized ADCS hardware, to t a 2U CubeSat bus, is an an even greater challenge.

The goal of the designed ADCS is to ful Il the three mission requirements, de ned as follows:
| - ability to detumble the spacecraft;

Il - guarantee a maximum 2 attitude knowledge error for nominal mode, during both sections of the

orbit - eclipsed and sunlit;

[Il - guarantee a maximum 10 nadir pointing error for nominal mode, during both sections of the orbit -

eclipsed and sunlit;

The rst requirement relates to the need of the spacecraft to eliminate high angular rates, usually
associated to the spacecraft's motion after deployment or after a long period without attitude control.
The two additional requirements are derived from the ORCASat's payloads needs.

Previous works done at CfAR supplied designs and developments for both attitude determination and
attitude control systems of other CubeSats, namely: the 3U ECOSat-1l [14, 15], and the 3U ECOSat-llI
[16—18], also known as Enhanced Communications Satellites. These works provided a strong base from
which to develop the ADCS for ORCASat. Part of the work for these preceding CubeSats was adapted
into the ORCASat ADCS, namely the determination algorithm developed for the ECOSat-Ill [16], which
were compatible because of the almost identical sensor suite on both CubeSats. On the contrary, the
control solutions presented in these works could not be adapted for ORCASat, due to the tighter power
and volumetric constraints, and the overall difference in the mission pro le.

Thus to accomplish the goal of designing an ADCS system that ful Is mission requirements the

following steps were taken:

| - Establish the possible nadir pointing stabilization methods that ful Il the mission requirements, and

indicate the selected architecture to be simulated.

Il - Establish the principal modes of operation of the satellite, and the corresponding hardware require-

ments to execute them.

lIl - Investigate existing algorithmic solutions that can provide the desired attitude modes, and specify

the selected control algorithms that accomplish the pointing needs of the mission.

IV - Analyze the determination algorithms design for the ECOSat-lll [16], to be adapted into the OR-
CASat ADCS.



V - Create arealistic spacecraft mechanics simulator that can function as a Model-in-Loop (MIL) testbed,

in order to analyze the system's evolution for nominal orbital characteristics.

VI - Demonstrate that the designed system is able to accomplish its purpose, given variations to pa-
rameters that have a signi cant impact on attitude control, or that are dif cult to precisely de ne at

an early phase of the ORCASat development.

1.2 State-of-the-Art

From the onset of space exploration the design of spacecrafts and their constituent susbsystems has
gone through regular developments, as technological improvements allowed for a larger range of attitude
determination and control options [19]. For the purpose of designing control systems for a spacecratft,
the advancements in this eld are elegantly provided in reference literature by authors such as James R.
Wertz, F. Landis Markley, John L. Crassidis, Peter C. Hughes and Bong Wie [20—24], who are recurrently
used as the main research references of this thesis.

Today, the state-of-the-art in small spacecraft Guidance, Navigation and Control (GNC) technology
can provide small satellites with an orbital position accuracy as low as 1:5m using a Global Navigation
Satellite System (GNSS), and overall pointing accuracy can be below 0:1 with the use of reaction
wheels, MEMS gyroscopes and star trackers [25]. Developments to GNC and ADCS can be roughly
split in three major branches - hardware, attitude determination, and attitude control.

Hardware for Earth orbiting missions is mature and available from a variety of vendors. Develop-
ments in GNC have focused on the miniaturization of existing technology, and the development of single
vendor integrated ADCS units [25]. The developments in terms of miniaturized hardware for ADCS have
permitted the use of ever more accurate ADCS schemes in gradually smaller orbiting platforms, such as
CubeSats. The commercially available integrated ADCS solutions still have a signi cant drawback for
most CubeSat developers, as they are an expensive subsystem. For the ORCASat, the volumetric and
budgetary constraints make integrated systems inviable options, and so the in-house development of an
integrated system, with use of commercial-off-the-shelf (COTS) components, is the most viable option .

Attitude determination solutions remained an underdeveloped eld even during the 1960's and 1970's,
when groundbreaking missions such as Sputnik and Apollo were active. This underdevelopment cannot
be attributed to the nonexistance of mathematical tools to provide an attitude estimation, but rather to
the fact that such solutions were not needed. The development in attitude estimation speci ¢ to space-
crafts date back to the TRIAD algorithm [26] and the concurrent publishing of Grace Wahba's famous
attitude determination problem involving any number of vector observations [27]. Later on, the use of
gquaternions as a parameterization for attitude allowed for further developments, due to their favorable al-
gebraic properties. Subsequently, this led to the the use of Kalman lters, that became commonplace in
the 1970's and 1980's to both llter noisy measurements and estimations for the attitude and gyroscopic
biases [19]. The improvements in computational power of onboard computers, and the minituarization

of satellite components such as sun sensors, magnetometers, and gyroscopes, allowed for the use of



extended Kalman lIters for attitude estimation [22, 28]. Eventually, these Iters became the most widely

used attitude estimation method for CubeSats [16, 29-36].

Attitude control, just like attitude determination, was not a concern for many of the rst spacecraft
missions, as there were no pointing requirements, and missions used passive stabilization techniques,
such as spin stabilization, momentum bias or gravity gradient stabilization. Initially, active attitude control
mechanisms derived their commands from telemetry originating from the ground. The earliest uses of
spacecraft integrated active control systems derived their commands directly from sensor data using

basic analog circuits [19].

Since then, attitude control research has been extremely active, producing a vast stream of theoretically-
based publications that continues to this day. When the quaternion parameterization was rst used in
works such as in [37, 38], simple feedback control laws were postulated, which were essentially equiv-
alent to classical proportional derivative controllers, and were shown to be stable through a Lyapunov
analysis. These Lyapunov-based methods to design controllers guaranteed stability for general nonlin-

ear systems, such as the ones that describe spacecraft motion.

Currently, satellite attitude control schemes fall into two broad categories: passive control and ac-
tive control schemes. Passive control methods use the natural spacecraft dynamics to satisfy pointing
requirements, such as spin stabilization, momentum bias or gravity gradient stabilization. The simplest
of these methods is spin stabilization, which depends on the fact that the direction of a rigid spinning
body angular momentum is relatively immune to disturbances. Momentum bias solutions use a spinning
wheel or wheels internal to the satellite body to generate a biased angular momentum, much like a spin
stabilized satellite, while allowing the satellite body to remain without spin. Satellites that typically use
this con guration generate the momentum bias perpendicular to the orbital plane while the other two
axes are either controlled by magnetic torques or propulsive torques [19]. Applications in CubeSats for

this stabilization scheme have also been implemented in several missions [39—44].

If the orientation of three orthogonal axes must be controlled, then the spacecraft is 3-axis stabilized,
and this scheme is typically achieved with the use of three or more reaction wheels or thrusters [20].
Many CubeSats and other nanosatellites with this type of control schemes are well documented in
missions such as [45-49]. Some works suggest that 3-axis control in LEO is achievable solely with
magnetorquers [50]; however, this alternative is limited to very speci c orbital pro les, such as LEO

equatorial orbits [51].

Although the potential advantages of the new control and estimation algorithms are undeniable
[52, 53], it is typical of ADCS to make use of simple but effective control laws, and estimation, through
extended Kalman lters. Given that for many of the early CubeSats failure rates were high, mainly due
to subsystem breakdown [54], developers and operators tend to select proven approaches to ADCS
design, so that uncertainties and risks that can jeopardize the overall mission success are diminished
. Eventually, enhanced con dence in new ADCS approaches, coupled with more stringent pointing re-
guirements of future missions, will bring about more widespread use of novel approaches for spacecraft

attitude determination and control [22].



1.3 Thesis Outline

The thesis is structured as follows:

Chapter 2 - Summarizes relevant background concepts for the research presented in this document,
covering the essential reference frames for spacecraft applications, and the attitude parameteriza-

tions used for attitude determination and control.

Chapter 3 - Describes the spacecraft mechanics, consisting of the orbital mechanics, and the attitude
motion. This chapter also describes the environmental forces and torques that a spacecraft is sub-
jected to under the ORCASat's orbital parameters. Finally, an overview of alternative stabilization

methods is made and the selected ADCS architecture for the ORCASat is presented.

Chapter 4 - Provides a brief description of the hardware components of the selected ADCS architec-

ture, and lists their key characteristics.

Chapter 5 - Outlines research work by Rondao in [16], which establishes the attitude determination
algorithm that was selected for the ORCASat's ADCS.

Chapter 6 - Reviews various control algorithms presented in literature, and proposes the candidates for

implementation.

Chapter 7 - Describes the relevant simulation parameters, and provides the simulation results. A dis-

cussion of these results follows, and several recommendations are made.

Chapter 8 - Provides an overview of the thesis main results and their implications for the future devel-
opment of the ORCASat ADCS.



Chapter 2

Theoretical Background

In this chapter the mathematical background and notations required to understand the concepts pre-
sented in subsequent chapters are discussed. In particular, the concepts related to reference frames,
attitude parameterizations, and transformations between reference frames are described. The nota-
tion used in this thesis attempts to follow the notation established in [22], slight alterations are made to

account for signi cant additional elements, and to maintain clarity throughout the document.

2.1 Reference Frames

In general, a reference frame is speci ed by the location of its origin and the orientation in relation to
other reference frames. They are of critical interest to describe the rotational motion of the spacecraft,
i.e., attitude kinematics. In this section the six reference frames used in this work are presented. Figure

2.1 provides a representation of several of these frames.

2.1.1 Earth Centered Inertial Frame (ECI)

The Earth-Centered Inertial frame designated by | has its origin in the center of the Earth, so it moves
in its orbit around the Sun, but does not rotate with the Earth. It is an approximate inertial frame, as it
is accelerating in its orbit about the Sun around the Galaxy's center, but can be considered inertial for
most applications within the vicinity of the Earth with an almost insigni cant discrepancy. The 15 axis
of the ECI frame constantly points towards the North Pole, while the T, axis points towards the Vernal
Equinox, designated by the zodiac symbol for aries & . The 1, axis is de ned to complete an orthogonal

coordinate system. The frame is designated by

I = T1;72;73 (2.1)



Figure 2.1: Representation of various reference frames. Adapted from [22].

2.1.2 Earth Centered/Earth-Fixed Frame (ECEF)

The Earth-Centered/Earth-Fixed is similar to the ECI frame in the sense that it is Earth centered, but
unlike it, rotates with the Earth. In this frame the ~; axis points in the direction of the Earth's prime
meridian, the 3 is aligned with the north pole, and the ”, axis completes the right-handed system. The

rotation angle is known as the Greenwich Mean Sidereal Time (GMST). The frame is designated by

E=1";";"0 (2.2)

2.1.3 Local-Vertical/Local-Horizontal Frame (LVHL)

The Local-Vertical/Local-Horizontal reference frame is also denoted as the orbital reference frame. It is
especially convenient for Earth-pointing spacecraft, as it is attached to its position in orbit. It has its 63
axis pointing along the nadir vector, directly toward the center of the Earth from the spacecratft, its 6,
axis pointing along the negative orbit normal, in the direction opposite to the spacecraft's orbital angular

velocity, and the ¢, axis completes the right-handed triad [22].The frame is designated by

O =161,62;630 (2.3)
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where

I

03| = m (248.)
_ n v

021 = kv K (2.4b)

01 = 021 Og (2.4¢)

where r; and v, are the spacecraft position and velocity in ECI. Some spacecraft use the geodetic nadir
vector, which is normal to the surface of the reference ellipsoid[22]. This alternative is not used in this

work.

2.1.4 Spacecraft Body Frame

A Spacecraft Body frame is de ned by an origin at a specied point in the spacecraft body, and by

three Cartesian axes. This body frame is used to align the various components during the spacecraft
assembly. Typically, the origin of this frame is xed at the center of mass of the spacecraft, and the axes
rotates with it. The conventional orientation depends on the manufacturer or the particular mission of the
spacecraft. This is an important reference frame for this work, as the attitude motion of a satellite is
made to ascertain and acquire a speci c orientation of these axes relative to some external reference

frame, such as the Earth [22]. The frame is designated by

n )
B= 01;0,03 (2.5)

For ORCASat the body reference frame is placed at the center of mass of the structure, and is
oriented so that in nominal attitude the Altair payload is nadir pointing. The momentum wheel axis is
normal to the orbital plane , i.e., the body reference frame aligns with the LVLH reference frame during
the nominal nadir pointing phase of attitude control. Figure 2.2 illustrates the placement of the spacecraft

body frame on a preliminary structural model of the ORCASat while in nominal mode, i.e. nadir pointing.

2.1.5 Geodetic Frame (LLA 1)

The geodetic coordinate system is widely used in GPS-based navigation. It is a coordinate system that
characterizes a coordinate point near the Earth's surface in terms of longitude, latitude, and altitude,

respectively denoted by the vector

G=f;;h g (2.6)

The longitude , measures the angle between the Prime Meridian and the measured point, and
ranges from 180 to 180 west to east. The latitude , measures the angle between the equatorial

plane and the normal of the reference ellipsoid that passes through the measured point, and ranges

1LLA is the acronym for latitude, longitude, altitude, but is also used to designate the geodetic frame.
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Figure 2.2: Spacecraff body frame in nominal mode. In the illustration the LVLH frame and the spacecraft
body frame coincide b1;0,;65 f 61;0,:030. Adapted from AGI's STK ORCASat simulation.

from 90 to 90 south to north . The altitude h, is the local vertical distance between the measured
point and the reference ellipsoid. It should be noted that the adopted geodetic latitude differs from the
usual geocentric latitude, which is the angle between the equatorial plane and a line from the mass

center of the earth. Note that the geocentric latitude is not used in our work [55].

2.1.6 Vehicle-carried North-East-Down Frame (NED)

The vehicle-carried North-East-Down Coordinate System, not to be confused with the ground coordinate
system, is associated with ying or orbital vehicles. Its origin is located at the center of mass of the
spacecraft. The ny axis points towards the ellipsoid north, the n, axis points towards the ellipsoid east

and the n3 points downwards along the ellipsoid normal. The frame is designated by

N = fii1;R,;Rsg (2.7)

2.2 Attitude Parameterizations

The attitude representation of a spacecraft can be conveniently described as a coordinate transformation
relative to a certain reference frame. Selecting for example the spacecraft body frame B = fby; b,; bsg
described in 2.1.4, which is a dextral (i.e., right-handed), orthonormal (i.e., mutually perpendicular and
of unit length) triad, it is only possible to describe its attitude in relation to another reference frame, for
example, R = fry;ry;rzg, which is also a dextral orthonormal triad [16, 23].

There are several mathematical parameterizations that describe the relative orientation of vectors.
To represent an attitude the minimum number of non-coplanar reference vectors is three [23]. However,

the smallest possible dimension for a globally non-singular attitude representation is achieved using

12



four parameters [19]. In this section the three attitude parameterizations used in the thesis work are
presented - Direction Cosine Matrix, Euler Angles and Quaternions. Each has its own set of advantages

and disadvantages, as described in Table 2.1.

Table 2.1: Summary of Attitude Parameterizations. Adapted from [20, 56].

Parameterization Advantages Disadvantages
Direction Cosine No singularities. Six redundant parameters.
Matrix No trigonometric functions.

Clear physical interpretation.
Product rule for successive rotations.
Euler Angles No redundant parameters. Singularities at some angles.
Clear physical interpretation. Trigonometric functions.
No convenient product rule for
successive rotations.
Quaternions No singularities. One redundant parameter.
No trigonometric functions. No obvious physical interpretation.
Product rule for successive rotations.

2.2.1 Direction Cosine Matrix (DCM)

To map the three components of a vector along the three axes of a reference frame R nine parameters
are required. The parameters form a [3 3] matrix C& that represents the components of the B frame
in the components of R frame, and can be expressed by

2 3
br f1 By P2 By 3

2 A
(b1)g
CS = 62 ?1 62 ?2 62 ?32: §(5\2)Rz (28)
63 ?1 63 ?2 63 1>3 (5\3)}3{

3

where f(tﬁ‘l)R ; (6\2)R ; (5\3)R g are the axes of the B frame written as components of the R frame. This
matrix is designated as a direction cosine matrix (DCM), because the elements are the cosines of the
angles between the basis vectors in the two reference frames. It can be shown that the DCM is a proper
orthogonal matrix, and consequently the transformation represented by CE is a rotation that preserves
scalar products [22].

A vector mapped in the R frame, vg , can be rotated to the body frame B through the use of the

DCM. The transformation can be expressed as

vg = CB vg (2.9)

which provides the vector expressed in the B frame. The DCM's subscript denotes the origin frame and
the superscript denotes the destination frame of the rotation.
Given that the DCM is orthogonal it is possible to provide the reverse rotation, from the B frame to

the frame R, by

13



CR= cBg " (2.10)
Additionally, the rotation from one frame to another can also be accomplished through an intermedi-

ary H frame by means of a product of matrices

c8 = cBcH (2.11)

The DCM is regarded as the fundamental quantity specifying the orientation of a rigid body. It has
the advantage of having no singularities, and the ability to execute successive rotations through a matrix
product. However, it has six redundant parameters [20]. For some analyses described in this work,
the method provides a useful tool to transform vectors from one reference frame to another, which is

particularly recurrent in the Spacecraft Mechanics Simulator Block.

2.2.2 Euler Angles

The orientation of a rigid body with respect to a Cartesian coordinate frame can be described by three
successive transformations about the body frame axes. The three angles used for the successive rota-
tions are the Euler Angles. Any of the body axes can be used for the rst rotation. The second rotation
must be performed about any of the axes not used in the rst rotation. The nal rotation can be made
about any axes not used in the second rotation. Therefore, there are twelve different transformation se-
guences that can describe the same attitude. The transformation matrix for any Euler angles is obtained
by the matrix multiplication of the thee elementary transformation matrices [57].

In spacecraft applications, a commonly used set of Euler Angles is the one that describes the trans-
formation between the NED frame and the body frame. These three Euler angles are designated yaw

, pitch , and roll angles [55].This transformation is described in 2.3.2.

2.2.3 Quaternions

Quaternions are a useful attitude parameterization because unlike other alternatives they are based on
Euler's rotational theorem, which states that the relative orientation of two coordinate systems can be
described by a single rotation about a xed axis.

The quaternion concept was originally de ned by Hamilton in 1844 as

g= o+ igy + jg2 + kas (2.12)

which corresponds to a hypercomplex extension of complex numbers z = x+ iy, that represents points in
three dimensional space. The quaternions were later co-opted as a method for attitude parameterization
[22, 24].

The notation used in this document is adapted from typical spacecraft attitude applications as de-

scribed in [22]. It de nes the quaternion as a four component vector with a set of distinct algebraic
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operations. The quaternion g is split into a 3 element vector component designated e and a scalar
component designated ¢4. The quaternion can thus be expressed by

2 3

Wk & % (2.13)

The vector component e and the scalar component ¢, can be further de ned by

2 3 2 3
e sin(=2)

o'}
e= §q22 = §e2 sin( =2)2 (2.14)

% €3 sin( =2)

oy = cos(=2) (2.15)

where fe;;e; e3g are the components of an eigenaxis vector, and is the rotation angle about the

eigenaxis.

Quaternion Algebra

The use of quaternions has a set of particular operations as established in works such as [22, 23, 57].
The signi cant operations used for this work are presented below. Their importance stems from the
fact that they can be used to the describe the attitude dynamics of a spacecraft, while exploiting the
advantages associated with the quaternion parameterization, as oulined in Table 2.1.

h Tw?Timportant rc\waterpiTon operations are the two quaternion products. Given two quaternions q =

e g andp= u p; theproducts are de ned as

2 3
u+pe u' e
p q= 4% s 5 (2.16)
Psacy U €
2 3
u+pie+u’ e
p q=aRtTP 5 (2.17)
P4 U €
which can be easily associated through
P g=4d p (2.18)

Both products are associative, distributive, but not generally commutative. This situation nds a
parallel in matrix multiplication. Much like the cross product, quaternions can be represented by matrix

multiplication as follows

a p=[q]p (2.19)

1
©
o)

g p=[q ]p (2.20)

1
©
o]
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where 2 3

| h |

[q ] 4% eT[e Fes.™ o g (2.21)
and 2 ]
| h |

[q ] 4% SJ;Ee Fes.™ @) q (2.22)

where I3 is a [3 3] identity matrix, the skew-symmetric matrix is de ned as a square matrix whose
transpose equals its negative, [u ]T = [u ], as shown in (2.23), and (q) and (q) are [4 3]

matrices respectively de ned in (2.24) and (2.25).

2
0 B @
[ ]=§0¢3 0 qé (2.23)
& q O
2 3
2 3 G & (07
|
(q) 4% el _g o % @ (2.24)
e' ® G W
G @ ®
2 3
5 3 (oA B @
Is+[e
@ gRlztle g _B @ o Ch (2.25)
el ® G B
h & ®
It then becomes easy to establish the following relationship
@) (@= T(@) (q)= kak® I3 (2.26)
(@ T@= (@) "(@=kgk’1s qq’ (2.27)
(@)= T(aq)g= 03 (2.28)

from which follows that kgk ! [a ]and kgk ! [ ]are orthogonal matrices.

The identity quaternion is de ned as

5 (2.29)

whichrespectslq =9 Iq=1q dq=49 Iq= gasanidentity requirement.

The congugate of a quaternion g is obtained by changing the sign of the vector part of the quaternion
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as follows

q=45=475 (2.30)

The product of a quaternion with its conjugate can then be expressed as follows

9 =9 g9q=q q =9 q=kaklq (2.31)

The conjugate of the product of two quaternions p and q is the product of the conjugates in the oppo-
sitteorderp q =(q p . The established relation (2.31) and the associative property of quaternion
multiplication provide

kp gk=kp gk= kpkkgk (2.32)

It is then possible to establish the subsequent relationships

9 1=[q I’ (2.33)

g 1=[q I (2.34)

The inverse of any quaternion with nonzero norm is de ned as follows

1 q

i (2.35)

q

where, by inverse deniton, ¢ q =g ! gq=9g q!'=q?! qg=lIqisvalid Itcanalso be
established that the inverse of the product of two quaternions is thus the product of the inverses in the

opposite order as follows

1

(P q *=p ql (2.36)

Quaternion to DCM

For any attitude it is possible to map a DCM in terms of quaternions as follows

C=(¢ q'a)ls+2qq" 2qfe ] (2.37)

The rotation of a three component column vector can be implemented through a quaternion multipli-

cation
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2
1 2B+ ®B) 2(ht+ B) 2(hGs  CpGh)
C= Ez(qqu Gh) 1 2(F+ @) 2(kG+ G (2.38)

2(00n + k) 2(BE ko) 1 2(cf + F)

DCM to Quaternion

Inversely, as described in [57], for any attitude it is possible to map a quaternion in terms of a DCM. The
quaternion elements can be calculated from the main diagonal of the corresponding DCM. In case an
element is found, which is not zero, all the remaining elements can be calculates from from this element,
and the sub-diagonals. As elements close to zero can provide inexact solution, all four elements from the
main diagonal can be calculated rst, and then taking the greatest value as basis for further calculation.
As all equations have a square root on the right side, the maximum value is also the maximum absolute

value. The mapping can thus be described by

G = % (1+Cun Cxp Cg) (2.39a)
r

= % (I Cu+Cxp Cga) (2.39b)
r

0 = % (I Cu Cop+ Cga) (2.39¢)
r

Oy = % (1+ Cpp+ Coz2 + Cg3) (2.39d)

From which the maximum value of (2.39) is chosen directly and all others are recalculates as shown in
Table 2.2. The rst column lists all values from (2.39), while the remaining columns list the re-calculated

values for all other elements [57].

Table 2.2: Building quaternion elements from DCM subdiagonals. Adapted from [57].

Maximum th (o)) (o] (o1}
Cau+Cyp Ci3+Caq Cs Cos

G e 4qu 400 40
Cau+Cy Cs3+Cops Ciz Ca;

R 402 B2 402 4 g2
Ci3+Ca C32+Cops Can Cip

& 4.q3 403 B¢ 403

Cs Cos Ciz Ca; Ca Cyp
q4 4q4 4q4 4q4 q4

2.3 Transformations between Reference Frames

In this section the essential frame transformation are presented. These are applied extensively in the

Spacecraft Mechanics Simulator Block. It is important to note, that as discussed in 2.2.1 the inverse
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mapping of the presented transformations is possible through the transposition of the matrix, and the
sequential use of matrix multiplications allows to transform between reference frames though intermedi-

ary frames.

2.3.1 ECIto ECEF

As discussed in [22], the transformation from ECI to ECEF can be given by

2 3
cos gmst  Sin gmst O

CF = § sin gmsT COS gMmsT Oz (2.40)
0 0 1

where the angle gust is obtained by

GMsT = 2%0 mod f 2411054841 + 8640184812866 T 62 10 ° T3

+1:002737909350795(3600hours + 60 minutes + secondy) ; 8640Q (2.41)

To determine the GMST angle the Julian Date is required, JD. For a given year Y between 1901
and 2099, Month M, day D, hour h, minute m, second s the Julian date is obtained by

M +9
12
2751 60H + s=60

+D+ ———MM— .
9 b 1440 (2.42)

Y + INT

JD(Y;M;D;h;m;s)=17210135+367Y INT

AN

+ INT

where INT represents the integer part and 60 denotes using 61s for days with a leap second [22].

2.3.2 NED to Spacecraft Body Frame

As discussed in [55], the frame transformation from NED to Spacecraft Body Frame is easily accom-
plished through the matrix multiplication of the elementary yaw, pitch, and roll matrices. The corre-

sponding elementary rotations, following the 3-2-1 rotation sequence are, respectively

2 3
1 0 0
Ca, = EO cos  sin z (2.43a)
0 sin cos
2 3
cos O sin
Ch? :E 0 1 0 2 (2.43b)

sin 0 cos
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2 3
cos sin 0]

C' = E sin  cos Oz (2.43c)
0 0 1

which, through matrix multiplications describe the full transformation, as follows

CR = CR, Cal ! (2.44)
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Chapter 3

Spacecraft Mechanics

This chapter introduces the spacecraft kinematics and dynamic equations, and describes the signi cant
perturbative forces and torques that affect a spacecraft in LEO. It then outlines the possible ADCS

architectures and presents the selected architecture for ORCASat.

3.1 Orbital Mechanics

The orbital motion equations of a spacecraft's motion around the Earth are required to construct the
attitude simulation. As outlined in Section 3.4, perturbative forces other than the Earth's gravitational pull
in uence the orbital motion of a spacecraft. However, this section is only concerned with the gravitational
effect on orbital motion.

As the use of Keplerian elements is insuf cient to correctly validate a simulated ADCS [49], a more
realistic model of the Earth's gravitational eld is required. Though distinct, the center of mass and
center of gravity of a 2U CubeSat without deployable elements can be considered indistinguishable,
and thus the orbital mechanics can be reduced to the study of a single particle mass. However, this
approximation cannot be extended to the attitude equations of motion described in Sections 3.2 and
3.3. Physically, this implies that the total external force does not depend on the mass distribution of the

satellite. The motion of a spacecraft can be described by

f=Ms (3.1)

where f is the sum of all external forces applied to the center of mass of the spacecraft, M is the total
and constant mass of the spacecraft, and ¥ is the acceleration of its center of mass.
To construct a realistic Earth model, the gravity potential U is de ned by

u=  —% 4m (3.2)

r S|

where G is the gravitational constant, r, is the position of the spacecraft's center of mass in the | frame,

dm is an in nitesimal mass element of the Earth, and s, is the position of dm in the | frame. The
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integral in Eqg. (3.2) can be written in the spherical harmonics expansion of the gravity potential [22], as
follows
Gm X X h [

U= Ff—:an (sin ¢)(Cnm cos(m )+ Sym cos(m )) (3.3)
n=0 n=0

where m is the mass of the Earth, R is the Earth's mean equatorial radius, r is the magnitude of r,

cand are, respectively, the geocentric latitude and longitude of r, Pny is the associated Legendre
polynomial of degree n and order m, and P, and P, are geopotential coef cients, which describe
the Earth's internal mass distribution. In this work, the coef cients are obtained from the 2008 Earth
Gravitational Model (EGM2008) [19]. Since the gravitational force is conservative, the gravitational ac-
celeration is equal to the gradient of the geopotential expansion, which allows the orbital motion to be

given by

r,=rU 3.4

The complete model for the orbital dynamics includes both the gravitational potential acceleration,
and the environmental perturbative accelerations a, discussed in Section 3.4. Then Eq. (3.4) can be

modi ed to include the sum of the perturbation accelerations represented in the | frame aP, as follows
Pp=rU+al (3.5)

The accelerations are related to the total perturbative forces flp, represented in the | frame, through

Newton's second law, as follows

ff=MaP (3.6)

where M is the total and constant mass of the spacecraft.

3.2 Attitude Kinematics

The formulation of spacecraft attitude dynamics and control problems involves considerations of the
kinematics of a rigid body. In kinematics, the primary purpose is to describe the orientation or attitude of
a body in rotational motion [24]. The rotational kinematics is described in terms of angular displacement,
time, angular velocity, and angular acceleration, but does not consider the forces that are associated with
the motion of a rigid body [58]. In Section 3.1 the spacecraft was modeled as a point mass positioned
on its center of mass, which is adequate for describing the motion in orbit. However, for the rotational
motion of a spacecraft, a rigid body model is used. In this model, the distance between any two given
points in the spacecraft body remains constant [23]. There are several parameterizations, outlined in
Section 2.2, that can be used to describe the attitude kinematics of a spacecratft.

The spacecraft body frame B, introduced in Section 2.1, has its base vectors xed on the body. The

rotational kinematic equations are speci ed by the time dependent relationship between the B frame

22



and another reference frame, which in this thesis is the ECI frame | . This assumption is also carried
to the dynamic equations of motion in Section 3.3. Denoting ! as the angular velocity vector of the B
with respect to the | , the kinematic differential equation for the DCM C| , also known as the spacecraft
attitude matrix, which maps the rotation from the | frame to the B frame is given by
h [
cPty= 1) CP() (3.7)
where CP is the time derivative of CE, ! g =[! 1! 5! 3]" is the representation of the angular rate ! , in the

B frame, and [! ] is the skew-symmetric matrix of ! , given by

'3 lo
0 ! 12 (3.8)

Eq. (3.7) is the fundamental equation of attitude kinematics [16, 22]. This relation can also be written
in terms of the attitude quaternion which, like the attitude matrix, represents the rotation from the | frame
to the B frame [22]. The quaternion parameterization of the fundamental attitude kinematics equation is

then given by

2 3
Ig(t
=345 g2 (39)
0
Applying Eq. (2.16) to Eq. (3.9) provides
M= 5 (1O = 5(aPO)! O (3.10)
with
2 3
(N 2 b1 ts (3.11)
1T 0

and ( qP) given in Eq. (2.25).

In addition to the advantages discussed in Section 2.2, the kinematic equations using quaternions are
linear. All these advantages make quaternions the parameterization of choice for attitude determination
and control of spacecrafts.

Unless otherwise stated, the attitude quaternion is g g for the remainer of this thesis.

3.3 Attitude Dynamics

This Section describes the dynamic equations of the rotational motion of a rigid spacecraft subjected to

moments, or torques.

The angular momentum of a rigid spacecraft is constant, with respect to an inertial reference frame
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is given by
hy =31, = | (3.12)

where h, is the angular momentum vector, J is the inertia tensor of the rigid body in the inertial co-
ordinate frame, ! | is the angular velocity vector, and ;| is the torque vector acting on the spacecraft.
However, as the inertia matrix is constant in the body frame, the equation is usually solved for it. There-

fore, Euler's second law of motion for a rotating frame of reference states that

hg +[!'s ]hs = (3.13)

where h is the spacecraft angular momentum about its center of mass, hg is the time derivative of
h evaluated in the body frame of reference, and is the torque vector acting on the spacecraft. The

angular momentum h in the spacecraft body frame B can be given by

hB = JB ! B (314)

where Jg is called the matrix of inertia of the spacecraft about its center of mass expressed in the B
frame. Substituting Eq. (3.13) into Eq. (3.14) yields

Jg!'s= ['s NUe!'s+* B (3.15)

were | g is the time derivative of the representation of ! 5.

In some situations, the modeling of a spacecraft as a single rigid body is not enough to fully describe
its dynamical motion. It is possible to split the spacecraft into a number of rigid bodies connected by
joints and having several degrees of rotational freedom. Some of these bodies may generate internal
torques. In contrast to external torques, which correspond to a momentum exchange betweeen the
spacecraft and an exterior element, internal torques result in the exchange of angular momentum be-
tween components of the spacecraft, without changing the overall momentum of the system [22]. As
shown in Section 3.6, ORCASat requires the inclusion of a momentum wheel, which means that the

total angular momentum of the system is now given by

hg=Jg !g+ h\év (316)

where hY¥ is the angular momentum of the wheel represented in the B frame. Using the process followed

in [16], the dynamic equation of motion of the system comprising the spacecraft and the wheel is given
by
Jg!g= ['s ]Js!s+hg) hE+ g (3.17)

Denoting the wheel torque by g  h¥, and separating the external torque into its components, the

dynamic equation of motion of the system becomes
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Jeglg= ['s ]JJsle+hf) & +gh+us (3.18)

where gf, is the total perturbative torque expressed in the B frame, and ug is the control torque provided

by the actuators expressed in the B frame.

3.4 Environmental Perturbations in LEO

A small spacecraft or satellite in orbit is a near torque-free system. However, there are some environ-
mental forces and torques that affect the attitude dynamics of a spacecraft. In LEO some disturbances
are more signi cant than others and deviate the orbit from the Keplerian model [23, 59]. In this work the
considered disturbances are gravity gradient, magnetic, aerodynamic, and solar radiation are outlined
and a model for each of them is presented. Relativistic mechanics and third-body interactions can be

neglected for spacecraft in LEO [23, 60] ,and as such will not be considered .

3.4.1 Atmospheric Drag and Torque

In LEO, atmospheric drag is a hindering force due to friction, which acts in the opposite direction to the
spacecraft's velocity. Drag is proportional to the atmospheric density, and barring localized phenomena,
decreases exponentially with an increase in altitude.

To model the aerodynamic drag force acting on the spacecratft it is necessary to make the following
assumptions: the momentum of molecules arriving at the spacecraft surface is totally lost to it; the
mean thermal motion of the atmosphere is much smaller than the speed of the spacecraft through the
atmosphere; momentum transfer from molecules leaving the surface is negligible; and, for spinning
vehicles, the relative motion between surface elements is much smaller than the speed of the mass
center [20, 23]. The aerodynamic drag force acting on a spacecraft can then be described as follows

Z
2=  H(cos ) a(vR)%2cos dA¢R (3.19)

where H is the Heaviside function, is the angle of attack of the spacecraft, vR is the velocity of the
local atmosphere relative to a surface element, and R is the unit vector in the direction of vR. The local
velocity can be expressed as

R

V= vRo (3.20)
C

where v is the velocity of the atmosphere in relation to the spacecraft's center of mass, ! is the angular
velocity of the spacecraft body frame B relative to the ECl frame | , and , locates the differential element
dA in relation to the orbiting body's center of mass.

To compute the aerodynamic torque, the same assumptions made for the the aerodynamic drag are

used to model the aerodynamic torque [22]. It can be expressed as
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Z
g2= H(cos ) a(vR)?cos dA R (3.21)

where H is the Heaviside function, is the angle of attack of the spacecraft and vR is the velocity of the
local atmosphere relative to a surface element, ¥R is the unit vector in the direction of vR and is the
position of dA with respect to the center of mass of the orbiting body. The main effect of the aerodynamic
forces is the circularization of the orbit and a decay of the orbit altitude [61]. The effects of aerodynamic
torques in spacecraft is similar to those of aircraft dynamics and can either be detrimental to the desired

spacecraft motion or be used as a means of passive stabilization [62, 63].

3.4.2 Solar Radiation Pressure and Torque

Solar radiation pressure (SRP) affects the spacecraft through momentum exchange between the space-
craft and photons incident on its surfaces. Unlike other sources of perturbation, the SRP is not present
when the spacecraft is in eclipse. However, it is a signi cant disturbance that generates periodic varia-
tions in the spacecraft's motion.

The SRP model assumes: that the momentum of photons impacting the surface is fully absorbed
by the surface, as the force due to thermal radiation emitted from the spacecraft is insigni cant, and
can be ignored; the Sun is the only source of radiation interacting with the spacecraft; the spacecraft's
self-shadowing is ignored; and, for spinning vehicles, relative surface velocities are negligible [23].

Excluding events such as abnormal solar activity, SRP is considered constant in the vicinity of Earth,

and is expressed as py. The force it exerts on the spacecraft is given by [23]

= pAyS (3.22)

where § is a unit vector pointing from the spacecraft in the direction of the Sun, and A, is the total
projected area seen by the radiating eld.
To model the torque caused by SRP the same assumptions for the SRP force model are considered.
The torque expressed in components of frame B is given by [23]
h
9°= pAp & s (3.23)
where c§ is the center of pressure de ned in components of B, where p is the solar radiation pressure,

A, is the total projected area seen by the radiation eld, and 8g is the unit vector pointing from the

spacecraft center of mass to the Sun represented in terms of B.

3.4.3 Magnetic Torque

The Earth generates a magnetic eld which can have a signi cant effect on spacecraft in its vicinity.
When the spacecraft has a magnetic dipole moment this interaction translates in to a torque mechanism

expressed by [23, 64]
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Un=m b (3.24)

where m is the magnetic dipole moment, and the b is the Earth's magnetic ux density.

The magnetic moment of a spacecraft can have purposeful intentions such as when the spacecraft
is equipped with permanent magnets, magnetorquers or coils. These are design options that allow for
the spacecraft to generate external torques, which are very useful because they allow for the control of
the satellite's motion and stability [22].

There is also a detrimental magnetic moment, which is designated in this thesis as parasitic magnetic
dipole moment, generated by other spacecraft elements such as electronic systems, current loops and
scienti ¢ instruments which can in some cases disturb signi cantly the attitude motion of a spacecraft
[65].

3.4.4 Gravity Gradient Torque

An important step in specifying the rigid body equations of motion for a given application is to develop a
deep understanding of the torques that are applied to the studied system.

The gravity gradient torque exerted on a spacecraft in orbit around the Earth, makes the assumption
that both bodies are considered rigid, and the motion of the two bodies around the center of mass of the
system is approximated to the motion of the spacecraft around the center of mass of the Earth.

To understand the nature of the gravity gradient torque it is rst necessary to recall Newton's Law of

Universal Gravitation

GMdm
r2

dfy = 8, (3.25)

where G is the universal gravitational constant, M is the mass of orbited body, dm is a mass element of
the body in orbit, r is the radial distance from the mass center of the orbited body to the mass element,
and &, is the unit vector from the mass center of planet to the mass element. The vector &, can be
expressed as one of the unit vectors in the orbital frame O, as &, = 03

It is convenient to write the position vector of a mass element of a orbiting body as the sum of the
position vector from the center of the planetary body to the center of mass of the body in orbit $r, and
the vector from the center of mass of the orbiting body to the differential mass element .r, and can be

expressed as follows

r=Sr+.r 3.26
o]

The gravitational force acts on every element of the orbiting body. By integrating the differential force
represented by 3.25 over the whole body volume is possible to calculate the total force applied to the

body. Therefore

GM
r2

&,dm (3.27)

—h
=)
|

B
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or equivalently 7

M
fg = G—Srdm (3.28)
g T
or alternatively, applying the equality 3.26
Z
M
fg = 673(3 +c.rdm (3.29)
B Sr+er

In the integrand, the vector .r is the only variable that depends on the differential mass element. How-
ever, in general, the integral cannot be computed in closed form. In effect, this requires the expansion

of the integral considering that

Cr of (3.30)

With the assumption expressed in 3.30, the expansion of the integral into a Taylor Series is presented in

[59]. The resulting integral approximation is given by

Z

fg = c3 (3.31)
B 0
or
GMm
fg = TE °r (3.32)
(o]

Using the result from 3.32, and readmitting that r is the position vector from the the planetary body to
the center of mass of the orbiting body, it is possible to apply Newton's Second Law to the system and

obtain

GM
T+ 3 r=0 (3.33)
recognizable as the two-body vector equation of orbital motion.

The next required development is to obtain an expression for the moment about the center of mass
of the orbiting body. This moment can also be expressed as an integral over the whole body volume, as

follows

9g = of  dfg (3.34)
B

Based on the assumptions used to obtain the approximate force on an orbiting body, an expression

for the approximate moment about the orbiting body's center of mass, and can be obtained as follows

GM

9C23rT

g 63 1I° 63 (3.35)

Expressed in a body- xed reference frame, the gravity-gradient torque is given by
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GM
géa =3 rTosa I°03g (3.36)
Drawing on [59] it is possible to say that 0zp is the third column of the rotation matrix C8. Usually, as
the moment and the moment of inertia are about the center of mass, and the vectors are expressed in
B, then the notation can be simpli ed to

GM c

gy =3 r—sog 03 (3.37)

The gravity gradient torque affects the motion of all orbiting bodies but in particular those in close

proximity to a planetary body such as spacecraft in LEO.

3.5 Spacecraft ADCS Design

This Section provides the different ADCS architectures available for LEO spacecraft missions. An ADCS
architecture that can satisfy the mission requirements is then chosen, from which stem subsequent
developments to the ADCS design.

The ADCS design process is elegantly outlined in [21]. In this reference the possible stabilization
methods, and corresponding sensor suite requirements are de ned, as shown in Tables 3.1 and 3.2,

respectively.

Table 3.1: Typical pointing ability and accuracy of spacecraft stabilization methods. Adapted from [21].

Stabilization Method Pointing Ability Typical Accuracy [deg]
Gravity gradient Nadir pointing 5 (3 axes)

Gravity gradient with momentum bias wheel Nadir pointing 5 (3 axes)

Passive magnetic North-South 5 (2 axes)

Active magnetic with momentum bias wheel Active pitch control 5

Zero momentum with thrusters Full 3-axis control 0.1to1l

Zero momentum with 3 orthogonal wheels Full 3-axis control  0.001to 1

Table 3.2: Sensor suite for a required pointing accuracy. Adapted from [21].

Required Pointing Accuracy [deg] Sensor Suite Requirements

>5 Sun Sensors and Magnetometer

1to5 Sun Sensors and Horizon Sensor

01to1l Star Tracker and Horizon Sensor

<0.1 Star Tracker and High Performance Gyroscopes

3.5.1 Passive Control Methods

Passive control is often easy to apply, inexpensive, and tend to be robust. However, these methods

typically do not provide stabilization over all three axes of a spacecraft. Moreover, passive stabilization
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methods do not provide good accuracy, and it is therefore necessary to implement complementary active

stabilization elements [66].

Gravity Gradient Stabilization

Gravity gradient control uses the inertial properties of a spacecraft to keep it nadir pointing, i.e., Earth
pointing. This technique relies on the fact that an elongated object in a gravity eld tends to align its
longitudinal axis through the Earth's center of gravity. However, this methodology has limitations. The
torques, which cause the alignment, decrease with the cube of the orbit radius. They are symmetric
around the nadir vector, leaving the spacecraft unable to in uence its yaw around the nadir vector,
constraining the use of this method to missions in LEO with no yaw orientation requirements. The use
of this methodology usually requires the deployment of a boom to achieve the desired inertias. Another
requirement for this method is a strategy for ensuring attitude stabilization with the correct end of the
spacecraft nadir pointing, as the gravity gradient torques make either end of the spacecraft along the
minimum inertia axis equally stable [21].

If yaw control is also required it is possible to complement this methodology with a small momentum

wheel along the intended pitch axis [21, 67], or with the use of magnetic actuators as in [68].

Passive Magnetic Stabilization

Another passive control uses permanent magnets that align the generated magnetic dipole moment
with the local Earth's magnetic eld. This is a 2-axis stabilization strategy, which is most effective in
near equatorial orbits where the eld orientation stays almost constant for an Earth pointing spacecraft
[21, 66, 69].

Spin Stabilization

Spin stabilization is caused by spinning the satellite about a stable axis. This creates a gyroscopic effect,
making it hard to change the attitude in the spin stabilized axis.

As found in reference works such as [20, 22, 23, 61], a spin axis of a spinning spacecraft in torque-
free motion can be stabilized about an inertially xed direction. The spin axis of a rigid body spinning
about either its major or minor axis of inertia is in nitesimally directionally stable, and Liapunov stable
for a major axis spin.

The principle of spin stabilization has been extensively used on many spacecrafts and continues
to have many applications. Properly used, it is an effective method of keeping the spacecraft's major
inertial axis pointing in an inertially xed direction. Furthermore, even spacecrafts that have active
attitude control systems for nominal operation are frequently spin stabilized in an initial phase of their
mission [23].

Many spacecrafts are not symmetric, therefore, it is often challenging to spin stabilize the satellite.
In order to get spin stabilization, an active control actuator must be included [66]. Spin stabilization

normally requires active control, such as mass expulsion or magnetorquers to periodically adjust the
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spacecraft's attitude and spin rate, to counteract perturbing torques or to dampen the nutation caused

by disturbances and precession commands [21].

3.5.2 Active Control Methods

In order to get high accuracy on the attitude control, active stabilization methods are often required. For
the most part, these methods 3-axis stabilize spacecrafts, and today are more common approaches
than spin or gravity gradient stabilizations. They maneuver and can be stable and accurate depending
on their sensors and actuators, but they are also more expensive and harder to implement. The control
torques about the axes of any 3-axis stabilized systems can come from a combination of momentum
wheels, reaction wheels, control moment gyros, thrusters, or magnetorquers. These methods can be
divided broadly in two types: one uses momentum bias by placing a momentum wheel along the pitch
axis; the other, called zero momentum, by placing a reaction wheel on each axis. Either option usually

needs thrusters or magnetorquers to complement the wheels [21].

Zero Momentum Stabilization

Either through the use of thrusters, reaction wheels, magnetorquers, or a combination of these elements,
it is possible to 3-axis stabilize a spacecraft.

For small satellites, such as CubeSats, the most common zero momentum stabilization uses reaction
wheels, which can exchange angular momentum with the spacecraft. These wheels typically operate at
zero nominal rotation speed. This method provides a very fast response, and is able to act independently
on the three axes.

The disadvantages of these wheels are high power consumption, high cost, large volume, and the ex-
istence of moving parts, which are common failure points. Due to secular disturbances, wheels typically
become saturated and require desaturation, which is usually achieved with magnetorquers.

Zero momentum stabilization can also be achieved with thrusters. However, this technology is very
costly, large in volume and mass, and has a limited lifetime due to the use of fuel. Additionally, thrusters
usually use liquid propellants, which are hard to model, which imply a more complex spacecraft model
[21].

Momentum Bias Stabilization

Momentum bias stabilization typically consists of one high spinning wheel with its spin axis mounted
along the pitch axis, normal to the orbit plane. The wheel is run at constant high speed to provide
gyroscopic stiffness to the spacecraft, just as in spin stabilization, which also produces similar nutation
dynamic. With this sort of system the spacecraft can control attitude around the pitch axis by torquing
the wheel, slightly increasing or decreasing its speed. Alternatively, attitude corrections on the orbital

plane can be made with magnetorquers, which can also be used to desaturate the wheel [21, 42].
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3.6 ORCASat ADCS Architecture

This Section presents the selected architectures for the ORCASat ADCS, and makes a brief considera-
tion on the decision process.

The ORCASat mission pro le is de ned by the Altair and CHIME payloads requirements, which
impose that the payload must be visible to the ground based observatories for the duration of any orbit,
and nadir pointing with a 10 pointing accuracy and a 2 knowledge accuracy.

Having established the most stringent requirements, the next step is to select the control modes for

the mission [21]. For ORCASat three attitude control modes are selected.

Detumble Mode: Determination of angular rate is made, and the angular rates are controlled
to drive the spacecraft below a threshold angular rate value. This mode is generally used after

deployment, and to recover from high angular rates.
Nominal Mode: Full attitude determination is obtained, and nadir pointing attitude maintained.

Safe Mode: This mode functions as a a fallback that is activated if any of the other modes fail, or

the system needs to be disabled to meet power constraints.

With the control modes selected the determination and control architectures are nally chosen.

ORCASat Attitude Control Architecture

Among passive stabilization alternatives presented, the use of permanent magnets cannot provide the
necessary 3-axis control required for nadir pointing on an ISS orbit. The use of spin stabilized methods
cannot provide continuous nadir pointing capability either, and therefore inapplicable to the ORCASat
mission. The zero momentum stabilization alternatives are not viable methods for the ORCASat as they
surpass the mass, volumetric, and cost budgets for the project. The Gravity Gradient control strategy
could in theory achieve the mission requirements. However, the design strategy set out by the ORCASat
team dictates that deployment mechanisms should be avoided [9]. Consequently, this method was
rejected as a possible control option. This leaves only one feasible option that provides a nadir pointing
stabilization: Momentum Bias Stabilization using a momentum wheel, with active control provided by

three orthogonal magnetorquers, which also provide the means to detumble the spacecraft.

ORCASAT Attitude Determination Architecture

As suggested in Table 3.2 a determination system equipped with Sun sensors and magnetometers can
provide the desired attitude pointing. Furthermore, as suggested in [21], the Sun sensors and magne-
tometer are adequate for attitude determination at approximately 2 accuracy. The exclusive use of Sun
sensors is not viable because the mission requires high attitude determination during eclipse, where
Sun sensors cannot operate. The inclusion of a magnetometer can counter attitude estimation devia-
tions which can accumulate overtime if only inertial sensors are used to update the attitude. The use

of both reference sensors allows the determination system to operate within parameters for the duration
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of any orbit. Although gyroscopes cannot be used alone for attitude determination, their inclusion can
signi cantly improve the attitude estimation together withreference sensors [66]. A GNSS receiver is
also required to determine the position and time, both crucial for attitude determination [70]. Therefore,
the sensor suite for ORCASat consists of a set of Sun Sensors, magnetometers, gyroscopes, and a
GNSS receiver.

In sum, to implement the chosen architecture into the ADCS simulator requires the establishment of
the hardware characteristics, determination algorithms, and control algorithms, detailed in Chapters 4,

5, and 6, respectively.
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Chapter 4

ADCS Hardware

4.1 Sensors

This chapter provides a brief description of ADCS hardware, and presents the hardware components

and characteristics selected for ORCASat.

4.1.1 Magnetometers

Magnetometers are sensors that provide both the direction and magnitude of the magnetic eld. They
are a readily available technology for small satellite implementation, as discussed in [25]. Most space-
craft magnetometers are uxgate magnetometers, which are relatively small, lightweight, rugged, and
inexpensive. They have no moving parts, and do not require a clear eld of view. If they are to be
used as reference attitude sensors they require a well-modeled magnetic eld, which limits their use to
LEO, where the Earth's magnetic eld is mapped and secular variations are known. If magnetometer
measurements are only used to compute magnetic torque commands, and are not used as reference
sensors, a magnetic eld model is not required [20, 23, 71].

Magnetometers measure the sum of the ambient eld of interest and any local elds produced by the
spacecraft. Local elds can be produced by attitude control actuators such as magnetorquers, or by the
residual magnetic dipole moment generated by the presence of ferromagnetic materials, current loops,
electric motors, or payload instruments, as described in Subsection 3.4.3. If the local elds are known,
they can be compensated for. If they are not, the magnetometers can be located far from the sources of

magnetic contamination [22].

4.1.2 Gyroscopes

Gyroscopes are inertial sensors that measure the angle of rotation or the angular rate in relation to in-
ertial space, without any knowledge of an external reference. They are used in spacecrafts for precision
attitude sensing when combined with external references, such as star or sun sensors.

The main gyroscope types used in small spacecraft are ber optic gyroscopes (FOG) and micro
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electro-mechanical system (MEMS) gyroscopes, with the former offering better performance at a mass
and cost penalty [25]. For CubeSat implementation, gyroscopes are commonly grouped together with
accelerometers, designated inertial measurement units (IMU) which provide added position and veloc-
ity sensing [20]. Today, it is also common to have integrated 9-axis sensors, which provide an IMU's

capabilities to a 3-axis magnetometer.

4.1.3 Sun Sensors

Sun sensors are used to provide an estimate of the location of the Sun in the spacecraft body frame,
which in turn can be used as an input in attitude estimation [25]. They are popular, accurate and reliable,
but require clear elds of view, and their usage is limited to sunlight portions of the orbit [20].

There are two types of Sun sensors, named coarse sensors, and ne sensors. Coarse Sun sensors
are usually built from silicon photodiodes, which only provide a non-directional cosine reading. A mask is
sometimes applied to shadow a portion of one or more photocells, which can be con gured to yield a 2-
axis sensor [25]. Most ne Sun sensors rely either on arrays of slits, or reticles with linear photosensitive
surfaces behind them. Other ne sensors have a pinhole in place of the light-gathering optics, which
are not needed because of the Sun's brightness. Resolutions of Fine Sun sensors range from 1 to less

than 1 arcmin [22].

4.1.4 GNSS Receivers

In attitude determination and control, position and time accuracy are paramount. Many of the reference
frames used in this work require this information to correctly de ne the orientation of the spacecraft.

Global Navigation Satellite Systems (GNSS), such as GPS, GLONASS, Galileo, BeiDou, and IRNSS,
are constellations of satellites that transmit signals, which are received by spaceborne GNSS receivers.
If enough satellites are in view, typically four of a constellation, the receiver can provide instantaneous
position and velocity, as well as time information for onboard use [70]. The four-dimensional nature of the
GNSS navigation information distinguishes these spacecrafts tracking systems from others, such as the
ground based NORAD Two Tine Element methodology [72]. For LEO spacecrafts, GNSS receivers are
now the primary method for performing orbit determination, replacing ground based tracking methods,
and their use in small spacecraft is widespread [25].

Besides their usefulness for precise orbit determination and onboard attitude determination, GNSS
receivers have also demonstrated their utility for onboard time synchronization, geocoding of payload
information, and payload activation [70].

Accuracies for GNSS based real-time navigation of a spacecraft in LEO are of the order of 10m
for kinematic single-frequency solutions, and below 1m using dual frequency receivers and dynamical
Itering. Associated timing accuracies for onboard clock synchronization are generally better than 1s
[25].

GNSS receivers are power intensive systems, and an effort has been made to make them available

for small spacecrafts such as CubeSats. To have GNSS receivers operating at high duty cycles is still
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very demanding for most CubeSat missions, as many CubeSats use GNSS receivers only as a periodic

update for onboard orbit propagators [72—74].

4.2 Actuators

4.2.1 Magnetorquers

Magnetorquers create a magnetic dipole moment m, which in turn generates a torque when interacting

with the Earth's magnetic eld. The relation is as follows

u=m b (4.1)

where m is the magnetic dipole moment, and the b is the Earth's magnetic ux density.
The simplest magnetorquers are made of a number of wire loops N, with a given loop area A.

Sending a current | through the generated solenoid produces a magnetic dipole moment expressed as

m=NIA 4.2)

where A is the area vector, determined by a right hand rule in the orthogonal direction to the plane
de ned by the loops of a linear solenoid, and N the number of turns in the solenoid. This relation
has the advantage of being a perfectly linear function of the current, but large areas or many turns
are required to produce the dipole moments needed by many spacecrafts. In some instances these
characteristics can surpass the spacecraft's critical constraints, such as dimensions, mass allowance,
or power output.

To overcome the need to increase the solenoid dimensions to further increment the produced mag-
netic dipole moment, one of the simplest solutions is to wrap the solenoid around a ferromagnetic core
thus increasing the magnetic dipole moment [22]. The use of ferromagnetic cores or other similar ma-
terials introduces a number of phenomena that are signi cant and must be quanti ed. The rst of these
phenomena is the existence of magnetic hysteresis. This means that the ferromagnetic core has a
maximum value of magnetic moment dipole, known as the saturation value, which occurs when all the
elemental magnetic dipoles in a ferromagnetic material are arrayed in the same orientation [75].

Another characteristic of these systems is their residual dipole, which occurs when no current is
applied to the coil. The sign of the residual dipole depends on the direction from which the zero-current
condition is approached, as the hysteresis curve is traversed in a counterclockwise direction. For most
commercially available torque rods, the residual dipole moment is less than 1% of the saturation moment,
and the dipole moment is an approximately linear function of the current for dipole moments of at least
80% of the saturation value.

Another attribute of particular interest in small satellite's actuator design is the use of cores with
magnetic permeability that allows the dampening of angular oscillations, and the removal of spin rates.

This phenomenon occurs in magnetic permeable cores as they suffer magnetization changes due to
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the Earth's magnetic eld, thus transforming the spacecraft's kinetic energy into hysteresis and Foucault
current losses, which function as a motion dampener [76].

The time constant is another signi cant parameter in the design of these actuators. Typically, a
magnetorquer's inductance should have low values in order to have small time constants. Depending on
the mission requirements, the time constants should typically not exceed the second or even millisecond
order of magnitude. Having low values allows for the activation and deactivation of a magnetorquer,
while keeping a negligible transient behaviour [50].

A detailed design process for a cored magnetorquer is described in Appendix A

4.2.2 Momentum Wheels

A momentum wheel is a ywheel designed to operate at a biased momentum. It provides a momentum
storage capability about its rotation axis, which is usually xed on the spacecraft. Momentum wheels
can operate at either a constant or a variable speed, and can be used to control the spin rate and attitude
about its rotation axis. This sort of component can be used to add stability against disturbing torques,
to absorb cyclic torques, and to transfer momentum to the spacecraft body for the execution of slewing
maneuvers; it also provides a variable momentum that allows a spacecraft to spin at one rotation per

orbit, characteristic for nadir pointing missions [20].

4.3 Hardware Selection

The preliminary selection of the reference components stems from the trade-off analysis made in [9]. The
described trade-off philosophy intends to create a reliable system that attempts cost saving strategies
while keeping the subsystem within mission parameters.

Commercial off-the-shelf (COTS) Integrated ADCS solutions were rejected as it would be unfeasible
to integrate them into the CubeSat's existing structure design. A fully in-house developed ADCS was
also rejected as to produce high delity components with the available personnel and equipment is
unfeasible. Another option was the acquisition of COTS solutions for each component of the hardware,
which was a more reasonable approach; however, it was rejected in favour of a balanced approach,
where some elements are developed in-house and others are COTS components.

The balanced approach allows for more savings than buying all components COTS, as it allows
the production of in-house hardware that has similar delity to more costly commercial options. Given
this strategy, the preliminary component selection and modelled characteristics for the simulator are

presented below.

4.3.1 Attitude Determination Sensors

Sun sensors are expensive equipment but the development of in-house components is unfeasible due
to the high delity required from these reference sensors. The selected sun sensors are the SS200 by

Hyperion Technologies. These sensors have a eld of view of up to 110 , which allows for a smooth
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transition between the measurement ranges of two sun sensors on adjacent faces of the satellite [77].
Four orthogonally placed sensors are required for the ORCASat. As shown in [78], for a one year mis-
sion the minimum number of sensors required to maintain full sensor visibility in nominal nadir pointing
orientation is four. For the ADCS simulator a full sensor coverage approximation is made. The modelled

characteristics of the component are outlined in Table 4.1.

Table 4.1: Sun sensor model speci cations [77].

Sun Sensor
SS200
Model Speci cations
Field-of-view [deg] 110
Nominal accuracy [deg] <1
Maximum sampling rate [Hz] 100
Sensitivity [rad/LSB] 0.0022

Noise standard deviation [rad] 0.003

Taking advantage of sensors that enable sensing of more than one of the desired physical quantities
provides a cost saving opportunity. With respect to the magnetometer and gyroscope the selected
sensor is the LSM9DS1. This sensor is a 9-axis IMU from ST Microelectronics that provides gyroscopic
and magnetic sensing. The modelled characteristics for the magnetometers and gyroscopes are outlined

in Tables 4.2 and 4.3, respectively.

Table 4.2: Magnetometer model speci cations [79].

3-axis Magnetormeter
LSM9IDS1 (9-axis IMU)

Speci cations

Measurement range [G] 4to 16
Maximum sampling rate [Hz] 100 to 400
Sensitivity [MG/LSB] 0.14to 0.58

Noise standard deviation [mG] 0.15

Table 4.3: Gyroscope model speci cations [79].

3-axis Gyroscope
LSM9DS1 (9-axis IMU)
Speci cations
Measurement range [deg/s] 245 to 2000
Maximum sampling rate [Hz] 100 to 400
Sensitivity [(deg/s)/LSB] 8.75t0 70
Static bias vector [deg/s] [0.4 0.050.7]

Even though the GNSS receiver is not modelled into the ADCS simulator the hardware selection was
made - the OEM719 from Novatel [80]. This component was chosen in part because it can be unlocked

for orbital operations, and has a reasonable cost when compared to similar competitors.
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4.3.2 Actuation Components

To provide the budget with a cost saving opportunity, the magnetorquer set will be built in-house. The
magnetorquer set consists of a three orthogonal elements with equivalent characteristics. The three
magnetorquers are oriented in each of the spacecraft body's axis. Two of the elements are ferromagnetic
magnetorquers, and the other one is an air core magnetorquer. A wire redundancy per magnetorquer
is included to maintain the system operational in case of coil failure. The inability to use three cored
magnetorquers derives from the volumetric constraints of ORCASat. To ful Il the in-house development
a dedicated team is producing the necessary equipment and the required tools. Initial studies, using
elements presented in Appendix A, show that the speci cations, outlined in Table 4.4, are feasible for

both types of magnetorquers.

Table 4.4: Magnetorquer model speci cations.

Magnetorquer
Developed in-house

Speci cations
Nominal Magnetic dipole moment [Am?]  0.25
Coil time constant [ms] 1

Due to the known issues that affect momentum wheels, such as bearing failures [21] and complexities
associated with the manufacturing and calibration processes [18], the option was to select a COTS
momentum wheel. The preliminary selected component is a RW-0.03 from Sinclair Interplanetary, which
has ight heritage in twelve nanosatellite missions [81]. This wheel is able to function as a stabilizer in
nanosatellites with higher inertia than the ORCASat's. As such the RW-0.03 wheel should provide
momentum storage in excess of the necessary to stabilize the ORCASat on the orbital plane. The

modelled characteristics of the component are outlined in Table 4.5.

Table 4.5: Momentum wheel model speci cations.

Momentum Wheel
RW-0.03

Speci cations
Nominal Momentum storage [Nms] 0.03
Torque at half nominal spin [MNm] 2
Torque at full nominal spin [MNm] 0.5
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Chapter 5

Attitude Determination

This chapter presents the attitude determination algorithm implemented into the ORCASat ADCS simu-
lator. Attitude determination, also known as attitude estimation, is the process of estimating the current
attitude of a system from a set of observations [22]. The inclusion of this algorithm provides for more re-
liable simulations, where estimation errors are introduced to verify whether their inclusion into the model

maintains the mission requirements.

5.1 Multiplicative Extended Kalman Filter (MEKF)

Some of the most popular recursive attitude determination methods for spacecraft are based on the use
of Kalman Filters (KF) [22]. Kalman lItering assumes that a system can be described through a linear
model corrupted by process and White-Gaussian measurement noises. The selected KF functions by
iteration of three steps: measurement update, state vector reset, and propagation to the next measure-
ment time. The measurement update step updates the error state vector. The reset moves the updated
information from the error state to the global attitude representation, and resets the components of the
error state to zero. The propagation step propagates the global variables to the time of the next repre-
sentation. The error state variables do not need to be propagated because they are identically zero over
the propagation step [16]. The operation of the KF is outlined in Figure 5.1. The notation in this section
uses the hat symbol b to indicate an estimate, and the tilde symbol to indicate a measurement €.

This section presents a Multiplicative Extended Kalman Filter (MEKF) suggested by Rondao in [16]
for attitude estimation of a CubeSat, which is implemented into the ORCASat ADCS simulator. The
MEKEF algorithm was, in turn, based on the formulation for MEKFs presented in [28].

This algorithm is used to sequentially estimate the attitude and angular velocity of a spacecraft with
a number of attitude sensor measurements, and 3-axis gyroscopic readings. In this MEKF formula-
tion, quaternions are used to take advantage of their speci c properties, as discussed in Section 2.2.
Notwithstanding, the quaternion must obey a normalization constraint, which can be violated by the lin-
ear measurement updates associated with standard Extended Kalman Filter (EKF) approaches. The

use of the MEKF overcomes this de ciency by using a multiplicative error quaternion, where higher or-
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Figure 5.1: Operation of the Kalman lter. Taken from [16]. The initialization provides initial estimates
for the state ® o and covariance matrix P . The recursive loop then begins with an a priori state estimate
Ry 41 » and covariance matrix P, ,, of the next measurement instance is obtained from a process model.

The measurement ¥y, is used to update the state estimate to ®,, and covariance matrix to Py, ,
reducing the estimation error.

der terms can be neglected, which allows the four components of a quaternion to be replaced by the

three component error vector.

As explained in [28], under ideal circumstances, such as small attitude errors, this approach is very
effective. The formulation presented here processes a single vector measurement at each time, which

has the advantage of reducing computational burden on the onboard processor.

This MEKF uses the Murrel formulation, which takes advantage of the linearity of the update process
to use the superposition property. This means that the update stage can simply be run repeatedly for
each measurement before the next propagation stage, thus maintaining the developed Iter structure
[16].

The MEKEF for attitude estimation begins with the quaternion kinematic model, as shown in Section

3.2, repeated here

a=3(a) ®= (! 51)

where g is the quaternion that represents the rotation from the ECI frame | to the spacecraft body frame
B, g is the time derivative of q, ! I g is the representation in the B frame of the angular velocity of
the spacecraft rigid body with respect to the | frame, where the subscript is dropped for convenience,
and (! (t)) and ( q) are given by Egs. (3.11) and (2.25), respectively. Due to the dependency of the
kinematics on the evolution of ! (t), this information is required for this MEKF formulation. As such, this

information is included in the state vector, such that

2 3

x(t) = 4?85 (5.2)
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h iT
The quaternion q e’ @ mustobey anormalization constraint given by q'q=1.
The estimation error for the MEKF formulation uses the multiplicative error quaternion in the body

frame, given by

q=q q ‘! (5.3)

where
q e’ a4 (5.4)

Taking the time derivative of Eq. (5.3) gives

a=q q'+q ¢ (5.5)

Taking the expectation of Eq. (5.1), in turn, results in

1 1
4= (=31 (5.6)
h iT
Taking the time derivative ofq ¢ 1= 0 0 0 1 gives

¢ g'+aq 6'=0 (5.7)
which substituting in Eq. (5.6) gives
1 Al 1 1_
>(Ma g +4 ¢ =0 (5.8)
h iT

Referring to the de nition of (") in Eq. (3.11), and rememberingthatq ¢ '= 0 0 0 1 ,Eq.

(5.8) becomes

23
14"5 1
5 +q ¢ =0 (5.9)
0
which, solving for & ! yields
2 3

1 n

¢'= 34' 45 (5.10)
2 0

Furthermore, it is shown in [28] that the evolution of q is given by

2h i3 2 3
n 1,!
g= 4 5 e+i4'5 g (5.11)
0 2.0
where ! I Misthe error angular velocity. The rst-order approximation is given by
h i 1
e= n e+ > ! (5.12a)



w=0 (5.12b)

which assumes that the true quaternion is near to the estimated quaternion q, 1.
The MEKF also requires a sensor model for the gyroscopes, which measure the angular rate of the
spacecraft. For this sensor, a widely used model is given by the rst order Markov Process [28], as

follows

I =+ v (5.13a)

= (5.13b)

where  is the measured observation, is the gyroscopic bias vector, and , and  are zero mean white
Gaussian noise processes with spectral densities 213 and 213, respectively. The estimated angular

velocity is as follows

h=4 (5.14)
The estimated bias differential equation is
=0 (5.15)
Remembering the de nition of the error angular velocity ! I I, and substituting the elements
by the results of Egs. (5.13a) and (5.14) gives
b= ( + ) (5.16)
where ", and which substituting into Eq. (5.12a) gives
h i 1
e= nr e S( + ) (5.17)
Taking the small angle simpli cation where e = 2,and where  has components of roll, pitch,
and yaw error angles for any rotation sequence [28], Eqg. (5.17) becomes
h i 1
= r 50+ ) (5.18)
which minimizes the use of factors of 2 and 1=2 in the MEKF formulation.
The MEKF error model is now given by
x(t) = F(t) x(t)+ G(t)w(t) (5.19)
h iT
where  x(t) T(t) T(t) ,and F(t) and G(t) are, respectively, the state dynamics and noise
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matrices, while the process noise w T T has spectral density given by Q(t). These matrices

are described as follows

2 3
n |
F()= 4 (] 5 (5.20a)
33 033
2 3
I3 03 3
G(t)=4 5 (5.20b)
03 3 I3
2 3
2l3 03 3
Q)= 4 5 (5.20c)
03 3 Zl3

The post-update estimates for the angular velocity and the quaternion are given respectively by ",

and @ . The propagation is found using

O = k(M0 (5.21)
with
2 h i N 3
cos¢ ™ t)l N .
(M) =4 G " A)s k k 5 (5.22)
()T cosG Mg )t
where
A 1 n
K sm(E P t)y\i+ (5.23)

k

and t is the sampling interval of the gyroscope. Given a post-update estimate "; , the post-update

angular velocity, and propagated gyroscopic bias are as follows

ne=d4, (5.24a)
el =Y (5.24b)

As can be observed the propagated gyroscopic bias estimate is equal to the previous update, which
is due to the propagation model in Eq. (5.15).

The discrete propagation of the covariance equation is given by

Pior = kPr &+ «Qk & (5.25)
where  is given by
3
| 0
(=4 2 755 (5.26)
03 3 I3
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The discrete error-state transition matrix can also be derived using a power series approach, and is

described by

3
=4 5 (5.27)
21 22
with
h i ; + h i +
1 sin( M t) 21 cos(h t)
n=ls n — +on " 5 (5.28a)
M N
h i + h i + ; +
B 1 cos( My t) 2. n t sin( My t)
2= My n ls tny 2 (5.28b)
21=03 3 (5.28¢)
22 = |3 (528d)
The discrete process noise covariance matrix can be approximated by
2 3
2 12 3 12 2 |
Q=4 v TEa 20 T g (5.29)
1212 13 2t 13

Using a measurement model where only sensors with valid observations are used, the discrete time
observation for a single sensor measurement is given by

zi = C(q)zi + g (5.30)

where zi  (z;)g is the i-th three component vector for the measurement direction, C  CP is the DCM

from the | frame to the B frame, z;  (z;), is the i-th three component vector for the known reference
direction, and g is the sensor error column vector, which is a zero mean white Gaussian noise process

that satis es

n (0]

E eel = ils (5.31)

where Ef g is the expected value operator, and §i is the noise standard deviation of the i-th sensor.
The sensor error alters the measurement, diverging it from the ideal value z;  (z;)g. For simplicity of
exposition the subsequent derivations consider that there is only one sensor measurement available per
time step, for which

hi(R«) + Vi

yk = C(Qk)zi + ex (5.32)

where vk N (O;R;), i.e. a random variable with a zero mean Gaussian distribution, where the noise
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covariance matrix is given by

The measurement matrix is given by

h h il
Hie= C(4)(z) 03 3

Finally, the error state is updated using

1
Kk =P, Hg HyP, HI + R

h i
Re = Ky C(Oy )z

.
Pi= In KyHk P In KyHe +KReKE

where

h i
+ A
R ~OTCTT

In the nal step the quaternion and gyroscopic bias are also updated, as follows

2 3
1 A;
q;:421 5 qk
Nt — A + N+

At this point the algorithm returns to the propagation step.
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(5.35b)

(5.35¢)

(5.36)

(5.37a)

(5.37b)
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Chapter 6

Attitude Control

Most 3-axis stabilized spacecraft control systems used to be based on a sequence of rotational maneu-
vers about each control axis. However, as stated by Euler's rotational theorem, the attitude of a rigid
body can be changed between any two orientations by rotating the body about a single axis, called the
Euler axis or eigenaxis, which is xed to the rigid body and stationary in inertial space [24]. Compar-
ing the reorientation time of sequential maneuvers with the eigenaxis maneuvers the former is typically
longer than the latter, by a factor of 2 or 3 [38]. This chapter introduces various quaternion feedback
control algorithms proposed by Wie, Barba, Weiss and, Arapostassis in [24, 37, 38]. Additionally, it sum-
marizes their stability analysis, presents a gain selection method, and a method to convert the torque
controller into magnetic dipole moment controllers. Finally, the selected algorithm for implementation in

the ADCS simulator is outlined .

6.1 Quaternion Feedback Reorientation Maneuvers

Because quaternions are well suited for onboard real-time computation, spacecraft orientation is nowa-
days commonly described in terms of quaternions, and a linear state feedback controller can be consid-

ered for real-time implementataion.

The controllers presented in this section form a parallel with proportional-derivative controllers of
classical control theory [82, 83]. However, instead of the Euler angles and angular rate errors these
controllers use the attitude quaternion and angular rate errors to establish the proportional and derivative

feedbacks, respectively.

As explainend in [24], the attitude quaternion error ge = ( Ge1; Ge2; Ge3; Ges) IS cOmputed using the desired
guaternion state for a given orbital state vector, designated as commanded attitude quaternion g, =
(0c1; Oc2; Gc3; Oc4) @nd the current attitude quaternion g = (p; ¢p; G; Gu).Then the attitude quaternion is

obtained as follows

49



2 3 2 32 3
Ce1 Cca O3 G2 G171
Ce2 _ O3  Cea CGe1 G254 9 6.1)
Ce3 Cc2 O1 G4 O3f QO
Ces Cc1 Oc2 3 Cc3 G

which results from successive quaternion rotations using the quaternion multiplication and inversion
rules [38], as explained in Section 2.2.3.

For ease of analysis, and without loss of generality, the commanded attitude quaternion can be made
to be the positive identity quaternion g; = (0;0;0;1), and commanded attitude quaternion vector seg-
ment e; = (0; 0; 0). This assumption will be valid for the negative feedback torque controllers presented
in this chapter.

As derived in [22], the commanded angular velocity for the control laws described in this section
should be the angular rate of the LVLH frame with respect to the ECI frame, written in components of

the LVLH frame, i.e.,! (1 B"s) =1 8:' , Where the commanded angular velocity is given by

2 3
0

I = E krklr. Kzlk z (6.2)

kri k(02)1 vy
kr, v, k

where r; and v, are, respectivey, the spacecraft position and velocity described in the ECI frame, and
(62), is the second column of the DCM that describes the rotation from the LVLH frame to the ECI frame
Coh-

6.1.1 Quaternion Feedback Control

Of the quaternion feedback reorientation maneuvers presented in [24], the simplest feedback law for the

control torque is expressed by

u= Kee C! (6.3)

and making the simpli cation described in 6.1, the commanded attitude quaternion vector segment can
be assumed to be e; = (0;0;0). Then, for the negative feedback case, the control logic can be rewritten

as

u= Ke C! (6.4)

and as derived in [24], with the origin at e = (0;0;0), the closed-loop nonlinear system of a rigid
spacecraft with the control logic Eq. (6.4) is globally asymptotically stable for the following gain selections

Controller 1:

K =kl (6.5a)
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C = diag(cz; C2; C3) (6.5b)

Controller 2:
K= (;I (6.6a)
C = diag(cz;c;C3) (6.6b)

Controller 3:
K = ksign(g)l (6.7a)
C = diag(cz; c;€3) (6.7b)

Controller 4 :

h i g

K= J+ | (6.8a)
C = diag(cz; C2; C3) (6.8b)

where k and ¢ are positive scalar constants , | isa 3 3 identity matrix, sign( ) is the signum function,
and and are non-negative scalars. By inspection, it is clear that Eq. (6.5) is a particular case of Eq.
(6.8) where either =0\ 60or 60\ =0.IncasesEqg. (6.6) and Eq. (6.7) they approach the

origin through the shorter angular path.

6.1.2 Eigenaxis Rotation Control

The gyroscopic term of Euler's rotational equation is not signi cant for most practical rotational ma-
neuvers [24]. However, the gyroscopic element is signi cant if large angular rates are present. These
gyroscopic effects can be countered through an additional control element. The new torque control law

is thus based on Eq. (6.4), with the addition of the cancelation of the gyroscopic element as follows

u= Ke C! ! JI (6.9)

The closed-loop system with this controller is globally asymptotically stable if the matrix K 1 C is positive
de nite [38]. The simplest selection for K and C in order to satisfy the conditions is to have K = kJ, and

C = cJ where k and c are positive scalar constants. Therefore, the controller takes the following form

u= kde cJl 1 JI (6.10)

6.1.3 Eigenaxis Rotation Control under Slew Rate Constraint

If a rigid spacecraft is required to maneuver about an inertially xed axis as fast as possible but not ex-
ceeding the speci ed maximum slew rate about that eigenaxis, the saturation element must be included

in the control law [24]. The control logic that provides the desired motion is as follows

51



u= K sat(eg) cJ! ! JI (6.11)

where

K= diag(kl; ko; kg)J

o
|

= diag(ps; p2; p3)J
C=2cl

where diag( ) represents a [3 3] diagonal matrix, and k;, p;, and c are all positive scalar constants.

For this control option the maximum slew rate around the eigenaxis —max , must be de ned . This
control option is best suited to actuators with saturation such as rate gyroscopes[24]. Fort as the time
instant where there exists at least one axis such that pg(t ) = 1, and g(0)g(t) > O for all i and
t2[0;t ]

0

ki=c 90 —fmax (6.13)
q(0)

KP = kJ (6.14)

where k kip; is a positive scalar constant, then the following results are valid from a rest to rest

maneuver:
1. The rotation motion describes an eigenaxis rotation about the initial quaternion q(0).
2. The slew rate about the eigenaxis is bounded as | (t) —max » and increases monotonically
3. The attitude quaternion q(t) decreases monotonically.

4. Attimet , pg(t) =1foralli=1;23.

6.1.4 Stability Analysis

For the presented control laws the stability of the closed-loop system for general K and C matrices can
be analyzed [38]. Without external disturbances on the spacecraft motion, the dynamics equations of

the spacecraft are described as follows

J=J! J!1 C! Kqg (6.15)
1 1
= — — |
9= 59 * 50! (6.16)
Q= %! Tq (6.17)



where =1 corresponds to the control torque exactly countering the gyroscopic torque. For simplicity
of the stability analysis, it is again assumed that the commanded quaternion is [0; 0; 0; 1]. Therefore, the
error quaternion can be replaced by the current attitude quaternion. Note that the attitude quaternion for
ORCASat corresponds to the orientation of the spacecraft body axes in relation to the ECI. Assuming
that the K 1, and that K 1J are positive de nite, the Lyapunov function can be de ned as

V = %! K P+ g+g+g+(q 1)° (6.18a)

= %!TK LIl 421 @) (6.18b)

Note that V is positive de nite and asymptotically unbounded in ! . This particular form of Lyapunov

function is a generalization of Lyapunov functions used in [37, 84, 85], whose time derivative \_ is

1 1
\L = E!_TK I+ E!TK g 2q (6.19)

Assuming that K 1J = (K 1J)T, the \L can be calculated along the system trajectories are given by

\L = %! K 131 2q (6.20a)

= Ik Icrt+@a 'k g1 (6.20b)
where the second term of Eq. (6.20b) is equal to the zero function under two conditions:
1. Accurate gyroscopic torque cancellation.

2. No cancellation of the gyroscopic torque and selection of the quaternion feedback gain matrix K

such that

K 1= J+ | (6.21)

where | is a3 3identity matrix, and and are non-negative scalars. Note that these conditions
correspond to the ones presented for Controller 4 in Eq. (6.8). Using Eq. (6.21) it can be shown [38],
that K ! exists and K 1J is symmetric and positive de nite. It can then be established that for any of

the established conditions

v= 17K Ic! (6.22)

where global stability is guaranteed for K 1C > 0.

Additional discussions in [38] show that the system stability is also robust to uncertainties of the
inertia matrix, which is an important characteristic for the ADCS simulations as the ORCASat inertia
matrix suffers regular updates at the current stage of development. Furthermore, it is stated that the
closed-loop system is still globally stable even when the quaternion feedback loop is under an inertia

matrix uncertainty.
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6.1.5 Selection Method for K and C Matrices

In this subsection a method for a rst selection of the quaternion feedback gain and damping gain
matrices, as explained in [38], is outlined. To achieve an eigenaxis rotation the quaternion and damping
gain matrices should satisfy K = kJ and C = cJ, where k and d are positive scalars. Given a unit vector
along the eigenaxis , the quaternion can be expressed as

g =sin

5 (6.23)

Making the assumption that the angular rate ! is small, so that the gyroscopic term is small or that

it can be effectively counteracted if the effect is not insigni cant, then the closed loop system equation

can be approximated by

(*+ c—+ ksin E)J =0 (6.24)

With the assumption of an eigenvalue rotation, the angular rate satises ! = _ WithJ 6 0 the
equation can be rewritten as

*+c_+ ksin5 =0 (6.25)

For the gain selection an approximation can be made for 90°, where sin, 5, that provides the

well-known linear second order equation of the form

*+c_+ kE =0 (6.26)

where the damping ratio and the natural frequency ! ,, satisfy these conditions

c=2 1, (6.27)
g =12 (6.28)

It is also possible to establish a maneuver time for an eigenaxis rotational maneuver by managing

the damping ratio and natural frequency with the following approximation

tm ‘ (6.29)

6.2 Torque Control to Magnetic Dipole Moment Control

The proposed control algorithms all produce torque commands. However, the use of magnetorquers as
the actuators requires their conversion to the control magnetic dipole moment. This can be achieved
through the method presented here, as described in [86]. As shown previously, the torque of a magnetic

dipole moment generates a torque by interacting with the local Earth magnetic eld through the following
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cross product

u=m b

where u is the generated torque, m is the magnetic dipole moment, and b is the local magnetic eld, all
represented in the spacecraft body frame. Since the alignment of the three ORCASat magnetorquers
correspond to one of the axis of the spacecraft body frame, it is possible to calculate the commanded

magnetic dipole moment m directly from the commanded torque u by using the following expression

) (6.30)

6.3 ORCASat Control Modes

The discussed control laws were originally designed for actuators with continuous torque availability,
such as reaction wheels, momentum gyros, or attitude thrusters. In this thesis the selected control
algorithms are applied to the ORCASat ADCS framework, where the actuation torque is limited by the

interaction between the magnetorquers, and the local magnetic eld intensity and orientation [38].

6.3.1 ORCASat Detumble Control

Detumbling a spacecraft consists of damping the angular rates of a spacecraft to a near zero state.
Several control methods have been developed to detumble a spacecraft after its deployment, or to
remove high angular rates, considering either fully actuated systems or underactuated systems, such
as the ones proposed in [87-89]. The most common techniques for LEO operating spacecrafts use
magnetorquers for magnetic dipole moment generation to generate torques, as explained in Section
6.2, and are generally designated B-dot controllers.

Referring to the comparative study in [90] as a selection basis for the detumble mode controller, the
proposed controller for detumble mode is a formulation proposed in [91], designated as Modi ed B-dot

Controller, given by

Ko

o® D (6.31)

where kq is a positive gain, and b ! b/ ! . This control law has a signi cant advantage over other
proposed formulations of the B-dot law, such as the ones described in [87], because in the presence of
a time-varying magnetic eld the kinetic energy is strictly decreasing, i.e., it approaches zero monotoni-
cally, so that global asymptotic stability is guaranteed. A selection method for the controller gain is also

proposed in [91], and is as follows

Kg =2 ngp (1L +sini) min(J) (6.32)
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where ngrp 2 =T is the mean orbital rate, and T is the mean orbital period; i is the orbit incli-
nation and min(J) is the minimum moment of inertia of the spacecraft's inertia matrix described in the

spacecraft body frame.

6.3.2 ORCASat Nominal Control

From the algorithms introduced in Section 6.1, preliminary simulations were made to evaluate the best
candidates for nal implementation to the ORCASat ADCS simulator. Out of the discussed control
laws, the best candidate for the ORCASat ADCS controller was an Eigenaxis Rotation Control (ERC)

introduced in Subsection 6.1.2, and described by

u= ke ¢cJt I Jl

The corresponding magnetic dipole moment control law is

b2 kle+cJ! +! ]I (6.33)

Thus, Eqg. (6.33) is the rst controller implemented into the ADCS simulator.

The use of a controller with the body's inertia matrix factored into the control gains provided an inter-
esting element to the controller, due to the regular updates of the structure design, and, consequently
to its inertia matrix. This allowed for an easier gain compensation when simulating for different iner-
tia con gurations. Even though an Eigenaxis Rotation Control under slew rate constraint is arguably a
more complete controller, the constraints it imposes contributed to it not converging to the desired nadir
pointing attitude, or to a very slow convergence rate, which was easily disturbed. As such this controller
was not considered beyond initial simulation attempts.

An additional controller is also implemented, designated as Modi ed Eigenaxis Rotation Control
(MERC). The MERC is a modi cation to the ERC, where a compensation factor for large angle maneu-
vers is introduced. The modi cation is introduced to the the proportional term of the controller, where the
term is factored by the inverse of o3, similar to the controller shown in Eq. (6.6) where the proportional
term is factored by the inverse of gi. The alteration provides a power factor that ranges from 1 , when
the attitude error corresponds to the maximum 180 , to 1, when the attitude error is null. The second

torque control law is as follows

k
u= ﬁJe ca! o J (6.34)
The corresponding magnetic dipole moment control law is

b
b

3
I

5 %Je+cJ!+! J! (6.35)

which is the second controller implemented into the ADCS simulator.
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Chapter 7

ORCASat ADCS Simulations

This chapter starts by characterizing relevant simulator parameters, then it analyzes the ADCS per-
formance with resort to MIL simulations, and discusses their results. In the end, ADCS development

recommendations and strategies are presented.

7.1 ORCASat ADCS Simulator

To provide a test platform for the capabilities of the designed ADCS for ORCASat, a MIL platform is

developed using MATLAB ® and Simulink ® . Figure 7.1 provides an overview of the developed platform.

Figure 7.1: ORCASat ADCS simulator.

The simulator is divided into ve blocks - a Spacecraft Mechanics Simulator, an Attitude Controller
block, an Attitude Estimation block, a block of Sensor Models and another with Actuator Models. The
Spacecraft Mechanics Simulator includes the contents of Chapters 2 and 3, such as the reference frame
transformations, environmental models and perturbations, and the spacecraft dynamics calculations.
The Sensor Models and Actuator Models blocks include the hardware models of the magnetormeter,
gyroscope, Sun sensor, magnetorquers, and momentum wheel, described in Chapter 4. The Attitude
Estimation block consists of the recursive attitude determination algorithm MEKF, described in Chapter
5. The Attitude Controller block contains the selected control algorithms for detumble and nominal mode,

presented in Chapter 6.
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7.2 ADCS Simulator Parameters

The general simulator parameters are laid out in this section.

Orbit environment

A comprehensive study of LEO environmental impact on ORCASat subsystems is found in [7]. The gen-
eral orbital conditions established in this analysis are detailed in Table 7.1, and are used as a reference

for the simulations. The orbital elements are those typical of an ISS orbit.

Table 7.1: Base orbital and period parameters for ORCASat [7].

Parameter Unit Value
Orbit semi-major axis [km] 676824
Orbit eccentricity [-] 0:00005
Orbit inclination [deg] 51:6409
Orbit right ascension of the ascending node [deg] 1177634
Orbit argument of perigee [deg] 34:8042
Orbital period [s] 5440

Environmental Models

The environmental models are the libraries and calculation methods used by the simulator to determine
environmental conditions at a given state vector. Most models provide intensities and directions of phys-
ical quantities used to calculate the forces and torques the spacecraft is subjected to. The eclipse model
provides the availability of the Sun vector for a given location and time. The simulated environmental

models are outlined in Table 7.2.

Table 7.2: Environmental models used in ADCS simulator.

Environmental Model Model Designation Reference
Sun vector DE 421 [92]
Earth geomagnetic eld WMM2015 [71]
Atmospheric density NRLMSISE-00 [93]
Earth gravitational EGM2008 [94]
Eclipse Ray-sphere intersection [16]

Hardware Models

Most sensor and actuator model parameters are established in Section 4.3, and follow an identical
formulation to the one established in [16].

The wheel model for the simulations assumes that the wheel operates at its nominal constant mo-
mentum bias, with insigni cant torque generation. Table 7.3 outlines the orientation and maximum in-

tensity parameters of the magnetic dipole moment generation vectors, and the wheel momentum vector.
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Table 7.3: Actuator con guration.

Actuator parameter Value

Magnetorquer-1 orientation in body frame [100]
Magnetorquer-2 orientation in body frame [010]
Magnetorquer-3 orientation in body frame [001]

Wheel momentum bias orientation in body frame [0 1 0]

Simulator Con guration Parameters

The ordinary differential equation solver used for all simulations is the Dormand-Prince RK8(7) formula,
an eighth-order solver, designated as ode8 (Dormand-Prince) in MATLAB * .

The simulation time-step is chosen to re ect the expected measurement update rate for all sensors.
Unless otherwise stated, the simulations runtime is 250000s, which corresponds to approximately 46

orbits, or nearly 3 days in orbit, as outlined in Table 7.4.

Table 7.4: Simulator con guration parameters.

Simulator Con guration Parameters  Unit Value

Simulation time-step [s] 0:1
Simulation run time [s] 250000

7.3 Simulations Results and Discussion

Since some of the environmental models de ned in Table 7.2 are not valid for the actual launch window of
2021, the initial epoch for the simulation was set for an earlier date. The initial state vector representative
of the orbital parameters is described in Table 7.1.The initial attitude quaternion corresponds to an error
of approximately 180 from the nominal nadir pointing orientation, i.e., the spacecraft is zenith pointing.
The angular rate is chosen to re ect a state after the spacecraft has been detumbled. The mass,
inertia matrix, and dimensions of the spacecraft are derived from the limiting parameters established
by the launch provider [4]. Wheel momentum value is the nominal momentum output for the selected
hardware. The parasitic dipole moment value was chosen to re ect a typical value for a 2U CubeSat,
as derived from [95]. The base spacecraft parameters for the simulation are outlined in Table 7.5. Any

changes made to these parameters for a given simulation are speci ed.

7.3.1 Attitude Determination Simulations and Discussion

The attitude determination simulations are run to demonstrate that the system can achieve, and main-
tain, an attitude knowledge accuracy within 2 . To demonstrate that the determination component of
the ADCS can ful ll the set requirements, the simulations are run using the ADCS Full Model - which
includes the attitude control algorithms, the perturbative torque models, and the attitude determination

algorithms. Four simulations are presented. Two correspond to the determination algorithm running

59



Table 7.5: Base spacecraft parameters for nominal mode ADCS simulations.

Spacecraft Parameters Unit Value

Epoch [] 2019-09-15 12:00:00

Initial position in ECI [km] [ 4709800 3800579 3028966]
Initial velocity in ECI [km/s] [ 1:420 5698 4941]

Initial quaternion orientation [ [ 0:2958 0:288 0:1557 08974]
Initial body rotation rates [rad/s] [000Q]

Mass [ko] 3.6

Spacecraft inertia matrix [kg m?] [0:003 0 0; 0 G008 0;0 0 6008]
Wheel momentum [Nms]  0:03

Parasitic dipole moment in body frame  [Am?] [0:007070000707]

Spacecraft Dimensions [mm] [227 100 100]

while the spacecrraft is in detumble mode, and the other to a situation where the ADCS nominal mode
is in operation. The simulations are then broken down into two sets of initial quaternions estimates,
corresponding to initial estimate errors of 78 and 145, detailed in Table 7.7. For these simulations the
nominal mode controller parameters are given in Table 7.12, and the detumble mode controller param-
eters in Table 7.9. The detumble simulation time is 25000s.

The MEKF formulation, presented in Chapter 5, allows the update of several sensors successively.
This characteristic permits the system to update the magntometer and gyroscope measurements through-
out the entire orbit, and to update the sun sensors if the spacecratft is not in eclipse, i.e., if the sensors
have line-of-sight to the Sun. The MEKF parameters are detailed in Table 7.6, and its initial estimates

are detailed in Table 7.7.

Table 7.6: Kalman Iter parameters for ADCS simulations [16] .

Kalman Iter Parameters Symbol  Unit Value

Gyroscope white noise rate random walk rate [rads 3?] 350 108
Gyroscope white noise angle random walk  angie [rads ¥?] 2191 10 °
Magnetometer standard deviation magn [T] 1:50 10 °
Sun sensor standard deviation sun [rad] 290 103

Table 7.7: Initial Kalman Iter estimates for ADCS simulations.

Spacecraft Parameters Unit  Value
Case | - Initial quaternion estimate [] [ 0:2958 0288 0:1557 0:8974]
Case Il - Initial quaternion estimate [-] [L00O0]

Cases | and Il - Initial body rotation estimate [rad/s] [0 0 0]

Discussion

By inspecting the results provided in Figures 7.2 and 7.3, it is clear that the determination algorithm is

able to converge the determination error to values below the 2 knowledge requirement, for Full Model
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