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Abstract

The preliminary structural sizing of a launcher is one of the fundamental steps in the design of
that vehicle. From the various subsystems that it comprises, along with the propulsion, it is the
structure the most conditioning one, since it defines the major percentage of the vehicle’s dry mass.
Consequently, one of the main goals in a launch vehicle project is to decrease its structural mass, in
order to maximize the ratio between the payload and the launcher’s total weight, thus also maximizing
the efficiency of each mission. Therefore, a preliminary structural analysis is essential in the design
optimization and it is the goal of this work. To begin with, a bibliographic revision is done, not only
about the structural components that form the launcher and their respective materials, but also about
the propellants that can be selected in this case. Next, those propellants and structural materials are
defined through trade-off studies: liquid oxygen and liquid methane as propellants; the aluminium alloy
2024 and the High Strength Carbon Fiber Composite as the materials. After that, the sizing is first
done with the aim of evaluating which are the general dimensions (length and diameter) that provide
the best aerodynamic characteristics to the launcher. Finally, having established the fineness ratio of
the vehicle, it is possible to determine the dimensional parameters of each structural element, utilizing
the Membrane Theory for shells of revolution. It is concluded that the vehicle has a lower mass than
initially estimated, meaning that there is a margin for future design iterations.
Keywords: Launcher, structural tanks, structural sizing, shells of revolution, Membrane Theory

1. Introduction

Once believed to be inaccessible, space travel is be-
coming more and more enticing and appealing to a
broader range of people. Year after year, the num-
ber of launches increases, edging closer the hun-
dredth mark. To a large extent, this is owed to
the fact that space exploration was once strictly the
business of government funded enterprises, whereas
now it has been opened up to private investors,
which has significantly ramped up the competition.
This of course means that each company strives
very hard to reduce the cost of each mission and
does so by improving the efficiency and capability
of their technology. This market has opened up a
large array of possibilities, seeing as any and every
improvement comes as an opportunity.

Omnidea, a portuguese SME performing research
in the aerospace and energy markets, picked up on
one such opportunity and committed itself to in-
vesting on the very first Portuguese launch vehicle.
The goal of this work is to perform a preliminary
design of a micro launch vehicle, intended to carry
50 kg of payload to an altitude of 360 km and to be
launched within the next 2 or 3 years. The main
parameters to be defined are the materials, layout,

structural sizing and structure-imposed limits.

An initial mission reference plan was provided by
Omnidea and was the basis of this work. Regard-
ing the operational requirements, the launcher will
be composed of two stages, use liquid propulsion
and its tanks will be internally pressurized to 0.5
MPa. About 7 engines are expected, 6 for the first
stage, with a length of 0.6 m, and 1 for the second,
with a length of 1 m, each weighing about 35 kg.
The remaining relevant requirements are presented
in Table 1.

Table 1: Operation requirements

Total ∆v 7698.9 m/s
First stage ∆v 3444.7 m/s
Second stage ∆v 4254.2 m/s
Total take-off mass 7590 kg
Total propellant mass 6891 kg
First stage propellant’s mass 6000 kg
Second stage propellant’s mass 891 kg
First stage dry mass 600 kg
Second stage dry mass 99 kg
Isp 340 s
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2. Background
To be able to size the structural components of the
vehicle, it is necessary to define the propellants (in
order to determine the tankage required) and the
materials to be used. The main structural compo-
nents of a launcher will be described, and the com-
monly used propellants and materials summarized.

2.1. Structural elements
The structural subsystem of a launch vehicle is com-
posed of various structures: tanks, intertanks, inter-
stages, skirts or other transition sections, fairings,
payload fittings and adapters as well as the engine
frame. These are considered the primary structures
[1] and were the focus of this work.

From the various components, the tanks are usu-
ally the ones that govern the structural design.
There are various tank geometries, as shown in Fig-
ure 1, and various configurations, as presented in
Figure 2. The decision between these options can
only be made when the main dimensions of the ve-
hicle are determined.

Figure 1: Possible tank geometric shapes [2].

Figure 2: Possible tank architectures [3].

Along with the tanks, the payload fairing is also
of significant importance since it is the structure
that protects the payload. It is usually a sand-
wich or stiffened conical or tapered shell [1]. The
adapters, as interstages, intertanks or skirts, are
also structural elements to take into account in the
design. As they are not directly exposed to the
propellants, they are usually cylindrical or conical
shells made of a composite material, taking advan-
tage of the low density of these materials [1].

2.2. Propellants
There are various types of propulsion, but in this
case a liquid propulsion system was chosen. The
available propellants are then divided into earth
storable or cryogenic ones.

Earth storable propellants, as the name it-
self indicates, can be stored at ambient tempera-
ture and pressure conditions. The most common

ones are kerosene fuel and hypergolic propellants
such as nitrogen tetroxide (N2O4), monomethyl-
hydrazine (MMH) or unsymmetrical dimethyl-
hydrazine (UDMH). The term hypergolic means
that the fuel and the oxidizer will spontaneously ig-
nite upon contact or mixture [4]. In contrast, cryo-
genic propellants, such as liquid oxygen or liquid
hydrogen, are liquefied fluids kept at very low tem-
perature [16-100 K] and at ambient pressure [4].

The performance varies largely not only accord-
ing to the type of propellants used but also to the
combination chosen. For instance, the pair liquid
oxygen/liquid hydrogen has a different performance
than the same oxidizer but combined with kerosene.

Another parameter that has to be studied is the
propellant feed system. There are currently two
types used: pressure-fed or pump-fed system. In
the case of a pressure-fed system, the tanks are pres-
surized above the chamber pressure, thus creating a
pressure differential that will force both the fuel and
the oxidizer into the combustion chamber. When it
comes to the pump-fed system, pumps are used to
conduct the propellants to the combustion cham-
ber.

2.3. Materials

There are various types of materials that can be
used in launch vehicles, from metallic alloys to com-
posites. Since it is important to comply with the
low mass requirements while simultaneously sup-
porting the mechanical and thermal loads resulting
from the operation of the vehicle, the selection of
these materials is a process that must be done care-
fully. In fact, the sizing of the vehicle cannot be
done without the prior selection of the materials
[1].

As of today, the aluminium is still the most com-
mon material found in aerospace structures [5], as
it is an abundant, light and corrosion resistant el-
ement [6]. The 2000-series aluminium alloy have
been the number one choice for the propellants
tanks [1]. Other series, like the 7000 are commonly
used in interstages and other structures not sub-
jected to low temperatures [1].

Steel and its alloys are also commonly used in
pressure vessels [7], being one of their main advan-
tages, their wide range of mechanical properties,
that can be obtained by choosing one of many com-
binations of alloy and heat treatment. Alloys such
as the 301 and the 310 were already used in oxygen
tanks, in the Atlas and Centaur rockets [8].

Composites are especially interesting due to their
low density when compared to metals and their high
strength. In fact, in the case of DC-XA’s liquid
hydrogen tank, NASA has claimed a reduction of
37% in its mass when compared to the same metal
tank previously constructed [1].
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3. Trade-off studies
To choose from the various available propellants
and materials, trade-off studies were used. The re-
sults are next presented.

3.1. Propellants selection
A list with the most common propellant combina-
tion and their properties is presented in Table 2 [9]
[3] [10].

Table 2: Common propellant characteristics
Specific

Impulse [s]
Density
[kg/m3]

Mixture
Ratio

Boiling
Point [◦C]

LOX / LH2 382 1140 / 71 5.50 -183 / -253
LOX / Kerosene 292 1140 / 806 2.60 -183 / 147
LOX / Methane 300 1140 / 423 3.00 -183 / -162
N2O4 / Aerozine 50 292 1450 / 903 2.00 21.0 / 70.0
N2O4 / MMH 288 1450 / 880 2.16 21.0 / 87.0
N2O4 / UDMH 285 1450 / 793 2.61 21.0 / 63.0

The parameters that were chosen to make a com-
parison between the various options were: specific
impulse, tank structural weight, complexity, avail-
ability, toxicity, cost, boiling point, required insula-
tion and reliability. A score was given to each pro-
pellant combination in each category and for each
feeding system. Some combinations were discarded
after evaluating their reliability and TRL. Table 3
presents the results.

Table 3: Propellants selection matrix
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Parameter Weight 0.25 0.25 0.1 0.1 0.1 0.05 0.05 0.05 0.05

Pressure fed
system

LOX/Methane 4 2 3 5 5 5 2 2 2 3.35
N2O4/Aerozine 50 3 4 5 2 1 2 4 4 5 3.30
N2O4/MMH 2 4 5 2 1 2 5 4 5 3.10
N2O4/UDMH 1 4 5 2 1 2 3 4 5 2.75

Pump fed
system

LOX/LH2 5 1 1 5 5 4 1 1 5 3.15
LOX/Kerosene 3 4 3 3 5 3 3 3 5 3.55
LOX/Methane 4 3 2 5 5 5 2 2 3 3.55
N2O4/UDMH 1 5 4 2 1 2 3 4 5 2.90

As Omnidea is interested in exploring their own
and new solution, and since this study did not ex-
clude the LOX/Methane combination, this was the
combination selected, along with a pump-fed sys-
tem.

3.2. Materials selection
The average properties of the commonly used ma-
terials are presented in Table 4 [3] [11] [12] [8] [13]
[14] [15]. With the exception of the carbon-carbon,
for which no information was found regarding its
fiber volume, the properties of the composites are
presented, in each case, for an unidirectional lam-
inate with an epoxy matrix and a 60% volume of
the respective fiber.

As it was done with the propellants choice, the
materials were analysed and compared, using a set
of parameters. The main characteristics that were
considered for the selection process were: specific

Table 4: Properties of some commonly used mate-
rials

Material type

Tensile

strength

[MPa]

Elastic

modulus

[GPa]

Density

[kg/m3]

Fracture

toughness

[MPa/
√

m]

Thermal

expansion

coefficient [10−6/K]

Maximum

service

temperature [C]

Aluminium Alloys 455-607 70 2750 20-31 23 200

Titanium Alloys 600-1000 100-125 4450 47-78 9 450

Beryllium Alloys ≈320 300 1860 172 11 600

Steel Alloys 515-1200 180-200 8000 30-140 16 850

Nickel Alloys 700-1500 190-215 8200 ≈100 15 800

Aramid fibers 3500 131 1400 1100 -2 440

Glass fibers 3320 79 1800 1700 3 970

HS carbon fibers ≈2100 120-150 1500 ≈4000 ≈0 2500

HM carbon fibers 1400-2300 >310 1600 ≈4000 ≈0 2500

Carbon-Carbon 200-260 90 1850 2500 1.1 2200

strength, stiffness, ease of manufacture, thermal
properties, fracture and fatigue resistance, stress
corrosion resistance and mechanical and chemical
compatibility [1] [5]. In addition, the cost also
played a role in the choice of the material. Since
the launcher is meant to be built in the next 2/3
years, only materials with a high TRL in the space
industry will be analysed, as it represents less de-
velopment times and lower costs in general.

In the case of the cryogenic propellants’ tank, the
only materials with high TRL are some aluminium
and steel alloys. The selection matrix is presented
in Table 5.

Table 5: Decision matrix for the tanks material
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0.3 0.15 0.1 0.1 0.1 0.25 1

Aluminium

alloys

2014 5 1 2 3 4 4 3.55

2024 5 2 3 3 4 4 3.80

2219 4 2 3 3 4 5 3.75

Steel alloys

A-301 1 4 5 5 5 4 3.40

A-310 1 5 5 5 5 4 3.55

A-321 1 4 5 5 5 4 3.40

For the adapters and payload fairing, some alu-
minium alloys and composites are eligible. Regard-
ing the composites, as their characteristics vary sig-
nificantly with various factors, the average proper-
ties presented in Table 4 were used. Table 6 presents
the selection matrix for the adapters. Although the
weights given to some parameters are slightly dif-
ferent in the case of the payload fairing, the results
were the same as for the adapters.

The material to be used in the tanks is therefore
the aluminium alloy 2024 and in the adapters and
fairing a High-Strength carbon fiber composite.

With the materials defined, it is possible to start
the sizing of the vehicle.

3



Table 6: Decision matrix for the adapters material
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0.30 0.15 0.1 0.1 0.1 0.25 1

Alloy 7050 3 3 3 3 4 5 3.60

Alloy 7075 3 3 3 3 4 5 3.60

Alloy 7175 3 3 3 3 4 5 3.60

HS Carbon Composite 5 5 5 5 5 4 4.75

4. Aerodynamic Analysis
4.1. Atmospheric Model

To be able to determine variables such as the Mach
number or the drag variation along the trajectory
(due to the decrease of air density with altitude) it
was important to establish an atmospheric model.
The ”U.S. Standard Atmosphere” not only seemed
to be the most commonly used but also the easiest
to compute since various linear expressions used for
altitudes up to 86 km are presented. For superior
altitudes, tables with analytical data that can be
interpolated are provided [16].

4.2. Aerodynamic loading

In this section it is considered that the forces which
will act on the launch vehicle are: thrust (T ), grav-
ity (W ) and drag (D). As the vehicle is not de-
signed to withstand significant transverse aerody-
namic loads, the angle of attack will be kept at, or
very close to, zero, which means that it can be ne-
glected [17]. Therefore, there will be no lift. From
these loads, the only one whose determination is not
immediate is the drag force the vehicle will have to
endure, which is one of the biggest constraints when
it comes to the vehicle’s sizing.

According to [18], there are two types of drag that
have to be considered for a launch vehicle: friction
and pressure drag. The latter is then divided into
base and forepressure. Friction drag is caused by
the viscous forces that act tangential to the body
surface, whereas base drag and forepressure drag
are the result of pressure forces acting normal to
the base and to the nose-cone, respectively. Since
friction drag depends on the total length of the mov-
ing body, and pressure drag depends on the frontal
area, with a constant volume, trying to decrease one
will result in an increase of the other, so a compro-
mise between the two must be found. The total drag
will be the sum of the various drag components, as
represented in Equation (1), where the subscripts
represent the friction, the base and the forepressure
drag components.

D = Df +Db +Dw (1)

There are various authors that present various
expressions to determine this force, so a research
was done and the various results compared. Table 7
presents the final expressions to be used.

Table 7: Expressions to be used to determine the
drag force coefficients

Coefficient Flow regime Expression to be used

Skin

friction

Subsonic incompressible - laminar Cfl = 1.328 ·ReL− 1
2 ·
(
Sw

Sref

)−1

Subsonic incompressible - turbulent Cft = 1/(3.46 logReL − 5.6)2

Subsonic compressible - laminar Cfl = 1.328 ·ReL− 1
2 ·
(
Sw

Sref

)−1

Subsonic compressible - turbulent Cfct
= Cft(1− 0.12M2)

Supersonic - laminar Cfsl
= 1.328 ·ReL− 1

2

[
1 + 0.730

(
γ−1
2

)
Pr

1
2M2

]ω−1
2

Supersonic - turbulent
sin−1 λ
λ

(
1 + γ−1

2 M2
)− 1

2 0.242 · Cfst
− 1

2

= log(Cfst
ReL)− 1+2ω

2 log
(
1 + γ−1

2 M2
)

Base

drag

Subsonic incompressible CDbsb
= 0.029 · CDfsb

− 1
2

Subsonic compressible CDbsb
= 0.029 · CDfc

(1−M2)
− 1

2

Transonic CDb
= 0.115 + (10M − 2)3 × 10−4

Supersonic CDbsp
= 0.255− 0.135 lnM

Hypersonic CDbh
= 0.019− 0.012(M − 5) + 0.1M−1

Forepressure

drag

Transonic CDwt
= A · (fn)−2

Supersonic CDws
= A ·M−2

Hypersonic CDwh
= 2 sin2 θc

Regarding the gravity acceleration at any altitude
from Earth, according to Newton’s Law of Universal
Gravitation, it is given by

g =
GM

r2
, (2)

where G=6.673 × 10−11 m3 kg−1 s−2 is the gravi-
tational constant, M is the product of Earth’s mass
M⊕=5.9723× 1024 kg and the vehicle’s massmtotal,
and r is the sum of the Earth’s radius R⊕=6378.137
km (here considered the equatorial radius) and the
altitude of the vehicle [19].

The gravity force depends both on the gravity ac-
celeration and the vehicle’s mass, which is in turn
influenced by its fineness ratio, i.e., the ratio be-
tween the length and the diameter. For the prelim-
inary assessment of the launcher sizing, both cylin-
drical and conical sections were considered thin-
walled shells. Therefore, the total mass was given
by the sum of Equation (3), Equation (4) and the
propellants mass, as presented in Equation (5). It
was admitted that the tanks were composed of
a cylindrical central part and two hemispherical
heads.

mbody = (ρm · t · Sbody) ·Mbody +Me

Sbody = 2πR · [(Lb − 8R) + 8R2]
(3)

mnose = (ρm · t · Snose) ·Mnose +MP

Snose = 2πR
√
L2
n +R2

(4)

mtotal = mbody +mnose +mpropellant (5)
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In these equations Mbody is a margin applied to
the body’s mass and has two different values: the
first one is 1.5 and represents the structural con-
nections, thermal insulation, ducts and other struc-
tures, whereas the second one is just 1.3 and it is
lower because it is applied only to the second stage,
after the first is ejected, so the interstage doesn’t
need to be accounted for any more [3]. Mnose is
1.15 and represents cables, avionics and fittings as
well as thermal insulation. As for the Sbody and
the Snose, they represent the surface areas of the
cylindrical and conical sections, respectively. MP

represents the payload’s mass (50 kg), Me is the
engines’ mass (35 kg each, for a total of 7) and ρm
the respective material density.

With all the external loading defined, it was pos-
sible to determine the main dimensions of the vehi-
cle.

4.3. Launcher Preliminary Sizing
The first step in the preliminary sizing process is to
assess any constraints related to manufacturing, lo-
gistics and ground operations. In this case, there is
one operational constraint, related to the transport
of the vehicle, since Omnidea has decided that it
is going to be transported to its launch site inside
containers, by ship. Therefore, each of the stages
separately need to fit in 40’ intermodal containers,
whose standard dimensions are approximately 3.4
m in width, 12 m in length and 2.4 m in height.
Considering a lengthwise margin of 0.5 m in each
side, for packaging and support, the length is then
limited to 11 m and the diameter to 2.4 m.

The overall vehicle sizing process begins with
defining the internal volume of the tanks as well
as of the payload fairing. The tanks volume is de-
termined knowing the propellants mass, presented
in Table 1. Since the data provided by Omnidea
regarding the payload concerned only its mass, re-
search was conducted about previously launched
small payloads and an average value for the re-
quired fairing volume was determined (about 0.42
m3). Adding the length of the engines, which is 1
m for the second stage engine and 0.6 m for the
first stage engines, it was finally possible to size the
vehicle. For this, the ideal fineness ratio (RF) had
to be determined.

It was expected that the ideal fineness ratio would
be different for different phases of the trajectory.
For example, during lift-off, as the velocity is very
low, the main concern is the vehicle’s mass, so the
best ratio is the one that leads to the lowest mass.
However, as velocity increases, so does the drag
force, which means that this has also to be taken
into consideration. The best fineness ratio is the
one that results in the best relation between the
weight and the drag force.

Considering the gravity and drag losses concern-

ing each fineness ratio, it was concluded that the
highest fineness ratio was the best solution, as it re-
sulted in minimum structural mass and drag force.
Since there is a maximum length for the first stage
and the radius is constant for the entire vehicle, the
maximum fineness ratio was 14.6. However, this
resulted in a higher dry mass than initially esti-
mated, so various iterations were needed, until the
final values for the dry mass and for the required
propellants mass were established. In the end, the
maximum fineness ratio decreased to 12.7, due to
the increase in the propellants mass and volume.
The dimensions that result from this process are
presented in Table 8.

Table 8: Dimensions of the launch vehicle
Vehicle section FR Length [m] Radius [m] Diameter [m]

Launch Vehicle 12.7 15.0 0.59 1.18

First stage 9.3 11.0 0.59 1.18

Second stage 3.4 4.0 (2.8+1.20) 0.59 1.18

5. Structural Sizing
Before the sizing of each component can be done,
the tanks architecture must be defined. In Section 2
various possibilities were presented, but with the
length and radius of the stages being defined, it
was possible to exclude some configurations, as the
outcentered one, since the vehicle will be too nar-
row for them. The various possible tank geometries
were therefore compared and the central configura-
tion was chosen, composed of cylindrical tanks with
spherical caps and a common bulkhead.

Regarding the external loading, during its flight,
the launcher will be subjected to various types of
loading, amongst which the most important for the
preliminary design are thrust, weight and drag. In
addition, the pressurized structures have to support
the stresses caused by the internal pressure. The
other loads, as the wind, acoustic or thermal loads
and mechanical vibrations require a more detailed
analysis and will be considered in a future design
iteration. For design purposes the longitudinal ac-
celeration imposed by the propulsion system can
be considered as statically applied, and so a static
structural analysis was conducted with the maxi-
mum values of each load being applied [20].

There are two critical moments during the vehi-
cle’s flight: the first is right before the launch itself,
when the inertial force is maximum, and the second
is after the speed of sound is reached, when the drag
force increases sharply and so does the compressive
force applied on the vehicle’s structure. After defin-
ing the critical loads, it was possible to start sizing
each component of the vehicle.

As the expressions used are theoretical approxi-
mations to the real case, the recommendations pre-
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sented in various standards were included in the
sizing of the launch vehicle, since they correlate the
theoretical expressions with experimental results.
Presently, there are efforts being made to create new
and updated standards, but in the meanwhile it is
the NASA SP set of documents that is commonly
used. In this case, the NASA SP-8007 and the
NASA SP-8032 were specifically used, since they
concern the buckling of thin-walled circular cylin-
ders and doubly curved thin-walled shells, respec-
tively. Both these standards relate their expressions
with the classical critical buckling stress, given by
[21]

σCL =
1√

3(1− ν2)

Et

R
. (6)

Additionally, according to ESA guidelines [22], a
factor of safety (FOS) must be applied to the sizing
loads, along with a project factor (KP) and a model
factor (KM), whose typical values are presented in
Table 9.

Table 9: Load factors
Factor Value

FOSY 1.1 to 1.25
FOSU 1.25 to 1.5
KP 1.0 to 1.3
KM 1.0 to 1.1

Regarding the application of the factors, the me-
chanical loads should be divided into two types:
destabilizing loads that can lead to buckling, such
as compressive loads or external pressure, and sta-
bilizing loads which increase the apparent stiffness
of the structure, as tension loads or internal pres-
sure. The recommendation is then to apply the
safety factor only to the destabilizing loads and to
keep the stabilizing ones at their limit value [23].

5.1. Analytical method
The main structures of the vehicle are considered
thin-walled shells, which are defined by their thick-
ness, that is small when compared to the other di-
mensions, and by a middle surface, which bisects
the thickness [21]. The stresses in these shells are
usually analysed according to the Membrane The-
ory, i.e., away from the ends where they are con-
nected with other elements, the bending can be ne-
glected and the only forces to support the external
loads are the membrane ones [21].

A shell of revolution is obtained by rotating a
curve about an axis, which is named a meridian.
Therefore, a shell element can be defined by two
coordinates: the angle θ which is the angular dis-
tance that identifies a meridian and the angle φ,
between a normal to the shell and its axis of rev-

olution. Therefore, the membrane stresses to be
determined are the meridian (σφ) and the circum-
ferential (hoop) (σθ) stresses.

5.1.1 Ogival shell
The fairing nose is an ogival shell, which is con-
sidered a pointed shell, i.e., the meridian does not
meet the axis of the shell at a right angle. For the
case where it supports its own weight, the stresses
are determined using [24]

σφ = −qRog

t

(cosφ0 − cosφ)− (φ− φ0) sinφ0
(sinφ− sinφ0) sinφ

σθ = − qRog

t sin2 φ
[(φ− φ0) sinφ0−

(cosφ0 − cosφ) + (sinφ− sinφ0) cosφ sinφ],

(7)

where Rog is the ogive radius.

5.1.2 Spherical Shell
The theoretical expressions concerning spherical
shells were applied to both ends of both tanks and
to the bulkheads. Because these elements are pro-
tected by an exterior structure, only their weight,
the weight of the fluid being supported and the in-
ternal pressure need to be considered as the load-
ing cases. According to [25], the hoop and merid-
ional stresses caused by the internal pressure are
the same,

σφ = σθ =
pR

2t
. (8)

Due to the spherical shell’s own weight the same
two stresses are [21] [25]

σφ = ± W

2πRt
· 1

1 + cos(φ)

σθ = ∓ W

2πRt
·
(

1

1 + cos(φ)
− cos(φ)

)
,

(9)

where the sign of the expression depends if an upper
or a lower dome is being considered. Finally, the
stresses caused by the fluid are [25]

σφ =
γR2

6t

(
2 +

2cos2φ

1 + cosφ

)
σθ =

γR2

6t

(
−2 +

(3 + 2cosφ)2cosφ

1 + cosφ

)
,

(10)

where γ is defined by

γ =
Wf

πd2 (R− d/3)
. (11)

If the spherical dome is filled, which was always
the case considered, d=R. Wf is the supported
fluid’s weight.
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In the case of the bulkheads, if the upper part
is not pressurized and the lower is, it will support
an external pressure, which leads to compressive
stresses. This means that a buckling analysis should
be made.

According to NASA SP-8032 [26], the classical
critical buckling pressure for a spherical cap under
external pressure is

pCL =
2

[3(1− ν2)]1/2
E

(
t

R

)2

. (12)

The critical buckling pressure is then a function
of the classical value,

pcr =λ · pCL

λ = [12(1− ν2)]
1
4

(
R

t

) 1
2

2 sin
φ

2

(13)

In this case, φ is half the angle included (45o for a
dome).

5.1.3 Cylindrical Shells
Although a cylindrical shell is also a shell of revo-
lution, it is often separated from the others, since
in this case a straight line, not a curved one, is be-
ing rotated around an axis [24]. A shell element is
now defined not by two angles, but by a x coordi-
nate and an angle φ. The membrane stresses will
therefore be an axial stress σa and the hoop stress
σh.

To size the cylindrical elements, the total weight
that they support must be determined. The total
supported mass is the fairing mass, multiplied by
a factor of 1.15 as explained before, plus the pay-
load mass, plus the spherical domes, bulkheads and
adapters applicable to each case.

The total axial stress due to external axial load-
ing is

σa =
Pa

A
(14)

where Pa is the axial force and A the projected area.
In addition, the bending moment (Mb) caused by

lateral loads (Pl) should also be considered. It is the
sum of two components: the mass that the stage
supports above itself (mupp) times its length plus
the stage’s structural mass (mstr) times the length
up to its gravity center. Both terms are then mul-
tiplied by the lateral acceleration (gl), as presented
in Equation (15). A commonly recommended lat-
eral acceleration for the design process is 2g so this
value is used [27] [28] [29],

Mb = gl (muppL+mstrhCG) . (15)

For the cylindrical shell, the second moment of
area (I) is equal to πR3t and its projected area (A)

to 2πRt. The final expression for the axial stress
due to external loads (σa) is

σa =
Pa

A
+
MbR

I
. (16)

Along with the external forces, the internal pres-
sure must also be part of this analysis. Considering
an uniform internal pressure, the membrane theory
yields for the axial and hoop stresses [21]

σa =
pR

2t

σh =
pR

t
.

(17)

The buckling analysis, in case it is necessary,
can be done using NASA SP-8007. This standard
states that for circular cylinders in axial compres-
sion buckling coincides with the structural collapse,
which makes the buckling stress the dimensioning
parameter [30]. It also asserts that the total com-
pressive load must be greater than the tensile pres-
surization load (πpR2) so that buckling can occur
and that the destabilizing effects of initial imperfec-
tions are reduced by pressurization [30].

The critical buckling stress, in the case of simul-
taneous axial compression and internal pressuriza-
tion, according to this standard, is [30] [23]

σSP8007
cr =

Et

R

(
γ√

3(1− ν2)
+ ∆γ

)
+
pR

2t

γ = 1− 0.901
(

1− e− 1
16

√
R
t

)
∆γ = 0.24

(
1− e−3 p

E (R
t )

2)0.75
,

(18)

and for an internally pressurized circular cylinder
supporting bending stresses,

σSP8007
crb

=
Et

R

(
γ√

3(1− ν2)
+ ∆γ

)
+ 0.8

pR

2t

γ = 1− 0.731
(

1− e− 1
16

√
R
t

)
∆γ = 0.24

(
1− e−3 p

E (R
t )

2)0.75
.

(19)

Finally, for the combination of the axial and
bending loads, the standard proposes a linear re-
lation

σcra/b
σcra

+
σcra/b
σcrb

= 1 (20)

The membrane stresses were determined with
these expressions and the structural sizing per-
formed, taking into account that the minimum
thickness that can be manufactured was considered
to be 1 mm.
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5.2. Results

The results obtained using the analytical expres-
sions are next presented and compared to the ones
obtained by a numerical simulation, which was done
using the Ansys software.

When calculating the minimum thickness re-
quired, it was concluded that, due to the charac-
teristics of the chosen materials, most components
need a thickness inferior to 1 mm to support the
loads being applied. Table 10 summarizes the ana-
lytical results for the second stage and Table 11 for
the first stage.

Table 10: Second stage component’s thickness and
mass

Component
Minimum
thickness

[mm]

Design
thickness

[mm]

Structural
mass
[kg]

Fairing 0.02 1 4.7
Forward skirt 1.3 1.3 4.3
Upper dome 0.6 1 6.1
Bulkhead 3.5 3.5 17.4
Cylinder 0.6 1 7.9
Lower dome 0.3 1 6.1

Total 46.5

Table 11: First stage component’s thickness and
mass

Component
Minimum
thickness

[mm]

Design
thickness

[mm]

Structural
mass
[kg]

Interstage 1.5 1.5 19.2
Upper dome 0.6 1 6.1
Bulkhead 3.9 3.9 23.7
Upper cylinder 0.6 1 46.4
Lower dome 0.4 1 48.4

Total 149.9

Since the adapters were sized as well and their
mass determined, the margin used for the second
stage mass decreases from 1.3 to 1.2 and for the
first stage from 1.5 to 1.3. The mass margin for the
payload and adapters is kept at 1.15.

Including the margins and adding the mass of
one engine and of the payload to the second stage’s
structural mass, the total dry mass is 140.4 kg,
which is 0.4 kg above the estimated. However, if
it is established that the lower tank cannot be pres-
surized before the upper one is, then it is possible
to reduce the mass of the bulkhead to the same
6.1 kg as the other domes, as there will be no buck-
ling, thus saving 11.3 kg. This would mean that the
stage’s mass would be within the expected value.

Regarding the first stage, six engines need to be
added, which result in a dry mass of 402 kg, a value
below the estimated 580 kg. Additionally, as for the
second stage bulkhead, if it is again defined that the
lower stage cannot be pressurized when the upper
one is not, it is possible to save 17.6 kg.

The results of the numerical analysis are pre-
sented in Table 12, for the second stage, and Ta-
ble 13, for the first stage. It is possible to conclude
that both the analytical and numerical results are
in agreement.

Table 12: Comparison of the analytical and numer-
ical results for the second stage tanks components

Component Stress Analytical Numerical Relative error

Fairing nose
σφmax -31.82 -33.63 5.69%
σθmax 12.73 11.82 7.15%

Forward skirt σφmax -23.00 -22.88 0.52%

Upper dome
σφmax 147.42 147.46 0.03%
σθmax 147.58 147.64 0.04%

Bulkhead
σφmax -41.13 -41.01 0.29%
σθmax -43.15 -42.38 1.78%

Central cylinder
σamax 122.33 122.25 0.07 %
σθmax 295.00 294.89 0.04%

Lower Dome
σφmax 150.83 150.71 0.08%
σθmax 152.41 152.07 0.22%

Table 13: Comparison of the analytical and numer-
ical results for the first stage tanks components

Component Stress Analytical Numerical Relative error

Interstage σamax -32.90 -31.65 3.80%

Upper dome
σφmax 147.42 147.46 0.03%
σθmax 147.58 147.64 0.04%

Upper Cylinder
σamax 99.19 106.60 7.47%
σθmax 295.00 293.36 0.56%

Bulkhead
σφmax -30.97 -30.88 0.29%
σθmax -44.67 -32.11 28.12 %

Lower Cylinder
σamax -90.74 105.89 16.7%
σθmax 295.00 294.05 0.32%

Lower Dome
σφmax 171.52 171.37 0.09%
σθmax 183.45 172.71 5.85%

The error in the fairing could be due to the mem-
brane theory’s available formula for ogives, since it
concerns dead loads, which would be its own weight
in this case. However, this formula was used to ap-
proximate the effects of the drag force as well.

The error in the first stage cylinders’ axial stress
is also higher than in other cases, because the bend-
ing moment caused by the supported mass is not
properly considered numerically. A numerical anal-
ysis of the entire vehicle would allow a more accu-
rate simulation. It is possible to observe that the
higher the supported mass, the bigger the bending
moment and thus the error.

As for the bulkhead and the lower dome, the er-
ror is mainly due to the analytical expressions valid-
ity. In the analytical method, for a fully filled half
sphere, it is considered that the stresses are being
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calculated at the surface of the fluid, where the for-
mulas are not fully valid. Besides, it is assumed
that the entire weight of the fluid is contained in
the dome, which is not true since part of the pro-
pellant is contained above it. The higher the pro-
pellant weight and its free surface above the dome,
the higher the error.

6. Conclusions
The main focus of this project was the dimensioning
of a launch vehicles primary structures, which was
concluded through usage of the Membrane Theory
for shells and the numerical software Ansys. Af-
ter doing a comparison of the results obtained from
both methods, they mostly seem to be in agree-
ment. In the end, the vehicle’s dimensions result
in a lower dry mass than the estimated one. This
means that there are two options for the next de-
sign iteration. The first is to reduce the propellant
quantity, which would result in smaller tanks and
could possible lead to the increase of the fineness
ratio. This would also lead to lower drag losses,
potentially further decreasing the propellants mass
needed. The second option would be to keep the
same configuration, increasing the payload that the
vehicle could carry to the intended orbit.

It is concluded that the launcher’s design ob-
tained in this work can be used to accomplish the
functional requirements set by Omnidea.

6.1. Future Work
As the various subsystems of a launch vehicle are
dependent upon each other, this work, a prelim-
inary sizing, cannot be independent from all the
other subsystems designs. Therefore, the next step
is to relate these results with the mission reference
plan previously determined and repeat it if neces-
sary.

As for the parts made from composite materi-
als, the calculations presented throughout this work
assumed that the material was isotropic and pos-
sessing properties roughly equivalent to those of a
high-strength carbon composite. However, this is a
highly idealised scenario, so a more rigorous study
should be made about the properties of the mate-
rial, along with a repetition of the structural anal-
ysis. This could possibly allow the decrease of the
payload and forward skirt masses, since the mini-
mum thickness of 1 mm was considered and it may
not be adequate for this material.

Regarding the structural components, one could
also make a more detailed study of the fairing. For
instance, the advantages resulting from blunting the
nose, or the possibility of choosing one of the other
available geometries should be carefully evaluated.
Also, after the engine is fully defined, the thrust
frame should be taken into account. Moreover,
the propellant management devices, the separation

mechanisms and the connections, such as welds or
bolts to be used, must be defined. With the connec-
tions established, a numerical analysis of the entire
vehicle is important to evaluate the load concentra-
tion and the interaction between the various parts.

Finally, to conclude the design phase, the remain-
ing load sources (as the shocks, operational and
transportation loads) must be included for a more
thorough analysis and accurate results. Addition-
ally, a modal analysis should be performed to eval-
uate if the vehicle is able to support the vibrations
to which it will be subjected. As the iterative de-
sign of the vehicle matures, the safety and project
coefficients can be decreased, leading to the final
design of the vehicle, which can then be moved to
the testing and refinement phase.
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